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PREFACE 
The o b j e c t i v e s  of t h e  j o i n t  NASA/Air Force Vorllex Flow Aerodynamics conference 
he ld  a t  NASA Langley Research Center October 8-60, 1985, were t o  d iscuss  f l u i d  me- 
chanics  and aerodynamics of leading-edge vo r t ex  flows and vor tex  f l a p s .  Papers were 
presen ted  by r e sea rche r s  from t h e  U.S. A i r  Force,  NASA, i n d u s t r y ,  and u n i v e r s i t i e s .  
The conference was organized i n  seven se s s ions  as fol lows:  
Overview 
Vortex Theory 1 
Vortex Experiment 
Vortex Flap Analysis  and Design 
Vortex Theory 2 
Vortex Flap Configurat ion Aerodynamics 
Vortex Flap Appl ica t ions  
The proceedings a r e  published i n  t h r e e  volumes as fo l lows  because of t h e  range 
of c l a s s i f i c a t i o n s :  
Volume I ,  Unc la s s i f i ed  (NASA CP-2416) 
Volume 11, Unc la s s i f i ed ,  ITAR r e s t r i c t e d  (NASA CP-2417) 
Volume 111, Conf iden t i a l  (NASA CP-2418) 
Appreciat ion i s  expressed t o  t h e  Langley/Wright Aeronaut ica l  Labora tor ies  com- 
mi t t ee ,  which developed t h e  s t r u c t u r e  of t h e  conference and s e l e c t e d  and reviewed pa- 
pers ,  t o  t h e  s e s s i o n  chairmen and speakers ,  who con t r ibu t ed  t o  t he  t e c h n i c a l  q u a l i t y  
of t he  conference,  and t o  t he  many ind iv idua l s  who con t r ibu t ed  t o  the  a d m i n i s t r a t i v e  
and l o g i s t i c  success  of t h e  conference. The a s s i s t a n c e  of t h e  Research Information 
and Appl ica t ions  D iv i s ion  of t h e  NASA Langley Research Center i n  publ i sh ing  these  
proceedings is  a l s o  g r a t e f u l l y  acknowledged. A l i s t  of a t t endees  i s  included a t  t h e  
end of t h i s  document. 
James F, Campbell 
Russe l l  F. Osborn 
Jerome T, Foughner, Jr . 
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VORTEX LIFT RESEARCH: 
EARLY C Q N T R I B U T T O ~ S  AND SOME CURRENT CHALLENGES 
Edward C. Pol hamus 
NASA Langley Research Center 
Hampton, Vi i -gi n i  a 
SUMMARY 
Th is  paper b r i e f l y  reviews the t rend  towards slender-wing a i r c r a f t  f o r  
supersonic c r u i s e  and the  e a r l y  chronology o f  research d i r e c t e d  towards t h e i r  vor tex-  
1 i f t  c h a r a c t e r i s t i c s .  An overview o f  the devel opment o f  vortex-1 i f t  t h e o r e t i c a l  
methods i s  presented, and some c u r r e n t  computational and experimental chal lenges 
r e l a t e d  t o  the viscous f l ow  aspects o f  t h i s  vor tex  f l ow  are  discussed. 
INTRODUCTION 
Beginning w i t h  the  f i r s t  successful c o n t r o l  1 ed f l  i ghts o f  powered a i r c r a f t ,  
there  has been a con t i nu ing  quest f o r  ever- increasing speed, w i t h  supersonic f l i g h t  
emerging as one o f  the  e a r l y  goal s. The advantage o f  j e t  p ropu ls ion  was recognized 
ea r l y ,  and by the l a t e  1930's j e t  engines were i n  operat ion i n  several countr ies.  
High-speed wing design lagged somewhat behind, b u t  by the  mid 1940's i t  was genera l l y  
accepted t h a t  supersonic f l i g h t  cou ld  bes t  be accomplished by the  now well-known 
h i g h l y  swept wing, o f t e n  r e f e r r e d  t o  as a "slender" wing. It was a1 so found t h a t  
these wings tended t o  e x h i b i t  a new type o f  f l ow  i n  which a h i g h l y  s tab le  vor tex  was 
formed along the  lead ing  edge, producing l a r g e  increases i n  l i f t  r e f e r r e d  t o  as 
vor tex  l i f t .  As t h i s  vor tex  f l ow  phenomenon became b e t t e r  understood, i t  was added 
t o  the  designers'  op t ions  and i s  t he  sub jec t  o f  t h i s  conference. 
The purpose o f  t h i s  overview paper i s  t o  b r i e f l y  summarize the ea r l y  chronology 
of the  development of s l  ender-wi ng aerodynamic techno1 ogy, w i  t h  emphasis on vor tex  
l i f t research a t  Langley, and t o  discuss some cu r ren t  computational and experimental 
challenges. 
TOWARDS SLENUER- W I  NG A1 RCRAFT 
I j o i n e d  the  Langley s t a f f  i n  J u l y  o f  1944, s h o r t l y  a f t e r  A l l i e d  p i l o t s  had 
f i r s t  encountered the  German swept wing Me 262 j e t  f i g h t e r  shown i n  f i g u r e  1. Since 
pro to type j e t  a i r c r a f t  had been b u i l t  and f lown prev ious ly  by the Germans, B r i t i s h ,  
and Americans, the most s u r p r i s i n g  fea ture  o f  the  Me 262 was i t s  sweptback wing which 
con t r i bu ted  t o  a speed advantage through a de1 ay o f  the  onset o f  compress ib i l i t y  drag 
- a b e n e f i t  o f  sweep n o t  understood i n  the A l l i e d  na t ions  a t  the time. Although the  
18' o f  sweepback was the  f o r t u i t o u s  r e s u l t  o f  a design change, i n  1940, t o  f i x  a 
eenter -o f -g rav i  ly problem, German researchers had,  that same year,  demonstrated i n  
the wind tunnel t h a t  Busemann's 1935 supersonic swept wing theory ( r e f *  I.) a1 so 
appl i ed t o  subsonic compressi b i  1 i t y  e f f e c t s  ( r e f .  2)  and immedi a t e l y  began the  design 
o f  more h i g h l y  swept wings f o r  the Me 262. Thus, the Me 262 program represents the  
genesi s o f  the t r e n d  t o ~ a r d s  s l  ender-wi ng supersonic a i  r c r a f t  as i 11 u s t r a t e d  i n  
f i g u r e  2. The Me 262 had f i r s t  f lown i n  1942, and advanced vers ions i nco rpo ra t i ng  
wings w i  t k  sweep angles as h igh  as 50' were s tud ied  ( r e f .  3 ) .  A 40' sweep version, 
shown i n  f i g u r e  2, had been tes ted  i n  a German wind tunnel i n  1941 and reached the  
pro to type stage i n  e a r l y  1945 b u t  was acc iden ta l l y  destroyed on the runway before i t s  
f i r s t  f l i g h t  ( r e f .  4 ) .  
H igh l y  swept del t a  wings were a1 so being s tud ied  i n  Germany b u t  none reached the 
powered pro to type stage, and the  conclus ion o f  t he  war brought an end t o  the  studies.  
The b e n e f i t  o f  sweep w i t h  regard t o  high-speed f l i g h t  remained a mystery ou ts ide  
o f  Germany u n t i l  January 1945 when R. T. Jones o f  the Langley Research Center 
completed a t h e o r e t i c a l  study i n  which he demonstrated, independent of Busemann' s 
work, t h a t  wing pressure d i s t r i b u t i o n s  are  determined s o l e l y  by the  "component of 
motion i n  a d i r e c t i o n  normal t o  t he  l ead ing  edge." He f u r t h e r  po in ted  o u t  t h a t  f o r  
e f f i c i e n t  supersonic f l i g h t ,  the  wing should be swept behind the  Mach cone w i t h  the  
sweep angle being such t h a t  t he  normal component o f  v e l o c i t y  i s  be1 ow the  a i  r f o i  1 ' s 
c r i  ti ca1 speed ( r e f .  5 1. 
Jones' t h e o r e t i c a l  work and the subsequent acqu is i  t i o n  o f  German swept wing data 
s t imu la ted  extensive swept wing research programs a t  Langley and Ames and a i r c r a f t  
development programs w i t h i n  the  A i r  Force and indus t ry .  Two o f  the e a r l y  U. S. 
a i r c r a f t  u t i l i z i n g  the  concept are shown on the r i g h t  o f  f i g u r e  2. I n  1947 the  ~ o r t h  
American XP-86, which u t i l i z e d  some of the  40' swept wing data from the Me 262 
program, made i t s  f i r s t  f l i g h t  and became the  f i r s t  o f  a 1 ong 1 i ne o f  swept wing j e t s  
opt imized f o r  h igh  subsonic c r u i s e  and capable o f  supersonic dash ( r e f .  6).  The 
Convair XF-92A, which f i r s t  f l ew  i n  1948, represents the  beginning o f  t he  evo lu t i on  
o f  the s lender wings des i rab le  f o r  e f f i c i e n t  supersonic c r u i s e  o f  i n t e r e s t  t o  t h i s  
paper ( r e f .  7 ) .  
While the  slender wing combined w i t h  the  j e t  engine made supersonic f l i g h t  
p r a c t i c a l ,  i t s  high-speed b e n e f i t s  d i d  n o t  come w i thou t  a s a c r i f i c e  i n  subsonic 
c a p a b i l i t i e s .  It was, o f  course, recognized e a r l y  t h a t  the slender, low-aspect r a t i o  
p l  anforms requ i  red  f o r  e f f i c i e n t  supersonic f l  i ght  p rov i  ded extremely poor subsonic 
performance due t o  t h e i r  h igh  l e v e l  o f  induced drag. The i r  1 i f t  g rad ien t  was low, 
and i t  was found t h a t  the e f fec t iveness  o f  convent ional h i  gh-1 i f t  f low c o n t r o l  
devices was poor. I t  was obvious t h a t  new design approaches were needed. 
For those a i r c r a f t  missions r e q u i r i n g  very h igh  l e v e l s  o f  both subsonic and 
supersonic performance, the most obvious s o l u t i o n  was the appl i c a t i o n  o f  ad jus tab le  
p l  anform geometry i n  the  form o f  va r i ab le  sweep. The f i r s t  wind tunnel study of 
symmetrical va r i ab le  sweep appears t o  be t h a t  c a r r i e d  ou t  i n  Langley 's  300-MPH, 7- by 
1 0 - f t  High-Speed Tunnel beginning i n  1946. Fur ther  a n a l y t i c a l  research and experiments 
i n  t he  7- by 1 0 - f t  High-Speed Tunnel i n  1958 prov ided t h e  v a r i a b l e  sweep concept t h a t  
l e d  t o  t he  F-111, F-14, and B - 1  a i r c r a f t  (see r e f s .  8 and 9 f o r  rev iews).  
THE DISCOVERY OF VORTEX LIFT 
Another important  event r e l a t e d  t o  the a p p l i c a t i o n  o f  slender-wing b e n e f i t s  t o  
supersonic a i r c r a f t  a1 so took glace i n  1946 when researchers a% lang ley  discovered a 
Plow phenomenon t h a t  was t o  p lay  an important  r o l e  i n  the design o f  f i x e d  planform 
s l  ender-wing a i r c r a f t  no t  r e q u i r i n g  the h igh  degree o f  mu1 t i m i  ss ion  capabi l  i t y  
o t f e r e d  by va r iab le  sweep. Th is  phenomenon was the  leading-edge vor tex f lo r r  which i s  
the sub jec t  o f  Lhi  s conference. 
The sequence o f  events lead ing t o  t h i s  discovery began i n  1945 when American 
aerodynami s t s  surveyi ng German aeronautical developments deci ded t h a t  the  L i  ppi sch 
h i g h l y  swept d e l t a  wing D M - I  t e s t  g l i de r ,  shown on the  l e f t  i n  f i g u r e  3, should be 
shipped t o  lang! ey f o r  t e s t s  5 n the  F u l l  -Scale Tunnel . The Germans had planned t o  
use the DM-P f o r  f l i g h t  s tudies o f  the  low-speed c h a r a c t e r i s t i c s  o f  a proposed 
supersonic a i r c r a f t  ( r e f s .  10 and 11). While the  American team recognized t h a t  t he  
wing was too t h i c k  f o r  e f f i c i e n t  supersonic f l i g h t ,  they f e l t  t h a t  i t  o f f e r e d  an 
e a r l y  opportuni ty t o  study the  1 ow-speed c h a r a c t e r i s t i c s  o f  h i g h l y  swept del t a  wings 
under f u l l - s c a l e  cond i t ions  and arrangements were i n i t i a t e d  by a l e t t e r  dated 
November 17, 1945 (Uni ted States A i r  Force i n  Europe t o  Commanding General, Arny A i r  
Forces, Washington, D .C., 1945). 
The g l i d e r  a r r i v e d  a t  Langley ea r l y  i n  1946 and i s  shown i n  the  Fu l l -Sca le  
Tunnel on the  r i g h t  o f  f i g u r e  3. It w i l l  be noted t h a t  several changes had been 
made, and the  sharp lead ing edge shown i n  the  photograph was the  r e s u l t  o f  Langley 
research t o  improve the  h igh  l i f t  charac te r i s t i cs .  The Langley study, reported by 
Wilson and Love11 ( r e f .  12), discovered t h a t  the maximum l i f t  o f  the o r i g i n a l  round 
1 eadi ng-edge con f igu ra t i on  was considerably 1 ower than t h a t  ob ta i  ned on simi 1 ar  w i  ngs 
prev ious ly  tes ted a t  low Reynolds numbers i n  Germany and a t  Langl ey. A small model 
was qu ick l y  b u i l t  and i t s  f l ow  c h a r a c t e r i s t i c s  studied. It was found t h a t  a t  low 
Reynolds numbers, laminar  separat ion occurred a t  the  lead ing edge, and a strong 
vor tex developed which produced l a r g e  l i f t  increments. It was then reasoned t h a t  a 
sharp lead ing edge would produce a s i m i l a r  f low even a t  h igh  Reynolds numbers, and 
the DM-1 was modi f ied  as shown. The r e s u l t s  shown i n  f i g u r e  4 produced l a r g e  vor tex  
1 i f t  increments which o f f e r e d  a s o l u t i o n  t o  the  slender-wi ng h igh  angle-of-attack 
l i f t  c a p a b i l i t y  problem. The i r  research provided the  f i r s t  i n s i g h t  on the e f f e c t s  o f  
1 eadi ng-edge rad ius  and Reynol ds number on vor tex 1 i ft. A "cross- f  1 ow separat ion" 
model o f  t he  vor tex f l ow  was a1 so proposed i n  t h e i r  paper. A1 though t h i s  research 
remained under a secu r i t y  c l a s s i f i c a t i o n  f o r  f ou r  years, i t  d i d  provide a st imulus 
f o r  add i t i ona l  research a t  Langley and Ames and i n t e r e s t  w i t h i n  the  A i r  Force and the  
a i r c r a f t  industry.  Much o f  the  i n t e r n a t i o n a l  i n t e r e s t  i n  vor tex  f low was generated 
somewhat 1 a t e r  through i t s  i ndependent discovery by French researchers d u r i  ng s tud ies  
c a r r i e d  o u t  i n  1951 and 1952, c lose ly  fo l lowed by r e l a t e d  research i n  Great B r i t a i n  
( r e f s .  13 and 14). 
THE CONTROLLED SEPARATION CONCEPT 
Two of the primary c h a r a c t e r i s t i c s  o f  slender wings are i l l u s t r a t e d  i n  f i g u r e  
5. One o f  the  primary d r i v i n g  forces i n  the  designers se lec t i on  o f  a slender wing 
f o r  supersonic c r u i s e  i s  the reduct ion  i n  l i f t - dependen t  drag shown on the l e f t  f o r  a 
Mach number o f  2.5. As po in ted o u t  by both Busemann ( r e f .  1 )  and Jones ( r e f .  51, 
sweeping the  lead ing edge behind the  Mach cone provides a subsonic type f l ow  w i t h  
upwash mani fes t ing  i t s e l f  as a leading-edge t h r u s t  e f f e c t ,  as long as the  f l ow  
remains attached, which more than o f f s e t s  the adverse e f f e c t  o f  aspect r a t i o  
reduct ion.  However, as shown on the  r i g h t ,  attached f l o ~  theory pred ic ted the 
subsonic l i f t  c a p a b i l i t y  t o  be very low f o r  a slender wing, The wing shown has a 
sweep s f  75' selected f o r  a c r u i s e  p o i n t  o f  about M=2,5. I f ,  however, the f l ow  
separates at. the  3 eadi ng edge, vor tex f low devel ops, and la rge  vo r tex - l  i f  $ i ncrements 
are a t ta ined.  Th is  l i f t ,  associated w i t h  the l a rge  mass o f  a i r  accelerated d o ~ n g a r d  
by the nonglanar vor tex  sheets, g r e a t l y  re1 ieves "che l i f t  de f i c i ency  o f  slender wings 
w i t h  at tached f low,  With a sharp l e a d i  ng edge, t he  separat ion occurs simultaneously 
a3 ong t h e  edge and, thereby, e l  i m i  nates the spanwi se s t a l l  progression which produces 
var ious s t a b i l i w  and con t ro l  problems. I n  add i t ion ,  vortex-induced reattachment 
del ays t r a i l  i ny-edge separation. Competing w i t h  these advantages, o f  course, i s  the 
increased drag r e s u l t i n g  from the 1 oss o f  1 eadi ng-edge t h r u s t .  
The above slender-wing c h a r a c t e r i s t i c s  l e d  t o  a new a i r c r a f t  design concept 
which departed from the t ime honored "at tached f low"  wing design f o r  c e r t a i n  f l i g h t  
condi ti ons. B a s i c a l l y  , t h i  s concept consi s ted  o f  desi gni ng the  wing f o r  at tached 
flow a t  supersonic c r u i s e  cond i t ions  us ing  concepts such as con ica l  camber w i t h  
pressure components p rov id ing  the leading-edge t h r u s t  e f f e c t  b u t  a1 1 owing the  f l ow  t o  
separate a t  the l ead ing  edge and generate vor tex  l i f t  t o  prov ide  the  low-speed l i f t  
requi red.  This  simp1 i f i e d  the wing design by reducing the  need f o r  leading-  and 
t r a i  1 i ng-edge h i  gh-1 i f t  f l  ow-control devi ces-devi ces which are 
on h i g h l y  swe and increase omplexi ty and weight. 
The U. S. supersonic del ta-wing a i r c r a f t  designed i n  the  mid 1950's t o  the  e a r l y  
1960's u t i l i z e d  t h i s  approach t o  var ious degrees as i l l u s t r a t e d  i n  f i g u r e  6 w i t h  a 
photograph o f  the  B-70 i n  the  land ing  mode. The photograph, taken around 1965, 
i 11 u s t r a t e s  the s t rong 1 eadi ng-edge v o r t i c e s  generated by the  t h i n ,  65.5' del t a  wing 
and made v i  s ib1 e by na tura l  condensation. However, dur ing  t h i s  period, NASA's basic  
and appl i ed research on 1 eadi ng-edge vor tex f l  ows 1 agged consi derably behi nd t h a t  o f  
Great B r i t a i n  and France where researchers were en thus ias t i c  over what many o f  them 
described as the  "new aerodynamics." I n  1962, an agreement was signed between the  
B r i t i s h  and French t o  develop a supersonic commercial t ranspor t ,  and they soon agreed 
on the  now we1 l-known slender ogee-del t a  wing p l  anform w i t h  the design based on the  
" con t ro l  1 ed f l ow  separat ion"  concept. They improved the  appl i c a t i o n  o f  the design 
concept by d e t a i l e d  t a i l o r i n g  o f  the  wing warp and p l  anform t o  improve the 
performance o f  both the  a t  f l  ow and ow modes as we l l  as the  t r a n s i t i o n  
mode. 
The r e s u l t  o f  t h i s  extensive development program was the  remarkable "Concorde" 
supersonic commercial t r anspor t  which i s  s t i l l  the only  supersonic t ranspor t  i n  
regu la r  passenger service, although the  Soviets  are undoubtedly amassing considerable 
experience i n  t h e i r  TU-144 f l i g h t  programs. For  d e t a i l s  o f  the "Concorde" 
development, the reader i s  r e f e r r e d  t o  references 14 and 15. 
RENEWED LANGLEY INTEREST 
Langl ey research re1 a ted  t o  vor tex  1 i f t  began t o  accelerate i n  the  mid 1960's. 
Con t r i bu t i ng  t o  t h i s  acce le ra t i on  was the  i n t e r e s t  generated by the  extensive 
research i n  France and Great B r i t a i n  i n  support of the Concorde, growing i n t e r e s t  i n  
supersonic c r u i s e  a i r c r a f t  and l i g h t w e i g h t  h i g h l y  maneuverable f i g h t e r  a i r c r a f t ,  and 
the  development a t  Langl ey of a three-dimensional t h e o r e t i c a l  approach t h a t  prov ided 
an improved understanding o f  1 eadi ng-edge vor tex  f lows f o r  a r b i t r a r y  p l  anforms. 
Vor tex-L i  f t  Theory Uevel opment 
The three-dimensional theory referred t o  above i s  the leading-edge suc t i on  
analogy developed ad Langley i n  1966 ( r e f .  161, P r i o r  t o  t h i s  development, the  
t h e o r e t i c a l  approaches were general l y  eon f i  ned t o  s l  ender-wi ng coni ca9 f 4 ow 
approximations i n  order  t o  simpl i fy the  nonl i near system o f  equat ions resu l  t i  ng from 
the  f a c t  t h a t  n e i t h e r  the  s t rength  o r  shape o f  the  f r e e  vor tex  sheet i s  known* 
A chronology o f  some o f  t he  advances t h a t  have been made i n  the  development o f  
t h e o r e t i  ca l  methods f o r  p red i  c t i  ng the  aerodynamics o f  sharp-edged slender w i  ngs 
having IoabS ng-edge vor tex  f l ow  i s  presented i n  f i g u r e  7. The t o t a l  l i f t  devel oped 
on a E6'del  t a  w i  ng as a f u n c t i o n  o f  angle o f  a t tack  i s  used t o  i 11 u s t r a t e  the 
advances t h a t  have been made, and both experimental measurements and attached f l o w  
c a l c u l a t i o n s  are inc luded f o r  comparison purposes. Shown a re  th ree  o f  the  con ica l  
f 1 ow t h e o r i e s  and two o f  t he  nonconical , o r  three-dimensional , theor ies  . 
The f i r s t  mathematical model o f  t he  vor tex f l ow  was proposed and i nves t i ga ted  by 
Legendre a t  ONERA i n  France i n  1952 ( r e f .  17).  Using a slender-body approach, he 
represented the leading-edge vo r tex  sheets by two i s o l a t e d  v o r t i c e s  and solved f o r  
t h e i r  p o s i t i o n  and s t rength  by apply ing a Ku t ta  cond i t i on  a t  the  lead ing  edge and 
r e q u i r i n g  t h a t  the  v o r t i c e s  sus ta in  no force. While t h i s  approach d i d  produce a 
nonl i near vor tex  1 i ft, the  simpl i fyi  ng assumptions resu l  t e d  i n  a g r e a t l y  
overpredi c t e d  1 i f t  force.  
Improvements i n  Legendre's approach fol lowed, and i n  1955 Brown and Michael o f  
the  Langley Research Center replaced the  no-force cond i t i on  on the  vor tex  by one on 
the  vor tex and a feeding sheet, taken together,  which prov ided some improvement i n  
the vor tex  1 i f t  p r e d i c t i o n  ( r e f .  18). 
By the  mid 19608s, many con ica l  f l ow  theo r ies  had been developed drawing on 
slender-wing concepts, t he  most notable o f  which was t h a t  of Smith o f  the  RAE i n  
England which, a1 though s t i l l  ove rp red i c t i ng  the  1 i ft,  prov ided an excel 1 en t  
representa t ion  o f  t he  sp i  ra1  -shaped vor tex  sheet ( r e f .  19 1. These theor ies  p rov i  ded 
much i n s i g h t  i n t o  the  vor tex  f l ow  phenomena and con t r i bu ted  t o  e a r l y  design 
concepts. However, t h e i r  appl i cabi 1 i t y  t o  w i  ngs o f  p r a c t i c a l  i n t e r e s t  was 1 im i  Led by 
t h e i r  exc lus ion  o f  e f f e c t s  such as, f o r  example, the  t ra i l i ng -edge  Ku t ta  c o n d i t i o n  a t  
subsonic speeds and the  p rox im i t y  of t he  Mach cone a t  supersonic speeds. 
The d i f f i c u l t i e s  i n  accounting f o r  these three-dimensional e f f e c t s  were g r e a t l y  
re1 i eved  by the development o f  the  "leading-edge suc t ion  analogy" i n  1966 a t  t h e  
Langley Research Center ( r e f .  16). Th i s  analogy equates the  normal fo rce  produced by 
the separa t i  on induced vor tex  f 1 ow t o  the  at tached f 1 ow 1 eadi ng-edge suc t ion  force.  
Th is  a l lows three-dimensional l i n e a r i z e d  f low theory t o  be used f o r  t h i s  non l inear  
f 1  ow phenomenon thereby g r e a t l y  reducing t h e o r e t i c a l  complexity as we1 1 as numerical 
run t ime and cos t .  An i n d i c a t i o n  o f  i t s  a b i l i t y  t o  overcome the  l i m i t a t i o n s  o f  
s l  ender-wing con ica l  f l ow  theo r ies  i s  i 11 us t ra ted  i n  f i g u r e  7 f o r  the  1 ow-speed 
case. Exce l l en t  agreement was a l so  obta ined f o r  both l i f t  and drag f o r  a wide range 
o f  d e l t a  wings up t o  angles o f  a t tack   here vor tex  breakdown o r  vor tex  asymmetry 
occur. 
I t  was soon found t h a t  the  suc t ion  analogy o f f e r e d  a broad range o f  p r e d i c t i o n  
capabi l i ty and the possi b i  1  i ty o f  desi gn-by-analysi s  capabi 1 i ty . The method, 
therefore,  was used t o  develop a coordinated theoret ica l -exper imenta l  vor tex f l ow  
research program by a small grolap o f  Langley researchers, which w i l l  be described i n  
the f o l l o w i n g  sect ion. However, be fore  l eav ing  the  theory chronology, i t  should be 
po in ted  ou t  t h a t  the  researchers recognized the  eventual need t o  p rov ide  a method 
t h a t  model s the complete f low f i  el d and establ  i shes surface pressure d e t a i l  s ,  
Therefore, they cont rac ted  w i t h  the Boeing Company i n  1973 t o  develop a h igher  o rder  
panel method t o  model the Seading-edge vor tex  f low. A schemauc o f  the r e s u l t i n g  
t h e o r e t i c a l  model, known as the ""Pre vor tex  sheet" "VS) method, -is shown on the 
r i g h t  o f  f i g u r e  7 and w i l l  be described l a t e r .  
AS so supported was the devel o p m e n h f  soine f r e e  vor tex  f i lament approaches i n 
the  u n i v e r s i t y  community t o  determine i f  they might  p rov ide  a s impler  method t h a t  
woul d s a t i  s f y  the  design and ana lys is  needs. However, the experience gai ned f rum 
these and o the r  s tud ies  i nd i ca ted  t h a t  the  f i l a m e n t  formulat ions have f a i l e d  t o  
p rov i  de consi s t e n t  and accurate 1 oad d i s t r i b u t i o n s ,  they  exh i  h i t  undesi rable numerical 
model i n g  s e n s i t i v i t y ,  and they  are  unduly compl i c a t e d  f o r  t h e  es t imat ion  o f  o v e r a l l  
force/moment p rope r t i es .  A s imi  1 a r  concl u s i  on has been drawn by Hoei jmakers i n  
reference 20, and no f u r t h e r  reference t o  these methods w i l l  be made i n  t h i s  paper. 
The Langley Research Program 
The suc t i on  analogy prov ided a vor tex  f l o w  ana lys is  t o o l  t h a t  inc luded three-  
dimensional e f f e c t s  and o f f e r e d  the  designer t he  p o s s i b i l i t y  o f  a t  l e a s t  some l i m i t e d  
design capabi 1 i ty . With t h i  s new t h e o r e t i c a l  t o o l  and t h e i  r renewed vor tex  f l ow  
i n t e r e s t ,  the  Langl ey researchers i n i t i a t e d  a coordinated t h e o r e t i c a l  and 
experimental vo r tex  f l ow  research program. A1 though the  bu l k  o f  t h e i r  experimental 
research was performed a t  subsonic speeds i n  t he  7- by 10- foo t  high-speed tunnel,  
they extended t h e i  r s tud ies  t o  t ransonic,  supersonic, and hypersonic speeds by 
schedul i n g  t ime i n  o ther  Langley f a c i l i t i e s .  
The purpose o f  t h i s  sec t ion  i s  t o  b r i e f l y  review the  e a r l y  years o f  t h i s  program 
which covered both performance-and s t a b i l i t y - r e l a t e d  vor tex  f l ow  c h a r a c t e r i s t i c s .  
For  a more complete review o f  the  program, the  reader i s  r e f e r r e d  t o  the summary 
papers by Lamar and Luckr ing  ( r e f .  21) and by Lamar and Campbell ( r e f .  22). 
Performance C h a r a c t e r i s t i c s  - The i n i  ti a1 appl i c a t i o n  o f  t he  suc t ion  analogy 
i l l u s t r a t e d  i n  f i g u r e  1 was f o r  incompressible f low, and i t  was found t o  p rov ide  
excel l e n t  p r e d i c t i o n s  o f  the  l i f t  and drag o f  sharp-edged d e l t a  wings over a l a r g e  
range o f  sweep angles and angles o f  a t tack  ( see re f s .  16 and 23). - - 
Since the  analogy cou ld  be app l i ed  us ing  the  attached f l ow  leading-edge suc t ion  
from any accurate, at tached f low theory, i t  was extended i n t o  the  h igh  subsonic and 
supersonic ranges e a r l y  i n  the  program ( r e f .  24). An example o f  t h i s  a p p l i c a t i o n  i s  
shown i n  f i g u r e  8 f o r  a 76O d e l t a  wing a t  an angle o f  a t tack  o f  18O. The analogy was 
app l i ed  i n  t h e  subsonic range us ing  the  Prandt l-Gl aue r t  t ransformat ion and i n  the  
supersonic range us ing  l i n e a r i z e d  supersonic theory. The r e s u l t i n g  vor tex l i f t  
increments CL a re  shown on the l e f t  compared w i t h  experiment, and agreement i s  
v 
e x c e l l e n t  over the  e n t i r e  Mach range. The experimental va lu  obtained by 
sub t rac t i ng  at tached f l ow  theory values from the  t o t a l  measured 1 i f t .  The r e s u l t s  
i l l u s t r a t e  the  a b i l i t y  of the  analogy t o  p r e d i c t  the reduct ion  i n  vor tex 1 i f t  
encountered a t  supersonic speeds as the  Mach cone approaches the  lead ing  edge. The 
1 a t t e r  i s  associated w i t h  the  forward movement o f  the  stagnat ion 1 i n e  which reduces 
the  vor tex s t rength  u n t i l  the  sonic leading-edge case i s  reached and the leading-edge 
separat ion vor tex vanishes--a phenomenon n o t  accounted f o r  by slender-wing theory. 
The - impact o f  t he  vor tex  f l o ~  on the  l i f t - dependen t  drag parameter, 
ncU/cLZ3 as a f unc t ion  o f  CL, i s  i l l u s t r a t e d  on the right o f  figure 8 for  a Mach 
number s f  2 .O. Tt i s  seen t h a t  the suc t ion  analogy and experimental r e s u l t s  are i n  
good agreement and i l l u s t r a t e  that the drag increase associated with the loss of 
1 eadi ng-edge thrust due t o  l eadi ng-edge separation dimi ni shes rather rapi dly wi t h  
increasins l i f t  coefficient.  This phenomenon i s ,  o f  course, a resul t  of the reduced 
angle of attack required for a l i f t  coefficient when vortex f l o w  i s  present. 
This in i t i a l  supersonic study made i t  clear,  as in the subsonic case, t ha t  the 
i ncremental drag reductions avai 1 able through camber and twi s t  for the subsoai c-edge 
case are considerably less  than predicte the vortex-1 i f t  
e f fec t  on the zero suction case (see ref 
The above research was extended soon a f t e r  by Fox and Lamar ( re f .  25) who 
performed a theoretical and experimental study on a very slender wing which was 
within the Mach cone we1 1 into the hypersonic speed range. 
Regarding 1 andi ng and takeoff performance character is t ics ,  Fox ( ref.  26) 
applied the analogy to  the prediction of ground effects  and validated his theory w i t h  
an experimental study. 
Basic research on the use of spanwise blowing to augment the vortex-1 i f t  
capability of moderately swept wings was performed by Campbell who reviewed th i s  and 
other jet-powered vortex augmentation schemes in reference 22. 
S tabi l i ty  Characteristics - Sl ender-wi ng a i r c ra f t  d i f fe r  from the i r  non-slender 
counterparts i n  such character is t ics  as the high angles of attack they encounter and 
the i r  1 ow iner t ia  i n  r o l l ,  for  example. These, when combined with the non-1 i near 
vortex flow character is t ics  made i t  important to  develop a knowledge of the s t ab i l i t y  
characteristics.  
ples of two of the stabili ty-related studies carried out early in the 
program are i l lus t ra ted  in figure 9. On the l e f t  i s  an example from the theoret 
and experimental study performed by Boyden ( r e f .  27) in which he investigated both 
the steady-state and oscil latory roll  damping of slender wings. He developed a 
method of extending the an e roll case and, as shown, his 
theory accurately predicte ed damping. 
The overall 1 ongi tudi nal 1 oad di s t r i  buti on, which i s  re1 ated to  the 1 ongi tudi nal 
s t ab i l i t y  and pitch damping, i s  shown on the right of figure 9.  Snyder and Lamar 
( r e f .  28) have shown tha t  a1 though the analogy does not provide detailed surface 
pressures i t  does provide an accurate prediction of the longitudinal distribution of 
1 i f t  which can be t ranslate  
i 11 ustrated the strong t r a i  
f 1 ow theori es . 
Other stabil  i ty-relate 
by Davenport and Huffman ( r  
supersonic speed regimes and the investigation of vortex asymmetry by Fox and Lamar 
( r e f .  25). 
- By the early 19701s, the suction analogy had been 
ctions of the vortex flow charaateri s t i c s  of sf  ender 
sharp-edge delta wings for  a wide variety of aerodynamic performance and s t ab i l i t y  
parameters and was be ing  routinely app4 i ed throughout much of the aeronautical 
communi ty  . The Langl ey research program was then extended t o  i ncl ude arbitrary 
planforms and round leading edges a s  i l lus t ra ted  i n  figure 10. In addition to  the 
t h e o r e t i c a l  developments, an extensive parametr ic  w i  nd tunnel study was performed do 
eval uate the  resu l  ti ng methods. 
The general approach f o r  t he  a r b i t r a r y  planform extensions i s  i l l u s t r a t e d  an the  
l e f t  o f  f i g u r e  10 f o r  the cropped de1 %a con f i gu ra t i on .  B r i e f l y ,  the  method developed 
accounts f o r  t he  add i t i ona l  vor tex l i f t  over t he  a f t  p o r t i o n  o f  the wing by the  two 
add i t i ona l  vor tex  1 i f t  terms. The f i r s t ,  nCL , accounts f o r  the  downstream 
pe rs i  stence o f  the  1 eadi ng-edge vor tex  ( b u t  n8 add i t i ona l  feed i  ng) , whi 1 e t h e  second, 
C , i s  a r e s u l t  o f  the add i t i ona l  feeding o f  v o r t i c i  ty p red i c ted  from the  attached L,, 
f l  ;iLedge s i n g u l a r i t y  d i s t r i b u t i o n  a1 ong the  s ide  edge. The i n i t i a l  research i n  t h i s  
area, performed by Lamar, and the  extensions by Luckr ing  cover t he  wide v a r i e t y  o f  
planforms l i s t e d  on the  f i g u r e  and the  d e t a i l s  o f  t h i s  research have been reviewed by 
Lamar and Luckr ing  i n  reference 21. 
L e t  us now t u r n  from the sharp-edge cases t o  those w i t h  round edges where the  
separat ion i s  no longer  f i x e d  a t  the  lead ing  edge and the  amount o f  leading-edge 
suc t i on  l o s t  i s  a f u n c t i o n  o f  the  l o c a t i o n  o f  the  separat ion l i n e .  I n  the  e a r l y  
studies, as i l l u s t r a t e d  on the  r i g h t  o f  f i g u r e  10, some v a r i a t i o n s  i n  the measured 
vor tex  normal force,  CN,, , and i n the  remai n i  ng ( o r  r e s i  dual ) l e a d i  ng-edge suct ion,  
CS, were observed t h a t ' l e d  t o  the b e l i e f  t h a t  there may be a "conservat ion of 
sukt ion." Leading t o  t h a t  be1 i e f  was the  f a c t  t h a t  avai 1 able data on s lender d e l t a  
wings o f  var ious  leading-edge shapes i n d i c a t e d  t h a t  t he  sum o f  the vor tex induced 
normal fo rce  and the  remaining ( o r  res idua l  ) p o r t i o n  o f  the  1 eadi ng-edge suc t i on  was 
equal t o  t he  t h e o r e t i  ca l  at tached f l ow  1 eadi ng-edge suct ion,  CSth. The o r i g i n a l  
Langley study, performed i n  1974, was publ ished by Ku l fan  ( r e f .  31), w i t h  permission, 
who used i t  t o  develop a p r e d i c t i o n  method. The research was cont inued by Henderson 
( r e f .  3 2 ) ,  who found the concept t o  h o l d  f o r  a v a r i e t y  o f  conf igura t ions .  More 
recent ly ,  t h i s  concept has been used t o  develop a vor tex  f l ow  p r e d i c t i o n  method f o r  
bo th  subsonic and supersonic f low by Car l  son and Mack ( r e f .  33). 
AIRCRAFT CONFIGURATION RESEARCH 
Ouring the  l a t t e r  p a r t  o f  the  1960's as A i r  Force i n t e r e s t  i n  a new l i g h t w e i g h t  
h i g h l y  maneuverable f i g h t e r  was growing, Langley researchers expanded t h e i r  
aerodynamic research i n  several r e l a t e d  areas. One area was the  a p p l i c a t i o n  o f  
vor tex  1 i f t  t o  prov ide  a 1 igh twe igh t  approach t o  the h igh  1 i f t  c a p a b i l i t y  requ i red  
f o r  t ranson ic  maneuvering as we l l  as t a k e o f f  and l and ing  performance. Some o f  the  
conceptual c o n f i g u r a t i o n  types s tud ied  i n  the vor tex 1 i f t  program are i 11 u s t r a t e d  i n  
f i g u r e  11. The two general wing types are  charac ter ized as " c lass i ca l  s lender wings" 
and "hyb r id  wings." 
The con f i gu ra t i ons  u t i  l i z i  ng c l a s s i c a l  s lender wings are represented here by the  
convent ional s1 ender de1 t a  t a i  11 ess type and the  c l  ose-coup1 ed canard del La. The 
"hybr id"  wings combine attached f lows and vor tex  f lows i n  var ious combinations t o  
p rov i  de addi ti onal degrees o f  mu1 ti -besi gn-poi n t  z-ayabii i t y  . Two subcl asses o f  
h y b r i d  wing concepts are i l l u s t r a t e d ,  one which used v o r t e x - l i f t  s t rakes and is. 
b iased towards t ranson ic  maneuvering and the  o ther  a slender cranked wing b iased 
towards supersonic c ru i se .  For  t h i s  gaper, the  review s f  the research program will 
be l i m i t e d  p r i m a r i l y  Lo the vor tex s t rake  concept. A more complete review o f  the  
o v e r a l l  prograln can be found i n  reference 9. 
Vor tex-L i  f t Strakes 
Two events con t r i bu ted  t o  the development o f  Langl ey s sorrtex-1 i f t  s t rake  
research. As a r e s u l t  o f  t h e i r  canard-wing research and t h e i r  bas ic  research re1 ated 
t o  the  vor tex  l i f t  o f  slender wings, i t  began t o  appear t o  the  Langley researchers 
t h a t  the  favorab le  e f f e c t  o f  the canard t r a i l i n g  vor tex ( r e s u l t i n g  from the 
energ iz ing  e f f e c t  i t s  sidewash produced on the  wing upper sur face boundary l a y e r  near 
s t a l l )  m igh t  be extended t o  h igher  angles o f  a t tack  by the  h i g h l y  s tab le  leading-edge 
vor tex  f l ow  o f  a slender l i f t i n g  sur face (see r e f .  34). Dur ing the  same general t ime 
per iod,  the Northrop Company noted a favorab le  impact on the  maximum l i f t  o f  the  F-5A 
due t o  a small f l a p  ac tua tor  f a i r i n g  t h a t  extended the wing-root lead ing  edge. T h i s  
spurred i n t e r e s t  i n  t he  i n f l uence  o f  inboard vor tex  f l ow  and even tua l l y  l e d  t o  the  
development o f  t he  YF-17. 
As a r e s u l t  o f  t he  Langley and Northrop vor tex  i n t e r a c t i o n  studies,  plans began 
t o  be formulated by mid 1971 f o r  an expansion o f  t he  Langley program t o  i n v e s t i g a t e  
the  hybrid-wing approach w i t h  the s lender l i f t i n g  surfaces which became known a t  
Langl ey as "vortex-1 i f t  maneuver strakes. " The i n i  ti a1 phase o f  the  program repor ted  
by E. J . Ray e t  a1. ( r e f .  35), which was performed i n  the  Langley 7- by 10-Foot High- 
Speed Tunnel du r ing  the  e a r l y  f a l l  o f  1971, u t i l  i z e d  the  double bal~ance technique t o  
i s o l a t e  the  s t rake  and wing loads and appears t o  be the  f i r s t  t e s t s  t o  c l e a r l y  
i l l u s t r a t e  the  magnitude o f  the favorab le  e f f e c t  the s t rake  vo r tex  f l ow  induces on 
the  main wing panel f l ow  a t  maneuvering cond i t ions .  F igu re  12 i l l u s t r a t e s  the  l a r g e  
o v e r a l l  l i f t  increase produced by the  s t rake  a t  maneuvering cond i t ions .  A lso  shown 
i s  the  d i r e c t  l i f t  c a r r i e d  by the strake-forebody and the  incremental l i f t  changes on 
the main wing panel. The t o t a l  1  i f t  resu l  t s  i 11 u s t r a t e d  the  nonl i near character  o f  
the  l i f t  produced by the  st rakes which produces h igh  l e v e l s  o f  maneuver l i f t  w i t h  
essent i  a1 l y  no increase i n  high-speed 1 ow-a1 ti tude gus t  response. The d i v i s i o n  o f  
t he  1 i f t  produced by the add i t i on  o f  the  s t rake i l l u s t r a t e d  the l a r g e  1 i f t  increment 
produced on the  main wing as the h i g h l y  s t a b l e  vor tex  frorn the  s t rake  reorganizes the  
f l ow  and delays the  s t a l l  on the ou te r  panel. 
This  study a1 so demonstrated the  l a r g e  drag reduct ions i n  the  h igh  l i f t  range. 
Recognizing t h a t  the  degree o f  f l ow  con t ro l  on the  main wing would be a f u n c t i o n  o f  
the wing design, t e s t s  were a lso  made w i t h  segmented leading-edge f l a p s  de f l ec ted  t o  
s imu la te  a h i g h - l i f t  design cond i t ion .  As was expected, the  t e s t s  i n d i c a t e d  Lhat  as 
the wing design i s  improved t o  del ay separat ion on the main wing panel, the  
bene f i c i a l  e f f e c t s  o f  the  s t rake a re  delayed t o  i nc reas ing l y  h igher  angles o f  a t tack .  
From these studies,  i t  appeared t h a t  the  v o r t e x - l i f t  s t rakes combined w i t h  
v a r i a b l e  wing camber i n  the  form o f  programmed leading-edge f l a p s  cou ld  prov ide  a low 
s t r u c t u r a l  weight  approach f o r  the h igh  maneuverabi 1 i ty 1 eve1 s desi red  by the  A i  r 
Force. 
The L igh twe igh t  F igh te rs  
In the fa49 o f  1971, representa t ives  of the  F o r t  Worth Division o f  General 
Dynamics v i  s i t e d  Langl ey t o  d i  scuss a pro$? em re1 ated t o  Ghei r 1 i ghtviei g h t  C i  gh ter  
design study ( r e f .  3 6 ) .  The design incorpora ted  a l i f t i n g  fuselage i n  the form o f  a 
wide, f la t tened,  and expanding fuselage forebody t h a t  blended i n t o  the wing. The 
uncontrs l  1 ed separat ion from the  fuse1 age Forebody f o r  t h i s  design was c r e a t i  ng 
s tab i  l i ty and performance problems a t  maneuvering condi t ions.  The Langl ~ ? y  
researchers suggested t h a t  the  edge o f  the  wide "1 i f t i n g "  forebody be sharpened t o  
f i x  the  separat ion l i n e .  I n  a d d i t i o n  t o  c o n t r o l l  i n g  the  forebody separation, t h i s  
would increase the  s t rength  and s t a b i l i t y  o f  the  vor tex  shed from the forebody, 
thereby increas ing the  vor tex l i f t  as we l l  as s t a b i l i z i n g  the  h igh  angle o f  a t tack  
f l ow  f i e l d  over the  a i r c r a f t .  A f te r  t h e i r  own s tud ies  o f  the  suggestion, General 
Dynamics i n c l  uded the  vortex-1 i ft st rake i n  t h e i  r desi gn which became the  we1 1 -known 
and h i g h l y  maneuverable F-16. 
By the  mid 1970is, considerable i n t e r e s t  i n  a supersonic c ru i se  f i g h t e r  a i r c r a f t  
had developed w i t h i n  the  A i r  Force. Referred t o  as a "supercruiser," t h i s  f i g h t e r  
concept p l  aced major emphasi s on e f f i c i e n t  supersoni c c r u i  se performance whi 1 e 
main ta in ing  respectable subsonic performance and maneuverabi l i ty.  As mentioned 
e a r l  i e r ,  t h e  st rong emphasis on supersonic c r u i s e  tends t o  d i c t a t e  a wing a t  t he  
opposite end o f  the h y b r i d  wing scale re1 a t i v e  t o  the  h i g h l y  maneuverable t ranson ic  
f i g h t e r s  j u s t  described. I n  t h i s  case i t  i s  now t h e  main wing panel t h a t  i s  made 
slender t o  improve supersonic c r u i s e  performance as w e l l  as u t i l i z e  the vor tex  
1 i ft. The cranked outer  panel provides improved subsonic and t ransonic 
performance. An extensive research program was c a r r i e d  out, and the  reader i s  
re fe r red  t o  reference 9 and i t s  c i t e d  references f o r  d e t a i l s  o f  t he  program. The 
concept eventual l y  was appl i ed i n  the  F-16XL "de r i va t i ve "  a i r c r a f t ,  resu l  ti ng i n  an 
excel 1 e n t  combination o f  reduced supersonic wave drag, cont ro l  1 ed separat ion i n  the  
form o f  vor tex  1 i f t, and low s t r u c t u r a l  weight wh i l e  main ta in ing  the  wing span 
des i red  f o r  subsonic performance. 
Photographs o f  these two hybrid-wing a i r c r a f t  i n  f l i g h t  are shown i n  f i g u r e  13. 
FREE-VORTEX-SHEET THEORY 
The vor tex  l i ft design a p p l i c a t i o n  j u s t  discussed was aided considerably by the  
s u c t i  on anal ogy . However, a consi derabl e amount o f  wind tunnel t e s t i  ng was requ i  r e d  
and, as i n  the  case of attached flows, there  i s  a cont inu ing need f o r  ref inements i n  
the  theo re t i ca l  modeling of the  rea l  f low t o  keep pace w i t h  a i r c r a f t  design 
requirements. 
The need fo r  a theo re t i ca l  model o f  the  complete, three-dimensional f l ow  f i e l d  
was recognized e a r l y  i n  the  Langley research program and, as i n t e r e s t  i n  vor tex  f lows 
accelerated, the  Boeing/LRC free-vortex-sheet method was developed. The Langley 
researchers worked c l o s e l y  w i t h  Boei ng t o  def i ne the  appl i c a t i  onal needs and eval uate 
the  method dur ing  development. The i n i t i a l  development work and some e a r l y  
app l i ca t i ons  were described i n  a j o i n t  paper by Gloss and Johnson ( r e f .  37). 
The Basic Formulat ion 
A schematic o f  t he  free-vortex-sheet model (FVS) i s  shown i n  the l e f t  o f  f i g u r e  
14 - The vor tex sheets are model ed w i t h  b i  quadradi caf 1 y va ry i  ng doublet panel s 
representing: (1) the  f r e e  sheet shed from the separat ion l i n e ,  ( 2 )  the fed  sheet 
which is  a simp1 i f  f e d  model of the vor tex core region, (3 )  a h igher order near wake, 
and ( 4 )  a f a r  ( o r  t r a i l i n g )  wake. Ne i ther  the  shape o f  these three-dimensional 
sheets nor strength of the doublet distribution i s  known a priori resulting i n  a 
nonl i near prsbl em requi r i  ng i t e r a t i  on schemes. What I s  essenti a7 ly the current s t a t e  
of the free-vortex-sheet theory is  described by Johnson e t  a l .  ( r e f ,  38), 
f n addi t i  on to  working closely wi t h  Bsei ng duri ng the devel opmenl, Langl ey 
researchers have made comprehensive val i dati on and appl i cat i  on studies, some of which 
have been reviewed by Luckring, Schoonover, and Frink, i n  reference 39. They 
describe the i r  investigation of convergence techniques for  both the wing flow and the 
near-wake flow as a means of reducing computational cost and present several examples 
of practical applications. Based on these and other studies, i t  appears tha t  the 
basic version of the theory has provided the most accurate and versat i le  inviscid 
approach avai 1 abl e for establ i shi ng the compl e t e  three-dimensional f l  ow f i  el d and 
surface pressure distributions for  arbitrary configurations throughout the subsonic 
flow regime. A review of the convergence capabi l i t ies  of the free-vortex-sheet 
theory and a survey of i t s  applications are covered i n  t h i s  conference by Luckring 
e t  a l .  ( r e f .  40). 
In addi t i  on, the free-vortex-sheet theory appears to  offer  an excel 1 ent  i n v i  sci d 
flow model t o  which various viscous effects  can be added, and two of these type 
extensions are  i l lus t ra ted  by the cross-sectional cuts presented on the r ight  of 
figure 14 ,  
The f i r s t  deals w i t h  the s t ab i l i t y  of the primary vortex and i t s  influence on 
vortex breakdown, a phenomenon tha t  is often the primary factor i n  limiting the 
maximum 1 i f t  a t t a i  nab1 e. To include the vortex breakdown i n  the basic theory 
Luckring ( r e f s .  41 and 42) has coupled Navier-Stokes inner and outer core regions 
w i t h  the invi sci d free sheet and investigated various vortex instabi 1 i ty c r i t e r i a .  
His resulting theoretical model appears to  accurately include the important e f fec t  of 
the pressur ien t  associated w i t h  the trailing-edge Kutta condition on the vortex 
breakdown. 
The second viscous flow addition to  the free-vortex-sheet theory, shown i n  
figure 14, i s  the inclusion of the secondary separation which occurs when the 
boundary layer on the upper surface, which is swept towards the leading edge by the 
primary vortex f l  ow, separates under the i nfl uence of the adverse spanwi se pressure 
gradient outboard of the primary vortex. The resulting flow can include secondary 
and t e r t i a ry  vortices and produces important redistributions of the surface 
pressures. Two approaches to  the inclusion of the secondary separation in the theory 
are described i n  detail i n  other papers presented during this conference ( re fs .  43 
and 44) and, therefore, will not be discussed i n  t h i s  paper. 
E u l  e r  and Navi er-Stokes solutions o f  the 1 eadi ng-edge vortex flow phenomenon, 
while not as ye t  being as generally applied to  design and analysis projects as are 
the suction analogy and free-vortex-sheet theory, appear to of fer  extended 
capabi l i t ies  for  the future. Research on these methods i s  included in t h i s  
conference ( r e f s .  45 and 46) and will not be reviewed here. 
SOME CURRENT CHALLENGES 
Since reviews o f  the  progress i n  the development and appl i c a t i o n  f ree-vor tex-  
sheet theory w i l l  be presented i n  o ther  papers i n  t h i s  conference, Z have e lec ted  t o  
use the theory t o  h i g h l i g h t  a few computational and experimental chal lenges and t o  
encourage a coordinated development o f  the var ious  vor tex  f l ow  theor ies  and a c lose  
cooperat ion between theo re t i c i ans  and experimental i s t s .  The chal lenges discussed 
here w i l l  be conf ined t o  a few incompressible f l ow  examples. However, some 
compressible f l ow  chal  1 enges w i  11 be discussed i n  t h e  overview paper by Campbell 
and Osborn ( r e f .  47)  and many o the r  undoubtedly surfaced dur ing  t h i s  conference. 
Pred ic ted  F l  ow Regimes 
F igu re  15 i l l u s t r a t e s  the  f ree-vor tex  sheet theory p r e d i c t i o n  o f  th ree  vor tex  
f l ow  regimes encountered on sharp-edged del t a  wings. The boundaries o f  the  regimes 
are presented as a func t i on  o f  leading-edge sweep angle and angle o f  a t tack .  One 
boundary i s  associated w i t h  the  vor tex s t a b i l i t y  as p red i c ted  by Luck r ing ' s  a d d i t i o n  
o f  t he  viscous core regions t o  the  f ree-vor tex-sheet  theory and i s  def ined by the  
c r i t i c a l  swi r l  c o n d i t i o n  ( see sketch) o f  tangent i  a1 vel  o c i  ty equal t o  a x i a l  v e l o c i t y  
a t  the  t r a i l i n g  edge. Above t h i s  boundary, the  vo r tex  would be expected t o  be 
unstable. It i s  i n t e r e s t i n g  t h a t  the data o f  Wentz and Kohlman ( r e f .  48), d e f i n i n g  
vor tex  breakdown a t  the  t r a i l i n g  edge, appears t o  subs tan t i a te the  theory. Also shown 
i s  t he  experimental b u f f e t  onset cond i t i on  es tab l ished by Boyden and Johnson 
( r e f .  49). A computational c h a l l  enge i n  t h i  s f l ow  regime might  be the  appl i c a t i  on of 
the  theory t o  develop wing design c r i t e r i a  r e l a t e d  t o  the  delay o f  vor tex  breakdown 
t o  prov ide  extended 1 i f t  capabi 1 i ty . 
The o the r  boundary shown i n  f i g u r e  15 i s  der ived from the  completely i n v i s c i d  
vers ion  o f  the  f ree-vor tex-sheet  theory and es tab l ishes  the  angle o f  a t tack  above 
which the  vor tex  i n te rac t i ons ,  o r  crowding, cause the  core paths t o  begin t o  d iverge 
from each o the r  l a t e r a l l y  as i l l u s t r a t e d  i n  the  sketch. Resul ts  are shown ( f o r  two 
wing th ickness r a t i o s )  a t  the  40% l o n g i t u d i n a l  s t a t i o n  and are  t y p i c a l  o f  o the r  
s ta t i ons .  I t  w i l l  be noted t h a t  the experimental angle o f  a t tack  corresponding t o  
the  onset o f  vor tex  asymmetry repor ted  by Fox and Lamar ( r e f .  25) f o r  a sharp-edge 
d e l t a  wing o f  aspect r a t i o  0.25 1 i e s  i n  the  d i ve rg ing  core regime. Secondary 
separat ion e f f e c t s  would be expected t o  i n f l uence  the  boundary and represent  a 
chal lenge re1  a ted  t o  the  use o f  t he  f ree-vor tex-sheet  theory i n  s tudy ing  c e r t a i n  
aspects o f  t he  development o f  vor tex  asymmetry. It must be recognized, however, t h a t  
there  are, i n  a l l  p r o b a b i l i t y ,  o ther  v iscous-rz lated e f f e c t s  t h a t  l i m i t  the  core 
divergence and i n f l  uence the  c r i t e r i a  f o r  stab1 e asymmetric vor tex f low. 
x L i f t  E f f e c t s  
The i n f l uence  o f  the  above f l ow  regimes on the  o v e r a l l  l i f t  c h a r a c t e r i s t i c s  as 
p red i c ted  by the  f ree-vor tex-sheet  theory i s  i l l u s t r a t e d  i n  f i g u r e  16 f o r  two 
s1 ender sharp-edged del t a  w i  ngs having l eadi ng-edge sweep angl es o f  70' and 8 0 ~ .  
The f ree-vor tex-sheet  so lu t i ons  are shown by the s o l i d  l i n e s ,  and the dashed Sines 
represent  so l  t r t ions by the  suc"cl'o anal ow. Experimental data  ( r e f .  48) are shown by 
the symbolsa The I i f t  calcut ated by t he  suction ana"lw i s  be1 feved t o  prov ide  the 
"upper bound" o f  l i f t  f o r  cond i t ions  where no Sasses associated w i t h  vor tex  crowding 
o r  vo r tex  breakdown are  encountered* The shaded reg ion  between the two theo r ies  
represents the angle-of-attack range where the two theo r ies  depart. I t  i s  be l i eved  
t h a t  t h i s  comparison i l l u s t r a t e s  the  vor tex  crowding e f f e c t ,  discussed above, which 
h inders Flow reattachment and resu l  %s i n  incomplete recovery s f  suct ion as vo r tex  
normal force.  The angle o f  a t tack  corresponding t o  the  d i ve rg ing  core boundary 
ca l cu la ted  by the  f ree-vor tex-sheet  theory i s  shown by the  s o l i d  arrow f o r  both wings 
and appears t o  reasonably def i ne the  onset o f  i ncompl e t e  suc t ion  recovery. 
For  t he  70°-delta wing, the suc t i on  analogy and the  f ree-vor tex-sheet  theory are 
i n  e x c e l l e n t  agreement up t o  about an angle o f  a t tack  o f  40' and both agree w i t h  
experiment u n t i l  vor tex  breakdown i s  encountered. However, f o r  the 80'-delta wing, 
the  f ree-vor tex-sheet  so lu t i ons  begin t o  show l i f t  losses i n  t he  v i c i n i t y  o f  20°. 
Al so shown (by the  ha1 f - so l  i d  arrows) are the  ca l cu la ted  values o f  the  angle o f  
a t tack  a t  which the  c r i t i c a l  s w i r l  c o n d i t i o n  i s  predic ted,  and i t  i s  seen t o  be i n  
reasonable agreement w i t h  the  maximum l i f t c o e f f i c i e n t  which has been shown 
experimental l y  ( r e f .  48) t o  correspond c l o s e l y  t o  the  vor tex  breakdown cond i t ion .  
M i  t h  regard  t o  the  maximum 1 i ft, the  f ree-vor tex sheet theory resu l  t s  show f o r  
the 80' d e l t a  i n d i c a t e  t h a t  l i t t l e  increase would be expected by e l  i m i n a t i n g  vor tex 
breakdown. However f o r  the 70' de l ta ,  which i s  c u r r e n t l y  o f  more p r a c t i c a l  i n t e r e s t  
f o r  a i  r c r a f t ,  the  f ree-vor tex  sheet so lu t i ons  i n d i c a t e  t h a t  1 arge increases i n  
maximum l i f t  might  be a t t a i n a b l e  by de lay ing  vor tex  breakdown. As mentioned i n  the  
prev ious sect ion,  t h i s  o f f e r s  a chal lenge t o  use the theory t o  e s t a b l i s h  wing warp 
and p lanform shaping t h a t  a re  more conducive t o  vor tex  s t a b i l i t y .  However, 
a d d i t i o n a l  e f f e c t s  such as poss ib le  shocks o r  vacuum l i m i t s  a t  the h igher  l i f t s  must, 
o f  course, be considered. 
With the  comparisons o f  the suc t ion  analogy and the  f ree-vor tex  sheet so lu t i ons  
o f f e r i n g  a means o f  demonstrating the  magnitude o f  var ious " rea l  f low"  e f f e c t s ,  i t  i s  
h i g h l y  recommended t h a t  Eul e r  and Navier-Stokes' s tud ies  o f  vor tex 1 i f t  be 
coordi  nated w i t h  t h e  f ree-vortex-sheet s tud ies  as we1 1 as w i t h  those experimental 
s tud ies  which are  designed t o  p rov ide  d e t a i l e d  knowledge o f  the " rea l  f low." 
Secondary Separat ion 
I t  has been reasonably we l l  es tab l ished t h a t  the o v e r a l l  1 i f t  o f  %hi n, sharp- 
edge, s lender  d e l t a  wings, o f  i n t e r e s t  here, i s  r e l a t i v e l y  i n s e n s i t i v e  t o  Reynolds 
number. For  t h i s  c lass  o f  wings, where the  pr imary separat ion i s  f i x e d  a t  t he  sharp 
l ead ing  edge f o r  any non-zero angle o f  a t tack  regardless o f  the  s t a t e  o f  the  boundary 
l a y e r  approaching the  sharp edge, t h i s  i s  n o t  t o t a l l y  unexpected. However, f l ow  
d e t a i l s  associated w i t h  the s t a t e  o f  the  boundary l a y e r  on the  wing upper sur face can 
cause r a t h e r  l a r g e  v a r i a t i o n s  i n  t he  l o c a l  pressure d i  s t r i  bu t ions  through t h e i r  
e f f e c t s  on t h e  l o c a t i o n  o f  secondary separat ion l i n e s .  These well-known secondary 
separat ions occur when the f low under the  pr imary vor tex  i s  swept toward the  wing 
lead ing  edge, by the  a c t i o n  of t he  vortex, and encounters the  adverse spanwise 
pressure g rad ien t  near the  lead ing  edge. Th is  r e s u l t s  i n  a secondary vo r tex  having 
v o r t i c i  ty o f  the  opposi te sign. I n  general, the  e f f e c t s  induced by the  secondary 
separat ion have keen envisioned us ing  the  v o r t i c a l  e f f e c t s  o f  the  secondary vor tex.  
Hwever,  an a1 te rna te  modeling approach has been used, w i t h  reasonable success, by 
81 om e t  a9 . , and Wai e t  a1 . f r e f  s. 44 and 50) who assumed t h a t  "the- secondary 
v o r t i c e s  are  so embedded i n  the  boundary l a y e r  t h a t  t h e i r  displacement e f f e c t s  
dominate over t h e i r  vortica"leffeets." k~egat.d'less o f  the  various model i n g  detas" l s, 
the  experimental secondary-separation e f f e c t s  described below w i l l  be r e f e r r e d  t o  as 
a "secondary vor tex  + '' 
The secondary-separation character is ts 'es are, s f  course, h igh l y  dependent upon 
the  l o c a l  s t a t e  o f  t he  boundary l a y e r  and, therefore,  on the Reynolds number and 
l o n g i t u d i n a l  s ta t i on .  Th is  i s  ill us t ra ted  i n  f i  ure  17 using experimental, a t r a n s i t i o n  f r e e  data from reference 51 f o r  a 7 6 -  sharp-edge del t a  wing a t  an angle 
o f  a t tack  of 25&. On the  l e f t  i s  presented the  spanwise v a r i a t i o n  o f  the upper 
surface pressure d i s t r i b u t i o n  a t6 the mid 1 ongiQudi nal s t a t i  on f o r  Reynol ds numbers, 
based on r o o t  chord, o f  1.6 x 10 and 6.4 x 10 . Also shown i s  the i n v i s c i d  pressure 
d i s t r i b u t i o n  p red ic ted  by the  free-vortex-sheet theory (FVS) i nc lud ing  the  e f f e c t s  o f  
wing th ickness b u t  assuming no secondary vortex. The low Reynolds number data 
represent  a 1 ami nar secondary separat ion cond i t i on  and the  we1 1 -known 1 arge reduct ion  
i n  suc t ion  pressures i n  the  reg ion o f  t he  pr imary vortex, accompanied by 1 arge 
increases i n  suc t ion  pressures i n  the  reg ion o f  t he  secondary vortex, i s  c l e a r l y  
ev ident .  The h igher Reynol ds number data ill u s t r a t e  the  tu rbu len t  separat ion case i n  
which the  secondary vor tex i s  reduced i n  s t rength  and i t s  formation delayed t o  a more 
outboard pos i t i on .  The pressure d i s t r i b u t i o n  now approaches the  theory more c l o s e l y  
i n  the  reg ion of the pr imary vor tex  b u t  s t i l l  shows important  e f f e c t s  near the  
lead ing edge which i s  p a r t i c u l a r l y  important  f o r  cambered wings o 
The r ight-hand p o r t i o n  o f  f i g u r e  17 i l l u s t r a t e s  the  st rong non-conical e f f e c t s  
on the  pressure d i s t r i b u t i o n s  along mid semispan ray, y / s  = 0.5, f o r  both the  
i n v i s c i d  theory and the  experime t a l  resu l t s .  The most complete data were obtained t: a t  a Reynolds number o f  3.2 x 10 and c l e a r l y  i l l u s t r a t e  the  t r a n s i t i o n  from a 
laminar secondary separat ion t o  a tu rbu len t  separat ion i n  the region o f  x/co = 
0.35. A1 though the data f o r  the  other  Reynol ds numbers are i ncompl ete, they appear 
cons is ten t  w i t h  the expectat ion t h a t  t r a n s i t i o n  would occur downstream f o r  the  1 ower 
Reynol ds number and upstream f o r  the  h igher Reynol ds number. Regardi ng the  i n v i  s c i d  
theory r e s u l t s  from the  free-vortex-sheet method, i t  appears t h a t  t he  theory may 
prov ide a reasonably accurate p r e d i c t i o n  o f  the  pressures i n  t h i s  region o f  t he  wing 
as 1 ong as the t u r b u l e n t  secondary separat ion has i t s  o r i g i n  near the  wing apex. It 
i s  of i n t e r e s t ,  however, t h a t  wh i l e  the experimental r e s u l t s  approach the  theory a t  
t he  h igh  Reynolds number they do n o t  do so i n  a monotonical fashion as w i l l  be 
d i  scussed be1 ow. 
To more c l e a r l y  i n d i c a t e  the  v a r i a t i o n  of t he  peak suc t ion  pressure c o e f f i c i e n t s  
under the  pr imary vor tex  w i t h  Reynolds number, data taken from reference 51 have been 
analyzed i n  a some~hat d i f f e r e n t  fashion and presented i n  f i g u r e  18 as a func t i on  o f  
Reynolds number f o r  both the  x/co = .25 and x/co = .50 l o n g i t u d i n a l  s ta t ions .  A1 so 
shown are the  peak suc t ion  values measured under t h  ndary vortex. 
Looking f i r s t  a t  the  x/c 5 s ta t ion ,  t he  experimental data i n d i c a t e  a r a p i d  
increase i n  peak suc t ion  l eve  r the pr imary vor tex  w i t h  increas ing Reynolds 
number as the  cross f l ow  under the  vor tex becomes t u r b u l e n t  and reduces the  impact o f  
the  secondary separation. To provide a poss ib le  h igh  Reynolds number asymptote f o r  
t h i s  suc t ion  peak, the  val  ue ob ta i  ned from the  i n v i  s c i  d free-vortex-sheet theory i s 
a1 so shown. A1 though i t  appears t h a t  the  data may be approaching the  i n v i s c i d  theory 
monotonical ly,  evidence t o  be discussed subsequently, r e l a t i v e  t o  the  x/co = .50 
s ta t i on ,  i nd i ca tes  a more complicated s i t u a t i o n .  
Who s h o ~ n  i n  the  l e f t  s f  f i g u r e  18 i s  the v a r i  a t j o n  o f  the  experimental peak 
suc t ion  pressure under the secondary vortex. I n  th is  case when tu rbu len t  secondaw 
separat ion occurs, there i s  a r a p i d  decrease i n  the  peak suct ion pressure magnitude. 
Turning t o  the  x/c = *5Q case on the  r i g h t  o f  f i g u r e  18, i t i s  seen tha t ,  as 
discussed e a r l  i er, the  t rans1  t i o n  t o  a t u r b u l e n t  seconda~y separat ion and t h e  
accompanying r a p i d  increase i n  t he  suc t ion  pressure under the  pr imary vor tex  occur 
ad a 1 ower va l  ue o f  Reynol Qs number than f o r  the  upstream s ta t i on .  However, i t  i s  
important  t o  note t h a t  as Reynolds number increases fu r the r ,  ins tead o f  approaching 
the i n v i s c i d  theory monotonical ly,  there  i s  a decrease i n  the magnitude o f  t he  peak 
suc t i on  pressure c o e f f i c i e n t  under the  pr imary vor tex.  Accompanying t h i s  v a r i a t i o n  
i s  an increase i n  the  magnitude o f  the  peak suc t ion  pressure c o e f f i c i e n t  under t h e  
secondary vor tex.  The reason f o r  t h i s  somewhat unexpected v a r i a t i o n  w i t h  Reynolds 
number i s  n o t  completely apparent and more complete data extended t o  h igher  Reynolds 
numbers would be o f  g rea t  value. The f a c t  t h a t  the decrease i n  the  peak suc t ion  
pressure c o e f f i c i e n t  under the  pr imary vor tex  a t  the X/co = .50 s t a t i o n  occurs i n  the  
same Reynolds number range as the  increase a t  t he  x/c = .25 s t a t i o n  may be an 
i ndi  c a t i  on t h a t  as the  t r a n s i t i o n  t o  t u r b u l e n t  secondary separat i  on moves forward, 
the  r e s u l t i n g  e f f e c t s  induced downstream may cause changes i n  the  pr imary vor tex  
s t rength  such t h a t  no s t a t i o n  asymptotes the  i n v i s c i d  theory value u n t i l  t r a n s i t i o n  
occurs very near the  wing apex. Th i s  would appear t o  be somewhat cons i s ten t  w i t h  the  
observed i n s e n s i t i v i t y  o f  the  t o t a l  1  i f t  t o  Reynol ds number and poss ib ly  cons i s ten t  
w i t h  the apparent "conservat ion o f  suct ion"  r e l a t e d  t o  the  suc t ion  analogy. 
The above observat ions imply an important  chal lenge i n  the development and 
eva lua t i on  o f  advanced t h e o r e t i c a l  methods as we l l  as a chal lenge t o  extend the  
pressure data t o  h igher  Reynol ds numbers. 
A New Aerodynamic Faci  1 i ty 
Dur ing 1984, the  Langley Research Center placed i n  operat ion a new, h igh  
Reynol ds number, t ranson ic  wind tunnel . Th is  tunnel , the Nat ional  Transonic Faci  1 i ty 
(NTF) , appl i es the  cryogenic, pressurized, wind tunnel p r i n c i p l e  t o  prov ide the very 
h igh  Reynolds numbers requ i red  t o  match the f u l l  -scale v i  scous e f f e c t s  encountered 
w i t h  modern a i r  vehic les.  The cryogenic techno1 ogy development and the  cons t ruc t i on  
and opera t ion  o f  the  p i l o t  f a c i l i t i e s  were performed by Langley researchers and 
technic ians (see r e f s .  52 and 531, and the bas ic  design o f  t he  NTF was c a r r i e d  o u t  i n  
a P r o j e c t  O f f i c e  s t a f f e d  by Langley personnel (see r e f .  54). The performance 
envelope o f  t he  NTF ( r e f .  55) i s  shown i n  f i g u r e  19, and the  degree t o  which the  NTF 
extends the  Reynolds number c a p a b i l i t y  beyond the composite envelope o f  a1 1 o ther  
operat ional  tunne ls  i n  t he  f r e e  wor ld  i s  r e a d i l y  apparent. This  c a p a b i l i t y  i s  o f  
considerable importance t o  vor tex  l i f t  research s ince st rong viscous e f f e c t s  can 
occur a t  desi gn cond i t i ons  as we1 1 as o f f -des i  gn cond i t ions .  
As seen by the sketches i n  f i g u r e  19, t he  vor tex  1 i f t  research c u r r e n t l y  planned 
fo r  the  NTF inc ludes  the  c l a s s i c a l  s lender d e l t a  wing and the  two classes o f  h y b r i d  
wings d i  scussed e a r l  i er. 
The 65' d e l t a  model incorpora te  changeabl e 1 ea t o  a l l ow  
the study o f  leading-edge rad ius  which, o f  course, has a st rong e f f e c t  on lead ing-  
edge separat ion c h a r a c t e r i s t i c s ,  i nc l  ud i  ng the  Reynol ds number dependency. The model 
conta ins a l a r q e  number o f  surface pressure o r i f i c e s  and i s  e x ~ e c t e d  t o  Provide 
considerable i n s i g h t  regarding the  secondary separat ion c h a r a c t e r i s t i c s  i n  t he  f u l l -  
scale Ryeno3 ds nugber range as we13 as evidence re1 ated t o  the  quest ion o f  t h e  
% x i  stence s f  a " csn re rva t i  on s f  suct ion"  phenomenon. The unique cagabi 3 i t i e s  o f  the 
NPF w i  19 a1 so be u t i  1 i zed  t o  study possi hie e f f e c t s  o f  condensation* i n  the core on 
vo r tex  bu rs t i ng .  
The vortex l i f d s t rake conf i guration uti  l i zes the doubl e-bal ance system t o  
i so l a t e  overall loads and component in teract ions  as  well as wing and fuselage 
pressures. Although not as h i g h l y  instrumented fo r  deta i led vortex flow research, 
the sl ender, cranked, w i n g  confi gurati  on shoul d o f fe r  val uabl e overall force and 
moment information w i t h  regard t o  vortex flow. 
Addiuonal de t a i l s  of the  NTF models and research program can be found in  
references 56 and 57, and i t  i s  highly recommended t ha t  researchers involved in the 
devel o~ment  and eval uation of advanced vortex f l  ow theoret ical  methods consider t h i s  
program i n  the sel e c t i  on of conf i gurations to  be model ed theoretical  l y  . 
CONCLUOI NG REMARKS 
By way of conclusion, I would l i k e  t o  emphasize t ha t ,  by design or not, vortex 
flow can be encountered on slender-wing a i r c r a f t  a t  many points w i t h i n  t h e i r  
operational envelope. Since t h i s  flow in f l  uences both the aerodynamic and s t ructural  
design, i t  i s  important t h a t  continued improvements i n  design and analysis  theor ies  
be developed to  meet the i ncreasi ngly s t r i  ngent desi gn requi rements. Towards th i  s 
end, i t  appears highly desirable t ha t  a strong interact ion be developed between those 
developing theoretical  methods such as,  f o r  example, the free-vortex-sheet, Eul e r ,  
and Navier-Stokes. Since viscous e f f ec t s  such as secondary separation can strongly 
influence the design of cambered leading edges and vortex f l aps ,  for  example, i t  i s  
essenti  a1 t ha t  both 1 ami nar and high Reynol ds number turbul en t  secondary separation 
capab i l i t i e s  be included in the theories.  In re la t ion t o  the influence of viscous 
e f f ec t s ,  i t  i s  important t ha t  the experimental c apab i l i t i e s  of the National Transonic 
Fac i l i t y  be u t i l i zed  and t ha t  a close coordination between the  basic and applied 
theoret ic ians  and the experimentalists be developed. 
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SUMMARY 
Th is  paper p rov ides  some background in fo rma t ion  f o r  the Vortex Flow 
Aerodynamics Conference and shows t h a t  c u r r e n t  slender wing a i rp lanes  do no t  use 
v a r i a b l e  l eadi ng-edge geometry t o  improve t ranson ic  drag po lar .  H igh l  i g h t s  o f  some 
o f  the i n i t i a l  s tud ies  combining wing camber, o r  f laps,  w i t h  vor tex  f low are 
presented. Cur ren t  vo r tex  f l a p  studies were reviewed t o  show t h a t  there i s  a l a r g e  
subsonic data base and t h a t  t ransonic and supersonic generic s tudies have begun. 
There i s  a need f o r  va l i da ted  f low f i e l d  so lvers  t o  c a l c u l a t e  vortex/shock 
i n t e r a c t i o n s  a t  t ranson ic  and supersonic speeds. Many important  research 
opportuni t i e s  e x i  s t  f o r  fundamental vor tex  f low i n v e s t i g a t i o n s  and f o r  designing 
advanced f i g h t e r  concepts. 
INTRODUCTION 
I n  recent  years, NASA and the AFWAL have become more concerned about the impact 
o f  separa t ion- i  nduced vor tex  f lows on the design and o f  f -desi  gn performance o f  
m i l i t a r y  a i r c r a f t  ( re fs .  1 and 2 ) .  The Advanced Tac t i ca l  F igh te r ,  as discussed 
recen t l y  by P i c c i r i l l o  ( r e f .  31, i s  being considered t o  p rov ide  a s i g n i f i d a n t  
increase i n  supersonic c r u i s e  e f f i c i e n c y  over c u r r e n t  f i gh te rs ,  wh i l e  main ta in ing  an 
equ iva len t  t ransonic maneuver capabi l  i ty .  Th i s  type o f  design i s  very cha l leng ing  
since optimum supersonic designs tend toward slender h i g h l y  swept wings w i t h  low 
aspect r a t i o ,  w h i l e  t ranson ic  designs have h igher  aspect r a t i o s  t o  help improve 
c r u i  se and maneuver performance. 
Much research has been conducted to  try t o  br idge the gap between t ransonic and 
supersonic miss ion requirements by u t i l i z i n g  v a r i a b l e  camber concepts such as 
1 eadi ng-edge fl aps and s l  a t s .  Designed w i t h  at tached flow, these l e a d i  ng-edge 
devices have been success fu l l y  employed on a v a r i e t y  o f  a i rp lanes  w i t h  low-to-  
moderate l e a d i  ng-edge sweep angl es. However, appl i c a t i  on to  slender, higher swept 
wings i s  l i m i t e d  by the onset o f  separated flows. An a l t e r n a t e  design approach i s  
"L l e t  the f l o w  separate froin the l ead ing  edge and use the vortex- induced suct ion 
pressures a c t i n g  on a drooped lead ing  edge t o  recover some o f  the leading-edge 
suc t ion  1os"edrre t o  lead.; ng-edge separatfon, The c u r r e n t  Vortex Flow Aerodynamics 
Conference b r i ngs  together special i sts t o  address wing l e a d i  ng-edge vor tex  f l  ows and 
vor tex  f l a p s  i n  p a r t i c u l a r .  
one o f  Wo background papers f o r  the conference, and 
compl ements the i n fo rma t ion  presented by Pol hamus ( r e f .  4 ) .  The present  paper 
rev iews some o f  the c u r r e n t  m i l  i t a r y  a i  r e r a f t  which use v a r i a b l e  l e a d i  ng-edge 
geometry t o  improve drag po lar ,  and h i g h l  i g h t s  some o f  the i n i t i a l  s tudies combining 
wing camber, o r  f laps,  w i t h  vor tex f low, The s ta tus  o f  c u r r e n t  vor tex  f l a p  research 
w i l l  be presented, along w i  t h  appropr iate vor tex theo r ies  which w i l l  be discussed 
dur ing  the conference. Some techn ica l  chal lenges w i l l  be d i  scussed t o  h igh l  i g h t  
a d d i t i o n a l  vor tex  f low research areas o f  i n t e r e s t .  An extensive reference l i s t  i s  
a1 so i n c l  uded. 
SYMBOLS 
A aspect r a t i o  o f  the wing 
D drag c o e f f i c i e n t  
c~ l i f t  c o e f f i c i e n t  
P 1 ocal pressure c o e f f i c i e n t  
- 
c reference chord 
r r o o t  chord 
FVS Free Vortex Sheet 
L E l ead ing  edge 
LID 1 i ft- to-drag r a t i o  
M Mach number 
M~ Mach number normal t o  the lead ing  edge 
P nondimensional camber he igh t  f o r  c o n i c a l l y  cambered wings i n  terms o f  
1 ocal semi span 
R Reynolds number 
Rc Reynolds number based on mean aerodynamic chord 
1 ocal semi span 
S reference area 
VLM Vortex L a t t i c e  Method 
VLM-SA Vortex L a t t i c e  Method coupled w i t h  the suct ion analogy 
X/C f r a c t i o n a l  d i  stance a1 ong a l ocal chord 
2y/b fracts" onal d i  stance a1 sng the semi span 
l o c a l  I a t e r a l  d i  stance, nsndimensional i z e d  by semi span w i  t h  f l a p  
Y's6n 0 undef lec ted  
Z /  s6 1 ocal v e r t i c a l  d i  stance, nondimen s i  onal i ired by semi span w i  t h  fl ap 
fl = 0 undef lected 
a angle o f  a t tack  
a~ 
angle o f  a t tack  normal t o  wing lead ing  edge 
' n 1 eadi ng-edge fl ap d e f l e c t i o n  angle, posi  ti ve down, measured normal t o  the  h i  ngel i ne 
'TE t r a i  1 i ng-edge fl ap d e f l  ec ti on angl e, posi  ti ve down, measured normal t o  the f ree  stream 
ACD drag due t o  l i f t  i n  f i gu res  3 and 6, vo r tex  f l a p  increment i n  
f i g u r e  18 
h~~ leading-edge sweep angle de f ined i n  f i g u r e  1 
AIRCRAFT GEOMETRY AND DRAG DUE TO LIFT 
A i r c r a f t  Geometry 
I n  order  t o  understand the importance o f  sweep and va r iab le  camber i n  the 
design o f  advanced a i r c r a f t ,  i t  i s  o f  i n t e r e s t  t o  examine c u r r e n t  a i rp lane  
con f i gu ra t i ons  f o r  geometric trends. 
There are many ways t o  represent  a i rp lane  geometric var iables.  We have shown 
aspect r a t i o  as a func t i on  o f  leading-edge sweep angle i n  f i g u r e  1, where &E i s  
def ined i n  the sketch. I n  order  t o  be ab le  t o  p l o t  an a i rp lane  whose wing has more 
than one sweep angle, such as a double-del t a  o r  ogee planform, an e f f e c t i v e  sweep 
angle i s  def ined by a 1 i n e  drawn from the apex o f  the reference planform t o  the  
l ead ing  edge o f  the t i p  chord. The data f o r  the con f i gu ra t i ons  were ex t rac ted  from 
in fo rma t ion  i n  references 5 t o  8, and are 1 i s t e d  i n  Table I along w i t h  the symbol 
d e f i n i t i o n .  
The data fa1 1 i n t o  two groups, one f o r  f i x e d  sweep and one f o r  va r i ab le  sweep, 
and show the  obvious decrease i n  aspect - ra t io  w i t h  increase i n  sweep angle. The 
quest ion which concerns us i s  which a i  r p l  anes have v a r i a b l e  l e a d i  ng-edge geometry 
and use t h a t  c a p a b i l i t y  t o  improve drag po lar .  The s o l i d  symbol s represent  those 
a i r c r a f t .  A1 1 v a r i a b l e  leading-edge geometry i s  incorporated on wings w i t h  sweep 
angle l e s s  than 50°, w i t h  the except ion o f  the Mirage 2000 and 4000 a i r c r a f t  which 
have a sweep angle o f  60". A photograph o f  the Mirage 2000 w i t h  i t s  va r i ab le  
leading-edge f l a p s  deployed i s  presented i n  f i g u r e  2 ( taken from r e f .  91, 
A l l  o f  these v a r i a b l e  f l a p  con f i gu ra t i ons  were designed t o  u t i l i z e  at tached 
f low -For subsonl"~ or t ranson ic  maneuver requ i  rements. It i s n o t  known for what f l  ow 
Pie1 d the Mirage 2000 and 4000 flaps are designed. One o f  the problems wl" t h  
inc reas ing  the wing sweep angle i s  t h a t  i t  gets more d i f f i c u l t  t o  keep the f lew from 
separat ing. Simple sweep theory suggests t h a t  the CL where the wing f i r s t  
experiences n o w  separat ion -r"s lower P'sr "che higher  swept wing. Th i s  i s  due t o  the 
h igher  upwash a t  the 1 eadi ng-edge and '4 arger sect ion '99"  f t c o e f f i c i e n t s ,  Broopi ng 
"%he l ead ing  edge Lo keep the f l o w  attached i s  e f f e c t i v e  a t  low 19" f t s ,  b u t  t h i s  
sh i  Pts the pressure peak t o  the f a g  hinge1 ine and u l  t i m a t e l y  r e s u l t s  i n  hinge1 i n e  
separat ion, 
For  most o f  the f i g h t e r  a i rp lanes  which have no v a r i a b l e  leading-edge devices, 
wind tunnel s tud ies  o f  l eadi ng-edge f l  aps were conduc Led dur ing  the developmental 
stages o f  t h e i r  p ro jec ts .  These data were then used t o  decide whether the aero- 
dynamic benef i  t s  outweighed the penal t i e s  f o r  i nco rpo ra t i ng  them i n  the system. The 
b e n e f i t s  have n o t  been l a r g e  enough t o  pay f o r  themselves, and the data are subse- 
quent ly  f i l e d  away, unpublished, because they were n o t  "successfu l "  and because the  
program i s  a p r o p r i e t a r y  one. Th is  has been the  case f o r  t h e  Viggen and F-16XL 
a i rp lanes.  The reason why v a r i a b l e  f lap-systems d i d  n o t  work i s  because separated 
f lows dominate these s lender wing con f i gu ra t i ons .  I n  p a r t i c u l a r ,  t h e  reattachment 
l i n e  f o r  the laeding-edge separat ion-induced vor tex  progresses q u i c k l y  over t he  f l a p  
and onto the  wing upper surface. Once t h i s  occurs, t h e  vortex- induced suc t ion  
pressures increase l i f t ,  but  the  f l a p  becomes less  e f f e c t i v e  f o r  reducing drag. This  
has been a very d i f f i c u l t  f l o w  f i e l d  f o r  which t o  design d r a g - e f f i c i e n t  shapes. 
Subsonic Drag Due To L i f t  
The problem o f  achiev ing e f f i c i e n t  drag po la rs  i s  addressed i n  f i gu re  3, which 
presents subsonic drag-due-to-1 i ft data as a func t ion  o f  aspect r a t i o  f o r  a number 
o f  a i rp lane  models. The untrimmed data are p l o t t e d  a t  a constant  CL o f  0.5 and 
were obta ined from references 10 t o  20 f o r  M = .6 t o  .8. The s o l i d  symbols 
represent  composi t e  drag pol a r s  obta ined from l e a d i  ng-and t r a i  1 i ng-edge fl ap 
def lec t ions .  As would be expected, the r e s u l t s  show t h a t  the a i r c r a f t  w i t h  the 
h igher  aspect r a t i o s  have lower CD, and, since f low c o n t r o l  devices are used, these 
drag l e v e l s  approach the f u l l  suct ion values. Decreasing aspect r a t i o  r e s u l t s  i n  
h igher  drag f o r  several reasons. There i s  a p o t e n t i a l  f low increase due t o  lower 
aspect r a t i o ,  the h igher  swept slender wings are l ess  e f f i c i e n t  i n  achieving h igh  
suct ion l e v e l  s than the non-slender wing, and the low-aspect r a t i o  wings do n o t  use 
v a r i a b l e  leading-edge f l a p s  t o  achieve an optimum polar .  The h igher  swept 
con f i gu ra t i ons  have a f i x e d  camber. Note t h a t  there were no data a v a i l a b l e  f o r  the  
Mirage 2000 o r  4000. 
Drag values are presented f o r  a ser ies  o f  planar d e l t a  wings t o  give a 
reference cond i t ion .  The data ( r e f .  13 ) c o r r e l a t e  w i t h  the vor tex  1 i ft est imates 
w i t h  zero suc t ion  ( r e f .  16). The F-16XL drag value departed from the data t rend  
establ  i shed by the Viggen, Mig-21, and F-106 a i r c r a f t .  One reason f o r  the h igher  
maneuver drag f o r  these slender wings i s  t h a t  they have a f i x e d  camber shape t h a t  
must f unc t i on  over a wide range o f  subsonic t o  supersonic c r u i s e  and t ransonic 
maneuver requirements. The h igh  sweep angle a t  maneuver l i f t s  r e s u l t s  i n  a leading-  
edge vor tex  f low, and, hence, vor tex  1 i ft. The l o s s  o f  leading-edge suct ion leads 
t o  h igher  drag. These data suggest t h a t  there i s  a new design space ava i l ab le  where 
v a r i a b l e  leading-edge devices have seldom been used. As  noted by Polhamus ( r e f .  41, 
there are many advantages o f  vor tex f lows which are designed i n t o  cu r ren t  f i gh te rs ,  
such as the F-16, F-18, and the F-IGXL, Note too t h a t  LE suc t ion  i s  n o t  the  on ly  
measure o f  f i g h t e r  capabi l  i t y .  Other factors,  such a s  wjng 1oadi ng, Instantaneous 
turn capab i l i ty ,  a g i l  f l y ,  range, weapons carr iage, etc, ,  are some sf the important 
measures. Also recall t h a t  the data  are for a esns tan"9 ;~  and are untrimmed. Data 
trimmed a t  a cons tant  load f ac to r  would grov4de a more d e f i n i t i v e  analys is .  
The quest ion i s  Row do you make v a r i a b l e  camber devices e f f e c t i v e  on higher 
swept con f i gu ra t i ons .  There are two bas ic  approaches t o  t h i s  problem, The 
e l  ass fca l  approach i s t o  keep the Eow attached a t  the l ead ing  edge by drooping the 
l ead ing  edge i n t o  the upwash t o  lessen the leading-edge pressure peak, The reader 
i s  r e f e r r e d  t o  references 21 and 22 f o r  some e a r l y  s tud ies  on d e l t a  wings. I n  the  
1 i m i t ,  the drooped lead ing  edge matches the upwash which g ives  attached flow, The 
f low grad ien ts  are so st rong a t  the hinge1 ine,  however, t h a t  the Wow separates and 
forms a vor tex  a f t  o f  the h inge l i ne  and over the wing; t h i s  vor tex  g ives a l i t t l e  
increase i n  l i f t  and a very l a r g e  increase i n  drag. An a1 te rna te  approach t o  t h i s  
i s t o  encourage the 1 eading-edge f low t o  separate and use the resu l  t i n g  vor tex f low 
t o  induce suct ion pressures on the forward-facing surface. Here a1 so, the wing 
leading-edge i s  drooped i n t o  the upwash f i e 1  d, b u t  you want the stagnat ion 1 i n e  t o  
remain on the lower surface t o  insure  upwash, and, hence, a vortex, a l l  down the 
lead ing  edge. For  the remainder o f  the  paper, we w i l l  be d iscussing some o f  the  
vor tex  f low research t h a t  began by l ook ing  a t  combining camber w i t h  the vor tex f low, 
discuss how i t  evolved t o  the vor tex  f l a p  concept, review the s ta tus  o f  c u r r e n t  
vor tex  f l a p  studies, discuss progress i n  vor tex f low theor ies,  and mention some 
c h a l l  enges f o r  a d d i t i o n a l  vor tex  research. 
COMBINING WING CAMBER OR FLAPS WITH VORTEX FLOW 
The purpose o f  t h i s  sec t ion  i s  t o  p rov ide  a h i s t o r i c a l  perspect ive o f  research 
t h a t  has been conducted t o  evaluate the  e f f e c t s  o f  combining wing camber or  f l a p s  
w i t h  leading-edge vo r tex  f low. I n  p a r t i c u l a r ,  we w i l l  h i g h l i g h t  some o f  the 
research t h a t  has been conducted dur ing  the pas t  10 years which helped g ive  r i s e  t o  
the c u r r e n t  NASA/AFWAL Vortex Flow Aerodynamics Conference. Combining the e f f e c t s  
o f  wing camber o r  leading-edge f l a p s  w i t h  the leading-edge vor tex  i s  a r e l a t i v e l y  
new research area. The reader i s  r e f e r r e d  t o  references 23 t o  27 f o r  some excel l e n t  
s ta te -o f - t he -a r t  review papers which have been pub1 ished over the pas t  8 years  and 
conta in  a considerable number o f  references. 
Some I n i t i a l  Studies 
Wentz's Experiment.- I n  1972, Wentz ( r e f .  28) i nves t i ga ted  the e f fec ts  o f  
1 eadi ng-edse camber on the 1 ow-speed aerod-ynamics o f  slender del t a  wings. Apex and 
coni c a i  cambers were tes ted  a1 ong w i t h  constant  chord 1 eading-edge f l aps, which 
approximated the apex camber lead ing  edge. An example o f  pressure data i s  shown i n  
f i g u r e  4 f o r  the con ica l  camber c o n f i g u r a t i o n  a t  a = 10.3'. The vor tex rea t tach-  
ment l i n e ,  i n d i c a t e d  by the arrow, was obta ined from t u f t  data. Recent ana lys i s  o f  
the drag p o l a r  data f o r  t h i  s conical  camber con f i gu ra t i on  showed a suct ion l e v e l  of  
about 40 percent  a t  a CL o f  0.31 ( a  = 10.3'1, and about 28 percent  a t  a CL = 0.5. 
Vortex Theories f o r  Nonplanar Wings.- Dur ing the 1970's th ree  theor ies  were 
devel oped t o  c a l c u l a t e  the vor tex  f low aerodynamics o f  cambered slender wings: 
con ica l  f low, the Vortex L a t t i c e  Method-Suction Analogy, and the Free Vortex Sheet. 
These are  shown i n  f i g u r e  5, taken from a 1978 paper by Lamar ( r e f .  29), and repre-  
sent d i f f e r e n t  l e v e l s  o f  capabi l  i t y .  The con ica l  f low technique o f  Barsby ( r e f .  30) 
lriodeied the  separated f low vo r tex  sheet, b u t  does n o t  s a t i s f y  the t ra i l i ng -edge  
K u t t a  cond i t ion ,  The Vortex L a t t i c e  Method - Suct ion Analogy (VLM-SA) was a 
mods" f fed vers ion  s f  the o r i g i n a l  suct ion analogy where Lamar accounted f o r  a vo r tex  
93" P t  vector  for cambered and bi sted wings, The Free Vortex Sheet (FVS) method, 
o r i g i n a l l y  developed by the Boeing Company i n  1944, does account f o r  the * a i l  ing-  
edge Ku t t a  condi ti on ( r e f ,  3% 1 ,  and g i  ves completely t h r e e - d i m e n s i o d  flow f i e 1  d 
ca l cu la t i ons ,  
An impor tan t  f a c t o r  i n  the evo lu t i on  o f  these theo r ies  from i n i t i a l  development 
was the c r i t i c a l  c o r r e l a t i o n  and v a l i d a t i o n  studies. One example i s  the study by 
Kuhlman ( r e f .  32) who c o r r e l a t e d  pressure d i s t r i b u t i o n s  obta ined w i t h  the FVS code 
w i t h  Wentz's experiments f o r  a c o n i c a l l y  cambered d e l t a  ( r e f .  28). Another example 
i s  Manro' s i n v e s t i g a t i o n  ( r e f .  33) t o  c o r r e l a t e  FVS pressure d i  s t r i b u t i o n s  w i t h  
experiment on an arrow wing having t w i s t  and camber. 
The c a p a b i l i t y  o f  these theo r ies  t o  est imate the e f f e c t s  o f  camber he igh t  on 
drag f a c t o r  i s  shown i n  f i g u r e  6, taken from Lamar and Luckr ing  ( r e f .  23). A l l  o f  
the theo r ies  p r e d i c t  a reduc t ion  i n  drag w i t h  an increase i n  camber height. 
However, because o f  i t s  r e s t r i c t e d  assumptions, the con ica l  f low method est imates 
lower drag than the FVS o r  VLM-SA techniques. For the range o f  camber he igh ts  shown 
here, the FVS and VLM-SA est imates are  e s s e n t i a l l y  the same, With t h i s  e a r l i e r  
vers ion  o f  the FVS, i t  was d i f f i c u l t  t o  ob ta in  converged so lu t i ons  where the vor tex  
was small and conf ined t o  a camber surface. Kuhlman ( r e f .  32) explored t h i s  
d i  f f i c u l  ty f o r  combinations o f  angle o f  a t tack  and leading-edge droop, wh i le  Tinoco 
( re f .  34) performed one o f  the f i r s t  s tud ies  us ing  the FVS t o  design slender wing 
camber shapes t o  reduce drag. 
Pre-Scamp Maneuver Design.- The f i r s t  vor tex design w i t h  the VLM-SA was 
produced by Lamar e t  a1 . ( r e f .  35) on the Pre-Scamp c o n f i g u r a t i o n  shown i n  f i g u r e  7. 
Th i s  was p a r t  o f  a cooperat ive e f f o r t  w i t h  General Dynamics t o  evaluate var ious  
t ransonic and supersonic ( r e f .  36) wing designs on a s t re tched F-16 fuselage. The 
t e s t s  were conducted i n  the NASA Langley Research Center 7- by 10-Foot High-Speed 
Tunnel (7x10 HST), i n  A p r i l  1978. The wing, which was designed f o r  a maneuver CL 
o f  0.5, achieved the design f low f i e l d  w i t h  the reattachment 1 i n e  occur r ing  a t  the 
camber c r e s t  down the l e n g t h  o f  the wing and w i t h  at tached f low downstream over most 
o f  the remainder o f  the wing. Th i s  r e s u l t e d  i n  a suc t ion  o f  77 percent  a t  the 
design po in t .  
I n  a d d i t i o n  t o  the f i x e d  camber design, a p lanar  wing was tes ted  w i t h  leading-  
and t r a i l  ing-edge f laps .  The r e s u l t s  a re  i l l u s t r a t e d  i n  f i g u r e  8, taken from 
reference 37, which shows L/D w i t h  Mach number f o r  a c r u i s e  and maneuver 
cond i t ion .  These data suggest t h a t  a combination o f  simple leading-edge and 
t r a i l  ing-edge f l a p s  cou ld  approximate the drag b e n e f i t  due t o  the vor tex f low a t  
t ransonic maneuver, and t h a t  the same f l a p s  a t  supersonic speeds (on l y  the l ead ing  
edge was de f l ec ted  i n  these data, and a t  lower d e f l e c t i o n  angles) approach the L/D 
l e v e l s  obta ined f o r  a f i xed  c r u i s e  camber. Pol hamus described the NASA/GD co-op 
program i n  reference 27, where he presented another vers ion  o f  these data. 
F-16 data ( r e f .  14) a re  shown t o  i l l u s t r a t e  the e f f e c t  o f  sweep, aspect r a t i o ,  
and de f l ec ted  f l a p s  i n  going from a moderately swept t ransonic f i g h t e r  t o  a slender 
supersonic-crui  se-type f i g h t e r .  The F-16 uses a combination o f  de f l ec ted  f l a p s  t o  
opt imize drag p o l a r  throughout i t s  f l i g h t  envelope. As noted i n  f i g u r e  8, the 
combination o f  increased sweepj or  lower aspect r a t i o ,  and f i x e d  camber f o r  the 
slender wing reduces subsonic c r u i s e  and maneuver L/D and increases supersonic 
c r u i  se e f f i c i e n c y .  Usl" ng leading-  and t r a i  l l'ng-edge f l a p s  on the slender wing 
lessens these subsonic reduct ions. 
The Vortex Flap Concept 
.- After the Pre-Scamp data 
were a v a i l a b l e  i n  A p r i l  1978, Rao began a ser ies  o f  experiments i n  the Langley 9x10 
HST t o  explore the vo r tex  f l a p  concept. Simple generic models, such as a  34" d e l t a  
( r e f .  381 and a h igh l y  swept arrow wing ! re f .  391, were used t o  b u i l d  the data base 
and evaluate oarametr ic s e n s i t i v i t i e s .  The sketches i n  f i q u r e  9 were taken from 
reference 40 and i l l u s t r a t e  the vor tex on the basic  wing w i t h  no con t ro l  and the 
f low due t o  the vor tex  f lap ,  where the vor tex  i s  on the f l a p  w i t h  reattachment o f  
the flow a t  the hinge1 i n e  and attached f low over the remainder o f  the wing. Two 
types o f  f l a p s  were suggested, one t h a t  has a  simple inboard hinge, and the other  a  
f o l d i n g  type t h a t  deploys ou t  from the lower surface. An a l t e r n a t e  approach f o r  
c o n t r o l l i n g  the leading-edge vor tex  f o r  h igh l y  swept wings was proposed by Runyan 
( r e f .  411, who inves t i ga ted  the e f f e c t  o f  a  leading-edge tab counterdef lected from 
the main p o r t i o n  o f  the f lap .  
The vor tex f l a p  f low f i e l d  was v e r i f i e d  exper imenta l ly  by Rao ( r e f .  39) us ing 
smoke flow, as observed i n  f i g u r e  10, f o r  a  segmented f l a p  arrangement on an arrow 
wing. Pressure measurements by Schoonover and Oh1 son ( r e f .  42 ) demonstrated the 
s h i f t  i n  the  suc t ion  pressures onto the f l a p  compared t o  the oressures on the bas ic  
supersonic camber c o n f i g u r a t i o n  ( f i g .  11). De f l ec t i ng  t h e  f laps  reduces 1 i f t  a t  a g iven 
angle o f  at tack;  there fore ,  a  f lapped con f i gu ra t i on  must increase angle o f  a t tack  t o  
ge t  back t o  the same l i f t .  Th is  i s  apparent i n  the sketch a t  CL = 0.5, where 
a = 10.6" f o r  the bas ic  conf igura t ion ,  and a = 12.9" w i t h  the f lap .  Vortex- 
induced pressures on the f l a p  resu l  ted i n  s i g n i  f i c a n t  reduc t ions  i n  drag. 
A considerable amount o f  data has been obtained f o r  vor tex  f l a p s  app l ied  t o  
many d i  f f e r e n t  research model s. The m a j o r i t y  o f  s tud ies  have been performed i n  low- 
speed and subsonic wind tunne ls  and have i nves t i ga ted  a  v a r i e t y  o f  f l a p  arrange- 
ments. Fo r  example, research has been conducted on leading-edge devices ( r e f s .  43, 
44, and 451, the tabbed vo r tex  f l a p  ( r e f s .  46 and 471, the upper surface f l a p  ( r e f .  
481, segmented f l a p s  ( re f .  491, apex f l a p s  ( r e f .  501, t ra i l i ng -edge  f l a p  e f f e c t s  
( r e f .  51), planform s tud ies  ( r e f s .  52, 53, and 54), and l a t e r a l - d i r e c t i o n a l  research 
( r e f s .  55 and 56). 
Vor tex Analys is  and Design.- There has been a  steady evo lu t i on  i n  the 
capabi l  i t i e s  o f  vor tex  theo r ies  t o  model more compl i c a t e d  f low and geometry 
s i t ua t i ons .  Th i s  i s  t r u e  o f  the suc t ion  analogy as we1 1  as the FVS code. Both 
Car l  son ( r e f .  57) and Lan ( r e f .  58) have extended the c a p a b i l i t i e s  o f  the suc t ion  
analogy. Lan, for example, der ived an improved formulat ion f o r  the ro ta ted  suct ion 
vec tor  l o c a t i o n  for subsonic and supersonic f low. Ins tead o f  assuming the vector  t o  
be normal t o  the camber slope a t  the lead ing  edge, i t  i s  moved t o  a rearward loca-  
t i on ,  where i t  ac ts  perpendicular  t o  the camber l i n e  t o  account f o r  the s ize  and 
growth o f  the vortex. T h i s  ana lys i s  method, along w i t h  t h a t  o f  Carl  son, l e d  t o  the 
development o f  design techniques by Chang and t a n  ( r e f .  59) and by Car l  son ( r e f .  
,-A \ 
The FVS code cont inued t o  be developed and r e f i n e d  by Langley, Boeing, and 
Northrop researchers t o  p r e d i c t  the vor tex Plow aerodynamics f o r  a  v a r i e t y  o f  f l e w  
cond i t i ons  and conf igura"con geometrs'es. The reader i s  r e f e r r e d  t o  references 24 
and 66 for several s ta tus  repo r t s  on v e r i  fs 'cat ion and a p p l i c a t i o n  ef-f"orts w i t h  the 
I n  1982, buckr ing  f r e f .  62) demonstrated t h a t  convergence could be improved 
by ~d ss' ng a  coverged sol uts' on a t  a  h igher  angle o f  a t tack  as the s t a r t i n g  sol ud i  on 
f o r  the n e x u o w e r  angle o f  at tack.  Add i t i ona l l y ,  vor tex  f l a p  so lu t ions  were 
obtained by us ing a vor tex  sheet t r a n s k r  technique, where the converged sheet 
geometry from one f l a p  d e f l e c t i o n  was used as the s t a r t i n g  geometry f o r  the nex t  
fllap de f l ec t i on ,  Th i  s improved f i r m u l a t i o n  was used by F r i n k  ( r e f .  63) t o  ob ta in  
est imates o f  vor tex- f low f l a p  hl'nge moments, and by Er ickson ( re f .  64)  do ob ta in  
sol u t i o n s  f o r  vor tex-  f lapped wings having reduced sweep angl e. An example o f  
Er ickson 's  r e s u l t s  i s  presented i n  f i g u r e  12 f o r  a 65" d e l t a  wing w i t h  a con ica l  
f l ap .  The r e s u l t s  are f o r  M = 0.6 and a = 15". The converged sheet geometry i s  f o r  
a f l a p  d e f l e c t i o n  o f  30°, wh i l e  the upper surface pressure d i s t r i b u t i o n s  and vor tex  
core p o s i t i o n s  are  f o r  f l a p  d e f l e c t i o n s  from 0" t o  40". Manro ( r e f .  65) conducted a 
r e l a t e d  study which was t o  u t i l i z e  the FVS code t o  p r e d i c t  the ae roe las t i c  loads f o r  
an arrow wing. 
A c r i t i c a l  fea ture  o f  the vor tex f l a p  f low f i e l d  i s  the l o c a t i o n  o f  the 
reattachment l i n e  w i t h  respect  t o  the f l a p  h inge l ine .  F r i n k  ( r e f .  66) has developed 
a design procedure which achieves t h i s  type o f  flow, as i s  sketched i n  f i g u r e  13. 
The design technique came about as an attempt t o  add r a t i o n a l e  t o  shape the f l a p  t o  
accommodate the vo r tex  growth. 
STATUS FOR VORTEX FLOW AERODYNAMICS CONFERENCE 
The c u r r e n t  Vortex Flow Aerodynamics Conference prov ides s ta te -o f - t he -a r t  
papers on advances i n  vor tex f low theor ies,  as we1 1 as on vor tex  f l a p  research over 
the pas t  few years. Th i s  sec t ion  o f  the paper g ives a b r i e f  review o f  progress i n  
vor tex  f l a p  research, prov ides some needs f o r  add i t i ona l  work, and presents 
h i g h l i g h t s  o f  research a c t i v i t i e s  under way i n  vo r tex  theor ies .  
Vortex F lap  Studies 
Subsonic.- A l a r g e  subsonic data base has been es tab l ished f o r  the vor tex  f l a p  
concept. As noted i n  f i g u r e  14, t h i s  inc ludes  pressure and l o a d  d i s t r i b u t i o n s ,  
hinge moments, performance, 1 ongi t u d i  nal and 1 a t e r a l  s t a b i l  i ty and con t ro l ,  and 
f low f i e 1  d d iagnost ics.  F lap  geometric v a r i a t i o n s  inc lude f l a p  p l  anform, hinge-1 i n e  
sweep, f l a p  de f l ec t i ons ,  and f l a p  and wing aerodynamic sect ions. The types o f  
f laps,  shown i n  f i g u r e  15, have increased t o  inc lude upper surface, lower surface, 
and apex types. Most o f  the r e s u l t s  presented a t  the conference are f o r  the lower 
surface f o l d i n g  o r  hinged types o f  f laps.  H o f f l e r  presents r e s u l t s  o f  s tud ies  on 
apex fences ( r e f .  671, w h i l e  Rao discusses a new type o f  lower surface f l a p  c a l l e d  a 
c a v i t y  vor tex  f l a p  ( r e f .  68). 
As suggested i n  f i g u r e  16, the f l a p  concept i s  matur ing a t  subsonic speeds 
because o f  the number o f  appl i c a t i o n  s tud ies  which combine experiment w i t h  theo- 
r e t i c a l  ana lys i s  and design methods. The sketches i n  f i g u r e  17 are an updated 
vers ion o f  Schoonover's ( r e f .  69) and i l l u s t r a t e  the v a r i e t y  o f  con f i gu ra t i ons  f o r  
which f l a p s  have been appl ied. Papers are presented a t  the conference on subsonic 
s tudies o f  both generic ( r e f s .  70 t o  74) and a i r c r a f t  ( r e f s .  17 and 18, and 75 t o  
77 types o f  model s. 
An example o f  data f o r  a i r c r a f t  model s ( f rom r e f .  69) i s  shown i n  f i g u r e  18 t o  
i l l u s t r a t e  the e f f e c t  o f  vor tex  f l aps  on subsonl'e drag reduct ion  f o r  the F-166, F- 
16Xt,  and the AFTIlF-111 csn f i gu ra t i ons .  Design s tud ies  f o r  these three conf igu-  
r a t i o n s  are pub1 i shed a t  the conference and extend F r i n k  k vortex-  f l  ap design 
procedure f o r  simple del $a wings ( r e f .  7 8 ) ,  -to wl'ngs w i " r ;  ki st. and camber, such as 
the F-106 d e l t a  wing ( r e f .  171, the F-16XL cranked wing ( r e f .  181, and the AFTI l  
F-Ill. swept-wing panel ( r e f ,  79 1, The parameter ~ 6 g  -is defhned as the d i  f e r e n c e  
between the baseline drag w i t h  no f l a g  and the con f i gu ra t i on  drag a f t e r  the f l a p  i s  
added. f he drag re8ue"eion increases w i t h  increased 1-i f t  t o  a b b o t  208 to  250 drag 
counts near the design po in t ,  NASA l ang ley  i s  consider ing a subsonic f l i g h t  
experiment on an F-106 a i r p l a n e  t o  v e r i  f y  the vor tex-  f l  ap $I ow f ie1 d and design 
procedure. An i n i t i a l  study o f  the iioietex f low f i e l d  over the F-106 i s  described by 
Lamar i n  reference 79. 
.- Considerably fewer s tud ies  have been conducted a t  
speeds than a t  subsonic speeds (see f i g .  19).  Some 
t ranson ic  data are prov ided by K l e i n  ( r e f .  80) on a generic f i g h t e r  model which had 
th ree  h i g h l y  swept wing p l  anforms, f o r  which a number o f  vo r tex  f l a p s  were 
designed. H a l l i s s y  ( r e f .  17) and F i n l e y  ( r e f .  18) present  t ransonic r e s u l t s  
ob ta in  a i r c r a f t  models o f  the F-106 and F-16XL, respect ive ly .  
Research a t  supersonic speeds has begun using generic models t o  study leading- 
edge vo r tex  fl ows and t h e i r  impact on supersonic aerodynamic performance. For  
example, M i l l e r  and Wood ( r e f .  81) i nves t i ga ted  the l ees ide  f low f i e l d s  over p lanar  
d e l t a  wings, and c l a s s i  f i ed  the t e s t  data by the f low cond i t i ons  normal t o  the wing 
l ead ing  edge. Th i s  i s  presented i n  f i g u r e  20. Recent supersonic s tudies ( r e f s .  82 
and 83) have exami ned del t a  wing aerodynamics i n  terms o f  upper and lower surface 
c o n t r i b u t i o n s  and have assessed avai 1 ab le  p r e d i c t i o n  methods f o r  es t imat ing  leading- 
edge vor tex  aerodynamics f o r  p1 anar and cambered del  t a  wings. These eva lua t ions  
suggest t h a t  addi ti onal codes are needed t o  analyze the vortex/shock i n t e r a c t i o n  and 
the fl ap h i  ngel i ne separat ion phenomena. These supersonic e f f o r t s  are summarized by 
M i l l e r  i n  reference 84. 
Leading-Edge Vortex Theories 
Suct ion  Analogy f o r  Ana lys is  and Design.- Considerable use has been made o f  t he  
1 eadi ng-edge suct ion analogy f o r  p rov id ing  p r e l  i m i  nary ana lys i  s  and design. 1 n 
1983. Lamar and Cam~bel 1 ( r e f .  26) reviewed the extensions t o  the suct ion analogy 
t h a t a  had been made t o  est imate strake-wing conf igura t ions ,  cambered wings, round- 
1 eadi ng edges, and a vor tex  breakdown c r i t e r i a  f o r  es t imat ing  l o n g i t u d i n a l  and 
1 a t e r a l  - d i  r e c t i o n a l  aerodynamics. Cur ren t  extensions o f  the suc t ion  analogy 
p r i n c i p l e s  are presented by Lan ( r e f .  85) which i nc lude  the vor tex  ac t i on  po in t ,  
rounded lead ing  edges, body vor tex  l i f t ,  and non l inear  wave drag f o r  supersonic 
speeds (see f i g .  21). I n  add i t ion ,  the suct ion analogy has been incorporated i n t o  a 
number o f  design procedures. F r i n k  ( r e f .  78) discusses the  use o f  t he  analogy t o  
design area e f f i c i e n t  vor tex  f laps,  wh i l e  Lan ( r e f .  86) describes an op t im iza t i on  
technique t o  design vor tex  f l a p s  on wings f o r  maximum L/D, Car l  son ( r e f .  87) uses 
a t t a i n a b l e  t h r u s t  cons idera t ions  t o  analyze and design wing f l a p  systems, Huebner 
( r e f .  88) describes an a1 te rna te  procedure t o  Lan's  ( r e f .  86) where a new opt imizer  
i s  coupled w i t h  Lan 's  ana lys i s  t o  de f ine  vor tex  f l a p s  a t  supersonic speeds. 
Free Vortex Sheet Method.- The f ree-vor tex-sheet  method cont inues t o  p rov ide  
the  bu lk  o f  the subsonic R o w - f i e l d  c a l c u l a t i o n s  and i n teg ra ted  force and moment 
r e s u l t s  t o  c o r r e l a t e  w i t h  the var ious  suc t ion  analogy and Eu ler  codes. As noted i n  
f i g u r e  21, Luckr ing ( r e f .  89) presents atl updated vers ion  o f  the FYS formulat ior!  
which has g r e a t l y  improved convergence p rope r t i es  fir a broad range o f  geometries, 
f nc lud ing  vor tex  f laps.  One o f  the recent  1nnova"t;ons for the FVS was Luck r ing ' s  
work t o  develop a v i  scarrs core formuIat9"on t o  est imate vor tex breakdown ( r e f .  96) .  
F r i n k  ( r e f .  7 2 )  obta-r" ns c a l c u l a t i o n s  f o r  vor tex f l  ag pressure d i  s l r i b u t i o n s  and 
hinge moments for a 74" del %a wing and shows the necessi ty  f o r  accounting f o r  the 
secondary vor tex i n  t h e o r e t i c a l  model s, Addi t iona l  appl i c a t i o n  resu l  ds are 
presented by Grantz ( r e f .  33)  and Er ickson ( r e f ,  91 1, 
Eu ie r  Codes.- Eu ler  codes began appearing i n  the l i t e r a t u r e  i n  1982 and have 
been developing r a p i d l y .  The r e s u l t s  shown i n  f i g u r e  21 were obtained by Raj ( r e f .  
92! f o r  a 31" swept arrow w i ~ g  a t  M = 0.85 and a = 15.8". The crossf low v e l o c i t y  
f i e l d  i s  shown for one l o c a t i o n .  The advantage o f  the Eu ler  code i s  t h a t  i t  has the 
capabi l  i t y  t o  compute very compl i c a t e d  f lows such as the vortex/shock i n t e r a c t i o n s .  
I t  i s  des i rab le  t o  perform f u r t h e r  subsonic v a l i d a t i o n  s tud ies  between the Eu ler  
code vor tex  f lows and wing surface pressures and the FVS code i n  order t o  take 
advantage o f  the l a r g e  number o f  FVS so lu t i ons  ava i lab le .  Recently, Kandi l  ( r e f .  
93) used an i n t e g r a l  equat ion approach t o  c a l c u l a t e  a vortex/shock i n t e r a c t i o n  on a 
del t a  wing. 
Sirbaugh ( r e f .  94) presents a c o r r e l a t i o n  study o f  Eu ler  ana lys is  f o r  an 
e l l i p t i c  m i s s i l e  body, wh i l e  Raj ( r e f .  95) presents r e s u l t s  o f  c o r r e l a t i o n s  w i t h  two 
cropped d e l t a  wings and an arrow wing. Newsome ( r e f .  96) prov ides a c r i t i c a l  
comparison between Eu le r  and Navier-Stokes equat ions f o r  the s imu la t ion  o f  leading-  
edge vor tex  f lows a t  supersonic speeds. 
Three-Dimensional Boundary Layer Methods.- Three-dimensi onal boundary 1 ayer  
research i s  very impor tan t  i n  order  t o  ge t  some v iscous "smarts" i n t o  i n v i s c i d  
methods, such as the Free Vortex Sheet and Eu ler  codes. Cur ren t ly ,  separat ion l i n e s  
must be spec i f i ed  f o r  these codes. Recently, Wai ( r e f .  97) and DeJarnette ( r e f .  98) 
devel oped three-dimensional boundary 1 ayer techniques t o  est imate the boundary 1 ayer 
and secondary separat ion 1 i n e  on slender wings w i t h  vor tex  flows. The sketch i n  
f i g u r e  22 i s  from reference 98. Woodson ( r e f .  99) and Blom ( r e f .  100) r e p o r t  on 
t h e i r  respect ive  techniques. Boundary 1 ayer techniques should be developed t o  e s t i  - 
mate separat ion l i n e s  on slender wings w i t h  round lead ing  edges, a t  leading-edge 
f l a p  and t r a i l  ing-edge f l a p  hinge 1 ines, and the secondary vo r tex  separat ion 1 ine .  
Th i s  i s  a more c r i t i c a l  problem a t  subsonic and t ranson ic  speeds where the  fdavier-Stokes 
so lvers  are  n o t  appropr ia te  y e t .  
Navi er-S tokes Sol vers.- Navi er-Stokes sol u t i o n s  are usual l y  obtained f o r  
supersonic cond i t i ons  so the  s o l u t i o n  domain i s  l i m i t e d  compared t o  the subsonic. 
An example o f  the f low d e t a i l  i s  shown i n  f i g u r e  22 f o r  a 75" d e l t a  wing a t  M = 1.95 
and a = 10". These r e s u l t s  were obta ined by R izze t ta  ( r e f .  101) and demonstrate 
the upper surface f low pat te rn ,  i n c l u d i n g  the pr imary vor tex  reattachment l i n e  and 
the secondary separat ion 1 ine. Supersonic s tudies repor ted  a t  the conference 
i nc lude  Newsome ( r e f .  96), Buter  ( r e f .  1021, and Blom ( r e f .  100). Studies need t o  
be extended down t o  subsonic and t ransonic speeds. One approach would be t o  use a 
converged FVS s o l u t i o n  f o r  M = 0.9 as the s t a r t i n g  s o l u t i o n  t o  focus the g r i d  and 
reduce run time. 
SOME CHALLENGES FOR ADDITIONAL VORTEX RESEARCH 
There are a number o f  o p p o r t u n i t i e s  t o  study f low f i e l d  problems f o r  slender 
wing eonf ig~ i i -a t io i i s .  These are ii sted here t o  p rov ide  some food f o r  thought. Some 
of the research chal lenges are  i l l u s t r a t e d  by Plow s i t u a t i o n s  on some c u r r e n t  
a i rp lanes ,  
1. Combine attached f low and vor tex Plow f i e l d s  i n  wing design, 
2, I n v e s t i g a b  vor tex f low and shock wave i n te rac t i ons .  An example i s  shown 
i n  f i g u r e  23 taken from reference 103 s f  an F-4 a i rp lane  a t  19 -- 0 -95  and 
an angle o f  at tack o f  8". Where the vor tex  has s h r t e d  on the outboard 
panel, there  i s  no evidence o f  the  shock i n  the surface o i l  f low, Inboard 
the at tached f low proceeds t o  the t r a i l  ing-edge shock. The separated 
vor tex  r e s u l t s  i n  an ob l ique f low which lowers the l o c a l  normal Mach 
number t o  subsonic. Theore t ica l  model s are needed t o  e x p l o i t  t h i  s 
favorabl  e f l  ow i n t e r a c t i o n .  
3. Continue t o  develop 3-D boundary l a y e r  techniques to  est imate separat ion 
1 i nes a t  round 1 eadi ng edges, 1 eadi ng-edge fl ap and t r a i  1 i ng-edge f l  ap 
hinge1 i nes, and secondary vor tex  f lows. 
4. Conduct c r i t i c a l  s tud ies  o f  M and Rn sca l ing  o f  vor tex development. 
An example o f  t h i s  i s  shown i n  f i gu re  24 f o r  the F-111 TACT a i rp lane  a t  
M = 0.6 and a = 6". These f l i g h t  data were obtained by Schoonover ( r e f .  
104) and i l l u s t r a t e  a vortex- induced pressure d i s t r i b u t i o n  a t  Rc = 20 x 
106; increase i n  RE t o  40 x 106 r e s u l t s  i n  an attached f low pressure 
d i s t r i b u t i o n .  
5. Va l i da te  vor tex  theo r ies  f o r  simple and mixed f low f i e l d s  (panel, Euler,  
and Navier-Stokes techniques) . 
6. Provide add i t i ona l  vor tex  f l a p  app l i ca t i ons  a t  t ransonic and supersonic 
speeds. 
7. I n v e s t i g a t e  m u l t i p l e  vor tex  i n te rac t i ons .  An example i s  shown i n  f i g u r e  
25 f o r  the B-1 a i rp lane  a t  M = 0.98 and a = 7". The f l i g h t  v e h i c l e  
experienced wing o s c i l l a t i o n s  w h i l e  i n  a windup t u r n  ( r e f .  105). A wind 
tunnel model conf irmed these o s c i l l a t i o n s  and t h a t  they were due t o  two 
c o r o t a t i n g  v o r t i c e s  on the wing panel. 
8. Study vor tex  i n t e r a c t i o n s  w i t h  i n l e t  and exhaust f low f i e l d s .  
9. Evaluate canard and st rake e f f e c t s  on vor tex  f l a p  design. 
10. Expand theory and experimental data base f o r  vor tex  breakdown. An example 
i s  shown i n  f i g u r e  25 for an F-18 water tunnel model ( re f .  106). The 
v e r t i c a l  t a i l s  operate i n  the very t u r b u l e n t  f low f i e l d  downstream o f  the 
vor tex burst ,  which has l e d  t o  t a i l  o s c i l l a t i o n s  and premature t a i l  
fa t igue.  
CONCLUDING REMARKS 
Th is  paper provides some background in fo rmat ion  f o r  the Vortex Flow 
Aerodynamics Conference and resu l  t ed  i n  the f o l  lowing observat ions: 
Cur ren t  s l  ender wing a i  r p l  anes do n o t  use va r iab le  1 eading-edge geometries t o  
improve drag pol a r  f o r  t ransonic maneuver condi t i ons .  
A l a r g e  subsonic data base for the vor tex  f l ap  concept has been generated; 
t ransonic and supersonic generic s tudies have star ted.  
There i s  a need f o r  v a l i d a t e d  f l ow  f i e l d  so lvers  f o r  c a l c u l a t i n g  vortex/sheck 
i n t e r a c t i  ons a t  t r anson i c  and supersonic speeds, 
Many impor tan t  research oppor tuni  t i e s  e x i  s t  t o  t h e o r e t i c a l  l y  and experimental l y  
i nves t i ga te  fundamental vo r tex  Flows and apply t h a t  knowledge t o  analyze and des i  gr! 
advanced f i gh ter  concepts. 
REFERENCES 
1. Design Conference Proceedi ngs-Techno1 ogy f o r  Supersonic C ru i  se M i  1 i t a r y  
A i r c r a f t ,  AFFDL-TR-77-85, Vol . 1, Colorado Springs, Colorado, Feb. 17-20, 
1976. 
2. T a c t i c a l  A i r c r a f t  Research and Technology Conference, Oct. 21-23, 1980, NASA 
Langley, Hampton, V i r g i n i a .  NASA 
3. P i c c i r i l  l o ,  A. C. : The Advanced T a c t i c a l  F ighter- -Design Goal s and Technical  
Challenges. Aerospace America, November 1984, pp. 74-79. 
4. Pol hamus, E. C.: Vor tex L i f t  Research: E a r l y  Con t r i bu t i ons  and Some Cur ren t  
Challenges. Vor tex Flow Aerodynamics - Volume I ,  NASA CP-2416, paper no. 1, 
1986. 
5. Jane ' s  A l l  The Wor ld 's  A i r c r a f t .  Ed i t ed  by J. W. R. Tay lor ,  1974 t o  1984. 
Jane' s Publ i shi  ng Company, LTD . 
6. The Encylopedia o f  World A i r  Po i shed 
by the  Hamlyn Publ i shi  ng Grou 
7. DeLuca, J .; Arena, A.; Myers, W.; and Stevens, C.: F-14 Maneuver S l a t  
Opt im iza t ion  Program: F i n a l  Report. Report  A51-335-R-73-2. Grumman 
Aerospace Corp., December 1973. 
8. Ropelewski, R. R.: " A v i a t i o n  Week P i l o t  Report  - Mirage 2000 F i g h t e r  Combines 
Accelerat ion,  Low Speed S t a b i l  i ty." A v i a t i o n  Week & Space Techno1 ogy. June 
24, 1985, pp. 38- 
9. A v i a t i o n  No. 11, pp. 21. 
10. Mantz, K.: Data Report  o f  a 0.08 Scale Nor throp YF-17 Force/Pressure Model 
Transonic Wind Tunnel Drag and Pressure Tests i n  the AEDC 16 Foot  Wind 
Tunnel. Northrup, Hawthorne, CA, NOR 75-18, March 1975. 
11. Northrop Corp.: Second F-5G Transonic Test. NAL-272, J u l y  1980. 
12. N ied l i ng ,  L. F.: The F-15 Wing Development Program Presented a t  A I A A  
Symposium on "The Ev March 
18-19, 1980, AIAA-BO 
13 Wentz, W, H,; and Kohlman, D, L,: Wind-Tunnel I n v e s t i g a t i o n  o f  Vortex 
Breakdown on Slender Sharp-Edged Wings. NASA CR-98737, 1968, 
14 ,  Webb, J. B,, e t  a l . :  F-16 Aerodynamic Design Data Report CDRL Sequence No. 
8027, General Dynamics F o r t  Worth, No, 16PR177, Contract  F33657-75-6-0310, 
Revi sed Nsv, 1976. 
15. Ray, E. J.; and Ho l l ingswor th ,  E.  6.: Subsonic C h a r a c t e r i s t i c s  o f  a Twin-Jet 
Swept-Wing F i g h t e r  Model Wi th Maneuvering Devices. NASA TN 8-6921, Jan. 
1973. 
16. Pol hamus, E. C.: A p p l i c a t i o n  o f  the Leading-Edge Suct ion Analogy o f  Vor tex 
L i f t  t o  the Drag-Due-To-Lift o f  Sharp-Edge De l ta  Wings. NASA TN 0-4739, 
August 1968. 
17. H a l l i s s y ,  J .  M.; F r i nk ,  N. T.; and Huffman, J .  K.: Aerodynamic Tes t ing  and 
Ana lys is  o f  Vor tex F lap  Conf igura t ions  f o r  the  5-Percent Scale F-1066. 
Vortex Flow Aerodynamics - Volume 11, NASA CP-2417, paper no. 12, 1986. 
18. F i n l e y ,  D. B.; and Schoonover, W. E.: Design and Wind Tunnel Eva lua t ion  o f  
Vor tex F laps  For  the F-16XL. Vortex Flow Aerodynamics - Volume 11, 
NASA CP-2417, paper no. 13, 1986. 
19. Roed, A.: Development o f  the SAAB-Scania Viggen. Canadian Aeronaut ics and 
Space Journal  . June 1972, pp. 167-175. 
20. Spearman, M. L.; and C o r l e t t ,  W. A . :  S t a b i l i t y  and Contro l  C h a r a c t e r i s t i c s  a t  
Mach Numbers From 0.60 t o  2.50 o f  a Del ta-Wing F i g h t e r  A i rp lane  Model Having 
an A f t  Hor izon ta l  Ta i  1 . NASA TM X-1752, 1969. 
21. W h i t t l e ,  E. F.; and L o v e l l ,  J.  C.: Fu l l -Sca le  I n v e s t i g a t i o n  o f  an E q u i l a t e r a l  
T r i angu la r  Wing Having 10-Percent-Thick Biconvex A i r f o i l  Sect ions. NACA RM 
L8G05, 1948. 
22. Riebe, J.  M.; and Fikes, J. E.: P re l im ina ry  I n v e s t i g a t i o n  o f  the E f f e c t  o f  
Camber on a 60" D e l t a  Wing With Round and Beveled Leading Edges. NACA RM 
L9F10, August 1949. 
23. Lamar, J. E.; and Luckr ing,  J. M.: Recent Theore t ica l  Developments and 
Experimental Studies P e r t i n e n t  t o  Vortex Flow Aerodynamics--Wi t h  a View 
Towards Design. AGARD CP-247, Paper No. 24, October 1978. 
24. B o b b i t t ,  P. J ,: Modern F l u i d  Dynamics o f  Subsonic and Transonic F l i g h t .  AIAA 
80-0861, May 1980. 
25. Rao, D. M. : V o r t i c a l  Flow Management f o r  Improved Conf igura t ion  Aerodynamics 
--Recent Experiences. AGARD CP-342, Paper No. 30, A p r i l  1983. 
26. Lamar, J . E. ; and Campbell , J . F. : Recent S tud ies  a t  NASA-Langl ey o f  V o r t i c a l  
Flows I n t e r a c t i n g  Wi th Neighboring Surfaces. AGARD CP-342, Paper No. 10, 
A p r i ?  1983. 
27, Pol kamus, E ,  C.: Apply ing Sf ender Wing Benefits t o  M i l i t a r y  A i r c r a f t ,  Journal  
o f  A i r c r a f t ,  Vol , 21, No. 8, August 7984, pp 545 - 559. 
Wentz, W, M, : E f f e c t s  o f  L e a d i n g - E d g e  Camber on Low-Speed Gharacteri s t i c s  o f  
Slender Del La Wings.  NASA CK-2002, 1912, 
Lamar, J.  E , :  Subsonic Vortex-Flow Design Study f o r  Slender Wings. Journal  o f  
A i r c r a f t ,  Vo7, 15, No, 9, pp. 611 - 619, September 1378, 
Barsby, J. E.: Flow Past  Con ica l l y  Cambered Slender D e l t a  Wings With Leading- 
Edge Separation. Aeronaut ical  Research Council Reports and Memoranda No. 
3748, 1974. 
Brune, G. W.; Weber, J.  A.; Johnson, F. T,; Lu P.; and Rubbert, P. E.: A 
Three-Dimensional So lu t i on  o f  Flows Over Wings With Leading-Edge Vortex 
Separation. NASA CR-132709, Sept. 1975. 
Kuhlman, J. M.: A n a l y t i c a l  S tud ies  o f  Separated Flow on H igh l y  Swept Wings. 
NASA CR-3022, November 1978. 
Manro, M. E.; Bobb i t t ,  P. J .; and Kul fan, R. M.: The P r e d i c t i o n  o f  Pressure 
D i s t r i b u t i o n s  on an Arrow-Wing Con f i gu ra t i on  I n c l u d i n g  the  E f f e c t  o f  Camber, 
Twist ,  and a Wing F in .  NASA CP-2108, Nov. 1979. 
Tinoco, E. N.; and Yoshi hara, H.: S u b c r i t i c a l  Drag M in im iza t i on  f o r  H igh ly -  
Swept Wings With Leading-Edge Vor t i ces .  AGARD CP-247, Paper No. 26, October 
1978. 
Lamar, J. E.; Schemensky, R. T.; and Reddy, C. S.: Development o f  a Vortex 
L i  f t  Design Procedure and Appl i c a t i  on t o  a Sl  ender-Maneuver-Wi ng 
Conf igura t ion .  Journal  o f  A i r c r a f t ,  Vol . 18, No. 4, pp. 259-266, A p r i l  
1981. 
M i l l e r ,  D. S.; and Schemensky, R. T.: Design Study Resu l ts  o f  a Supersonic 
C r u i  se F i g h t e r  Wing. AIAA-79-0062, Jan. 1979. 
Lamar, J.  E.; and Campbell, J .  F.: Vor tex Flaps--Advanced Contro l  Devices f o r  
Supercrui  se F igh te rs .  America. pp. 95-99, January 1984. 
Rao, D. M.: Leading Edge Vortex-Flap Experiments on a 74 Deg. De l ta  Wing. 
NASA CR-159161, November 1979. 
Rao, D. M. : Exp lo ra to ry  Subsonic I n v e s t i g a t i o n  o f  Vortex-Fl ap Concept on 
Arrow Wing Conf igura t ion .  NASA CP 2108, pp. 117-129, November 1979. 
Rao, D. M. : Leading-Edge 'Vor tex F laps '  f o r  Enhanced Subsonic Aerodynamics o f  
Slender Wings. ICAS-80-13.5. October 12-17, 1980. 
Runyan, L. J.; Middleton, W. D.; and Paul son, J. A,: Wind Tunnel Tes t  Resul ts  
o f  a New Leading-Edge F lap  Design For  H igh l y  Swept Wings. NASA CP-2108. 
pp. 131-147, November 1979, 
Schoonover, W. E ,  ; and Oh1 son,  W. E, : Wind-Tunnel I n v e s t i g a t i o n  s f  Vortex 
F laps  on a Highly Swept Interceptor, ICWS-82-6-9-3, August  1982. 
Rae, D ,  M e  ; a n d  Johnson, T. D .  : % n v e s t i g a t i s n  s f  Del t a  Wing Leading-Edge 
Devices. J .  o f  A i r c r a f t .  Vol. 18, No. 3, March 1981, gp. 161-167. 
Johnson, T. J. ;  and Rao, 8. M.: Experimental Study sf Del ta Wing Leading-Edge 
Devices -For Brag Reduction a t  Nigh L i f t ,  NASA CW-$65846, February 1982, 
Tingas, S. A . ;  and Rao, D, M.: Subsonic Balance and Pressure I n v e s t i g a t i o n  o f  
a 60-degree De l ta  Wing With leading-Edge Devices. NASA CR-165923, May 1982. 
Yip, L. P.; and Mur r i ,  D. G.: E f f e c t s  o f  Vortex Flaps on the Low-Speed 
Aerodynamic C h a r a c t e r i s t i c s  o f  an Arrow Wing. NASA TP-1914, November 1981. 
H o f f l e r ,  K. D.; and Rao, D. M.: An I n v e s t i g a t i o n  o f  the Tabbed Vortex Flap. 
J.  o f  A i r c r a f t .  Vol. 22, No. 6, June 1985, pp. 490-497. 
Rao, D.  M. : Upper Vortex Flap - A V e r s a t i l e  Surface f o r  H igh ly  Swept Wings. 
ICAS Paper No. 82-6.7.1, August 1982. 
Rao, D. M. : Segmented Vortex Flaps. A I A A  83-0424, January 1983. 
Rao, D. M.; and Buter,  T. A.: Experimental and Computational Studies o f  an 
Apex Flap Concept on a 74-Deg. De l ta  Wing. AIAA 83-1815, J u l y  1983. 
Grantz, A. G.; and Marchman, J.  F.: T r a i l  ing-Edge F lap  In f luence on Leading- 
Edge F lap  Aerodynamics. J. o f  A i r c r a f t ,  ~ o l .  20, NO.' 2. February 1983, pp l  
165-169. 
Hom, K. W.; Morr is ,  0. A.; and Hahne, D. E.: Low-Speed I n v e s t i g a t i o n  o f  the 
~ a n e u v e r  C a p a b i l i t y  o f  Supersonic F i g h t e r  Wings. ' AIAA 83-0426, January 
1983. 
53. Erickson, G. E.; and McCann, M. K.: Experimental and Ana ly t i ca l  I n v e s t i g a t i o n  
o f  the Subsonic Aerodynamics o f  Slender Wings With Leading-Edge Vortex 
Flaps. AIAA 83-2113, August 1983. 
54. Erickson, G. E.: Vor tex IL inear  L i f t  Augmentation. AFWAL TR-85-3017. June 
1985. 
55. Grantz, A. C. : The La te ra l -D i rec t i ona l  Character i  s t i c s  o f  a 74-Degree D e l t a  
Wing Employing Gothic Plan form Vortex Flaps. NASA CR-3848, November 1984. 
56. Carey, K. M.; and Erickson, G. E.: Vortex F lap  Technology: A S t a b i l i t y  and 
Contro l  Assessment. NASA CR-172439, November 1984. 
57. Car l  son, H. W. ; and Mack, R. J.: Es t imat ion  o f  Wing Nonl inear Aerodynamic 
C h a r a c t e r i  s t i c s  a t  Supersonic Speeds. NASA TP-1718, November 1980. 
58. Lan, C. E.; and Chang, J.  F.: Ca lcu la t i on  o f  Vortex L i f t  E f f e c t  f o r  Cambered 
Wings by the  Suct ion Analogy. NASA CR-3449, J u l y  1981. 
59. Chang, J.  F,; and Lan, C. E.: Design o f  Wings With Vortex Separated Flow. 
NASA CR-172198, September 1983. 
60, Carl son, H ,  W. ; and Wal k ley ,  K .  B *  : An Aerodynamic Analys is  Computer Program 
and Design Notes For Low Speed Wing F l a g  Systems. NASA CR-3675, March 1983, 
Campbel 7 ,  J . F. : Vortex Flow Aerodynamics--An Emerging Design Capabi f i ty . 
Background A r t i c l e  fir  Ast ronaut ics  - and Aeronautics Cover, pp. 54-58, May 
1981. 
Luckring, J.  M.; Schoonover, W. E . ;  and F r ink ,  N. Y.: Recent Advances i n  
Apply ing Free Vortex Sheet Theory f o r  the Est imat ion o f  Vortex Flow 
Aerodynamics. AIAA-82-0095, Jan. 1982. 
F r i nk ,  N. T.: A n a l y t i c a l  Study o f  Vortex Flaps on H igh ly  Swept De l ta  Wings. 
I C A S  Paper No. 82-6.7.2, August 1982. 
Erickson, G. E.: App l i ca t i on  o f  Free Vortex Sheet Theory t o  Slender Wings 
With Leading-Edge Vortex F l  aps. AIAA 83-1813, J u l y  1983. 
Manro, M. E.: Aeroe las t ic  Loads P r e d i c t i o n  f o r  an Arrow Wing. Task 111.- 
Eva lua t ion  o f  the Boeing Three-Dimensional Leading-Edge Vortex Code. NASA 
CR-3642, January 1983. 
F r i n k ,  N. T.: Concept f o r  Designing Vortex F lap  Geometries. NASA TP-2233, 
December 1983. 
H o f f l e r ,  K. D.; Rao, D. M.; and F rassene l l i ,  M. C.: Basic Studies on De l ta  
Wing Flow Mod i f i ca t i ons  by Means o f  Apex Fences. Vortex Flow Aerodynamics - 
Vol ume I. NASA CP-2416, paper no. 9, 1986. 
Rao, D. M. : Towards An Advanced Vortex F lap  System - The "Cavi ty"  Flap. 
Vortex Flow Aerodynamics - Volume I, NASA CP-2416, paper no. 10, 1986. 
Schoonover, W. E.; F r ink ,  N. T.; H a l l i s s y ,  J. B.; and Yip, L. P.: 
Subsonic/Transonic Development o f  Vortex F l  aps For  F i g h t e r  A i r c r a f t .  
Presented a t  the Symposium on Aerodynamics, NASA Langl ey, A p r i l  23-25, 1985. 
Johnson, T. D; and Huffman, J.  K.: Experimental Study o f  Vortex Flaps on a 
D e l t a  Wing Sweep Ser ies a t  High Angle o f  Attack. Vortex Flow Aerodynamics - 
Volume 11, NASA CP-2417, paper no. 9, 1986. 
Campbell, 9. A,; and Riebe, G. D.: An I n v e s t i g a t i o n  o f  the Subsonic Maneuver 
Charac ter i  s t i c s  o f  Two Supersonic F i g h t e r  Wing Concepts. Vortex Flow 
Aerodynamics - Volume 11, NASA CP-2417, paper no. 10, 1986. 
F r i nk ,  N. T.: C r i t i c a l  Evaluat ion o f  a Vortex F lap  Design Concept Using a 74" 
Del t a  Conf igurat ion.  Vortex Flow Aerodynamics - Volume I I, NASA CP-2417, 
paper no. 2, 1986. 
Grantz, A. C. : The La te ra l -D i rec t i ona l  Charac te r i s t i cs  o f  a 74-Degree Wing 
Employing Gothic P l  anform Vortex Flaps. Vortex Flow Aerodynamics - 
Volume 11, NASA CP-2417, paper no. 3, 1986. 
Gat1 i n ,  G .  M e  : Advanced F i g h t e r  Tested for  Low-Speed Aerodvnamics w i  t k  Verbex 
Flaps. Vortex Flow Aerodynamics - Volume I I ,  NASA CP-2417, paper no. 1, 
1986, 
D e l f r a t e  9 .  W .  : Water Tunnel ResuS %s o f  Leading-Edge Vor tex F l a p  Tes ts  on a 
Be1 t a  Wing Vehic le,  Vortex Flow Aerodynamics - VoS ume I ,  NASA CP-2416, 
gaper no, 18, 1986, 
Yip, L. P.: I n v e s t i g a t i o n  o f  Vortex Flaps on the F-106B A i rp lane 
Conf igurat ion i n  the Langley 30- By 60-Foot WDnd Tunnel. Vortex Flow 
Aerodynamics - Volume 11, NASA CP-2417, paper no. 11, 1986. 
Schoonover, W. E.; and Smith, F. R.: Design and Wind Tunnel Evaluat ion o f  
Vortex Flaps f o r  the USAF AFTIIF-111. Vortex Flow Aerodynamics - Volume 11, 
NASA CP-2417, paper no. 14, 1986. 
F r i n k ,  N. T.: Refinements o f  a Vortex F lap  Design Method w i t h  Schematic 
Appl i cat ions  ( U )  . Vortex Flow Aerodynamics - Vol ume I I I, NASA CP-2418, 
paper no. 1, 1986. 
Lamar, J.  E.: I n - F l i g h t  and Wind Tunnel Leading-Edge Vortex Study on the 
F-106B Airp lane.  Vortex Flow Aerodynamics - Volume I, NASA CP-2416, 
paper no. 8, 1986. 
K l e i n ,  J. R.; Chu, J .; and Fr ink ,  N. T.: Aerodynamic Assessment o f  Vortex 
F laps  on Two F i g h t e r  A i r c r a f t  Conf igura t ions  a t  Transonic Speeds. Vortex 
Flow Aerodynamics - Volume 11, NASA CP-2417, paper no, 4, 1986. 
M i l l e r ,  R. M.; and Wood, D. S.: Leeside Flows Over De l ta  Wings a t  Supersonic 
Speeds. J. o f  A i r c r a f t .  Vol. 21, No. 9, September 1984, pp. 680-686. 
Wood, R. M.; and M i l l e r ,  D. S.: Fundamental Aerodynamic Charac te r i s t i cs  o f  
D e l t a  Wings With Leading-Edge Vortex Flows. J.  o f  A i r c r a f t ,  Vol. 0. 6, 
June 1985, pp. 479-485. 
Wood, R. M.; and M i l l e r ,  D. S.: Assessment o f  Pre l im inary  Predi 
Techniques f o r  Wing Leading-Edge Vortex Flows a t  Supersonic Speeds. J, o f  
A i r c r a f t ,  Vol. 22, No. 6, June 1985, pp. 473-475. 
M i l l e r ,  D. S.; Wood, R. M.; and Covel l ,  P. F.: An Overview o f  the  
Fundamental Aerodynamics Branch's Research A c t i v i t i e s  i n  Wing Leading- 
Edge Vortex Flows a t  Supersonic Speeds. Vortex Flow Aerodynamics - 
Volume I, NASA CP-2416, paper no. 17, 1986. 
Lan, C. E.: Extensions o f  the Concept o f  Suct ion Analogy t o  P r e d i c t i o n  o f  
Vor tex L i f t  E f f e c t .  Vortex Flow Aerodynamics - Vol ume I, NASA CP-2416, 
paper no. 3, 1986. 
Lan, C. E.; and Hsing, C. C.: Subsonic Ana lys is  and Design o f  Vortex Flaps. 
Vortex Flow Aerodynamics - Volume 11, NASA CP-2417, paper no. 5, 1986, 
Car l  son, H. W.; and Darden, C, M.: Attached Flow Numerical Methods f o r  %he 
Aerodynamic Design and Analys is  o f  Vortex Flaps. Vertex Flow Aerodynamics 
Volume I1 , NASA CP-2413, paper no. 6, 1986 
Huebner, L, B,; and Lamar, J ,  E.: Performance Analys is  and Supersonic Design 
o f  Idl'ng Leading-Edge Vortex Flaps f o r  the Convair F-1C)6Be Vortex Flow 
Aerodynamics - Volume %I, NASA CP-2417, paper no. 7, 1986, 
Luckr ing,  J .  M.; H o f f l e r ,  K. D.; and Grantz, A. C.: Recent Extensions to  the 
Free-Vortex-Sheet Theory f o r  Expanded Convergence Capab i l i t y .  Vortex Flow 
Aerodynamics - Vol ume I, NASA CP-2416, paper no. 4, 1986. 
Luckr ing,  J.  M.: A Theory f o r  the Core o f  a Three-Dimensional Leading-Edge 
Vortex. AIAA Paper No. 85-0108, January 1985. 
Erickson, G. E.; and Rogers, L. W.: Experimental I n v e s t i g a t i o n  a t  Low- and 
High-Subsonic Speeds o f  a Moderately Swept F i g h t e r  Wing w i t h  Def lected 
Leading-Edge Flaps. Vortex Flow Aerodynamics - Volume 11, NASA CP-2417, 
paper no. 8, 1986. 
Raj, P.: Computational Simulat ion o f  Free Vortex Flows Using an Eu ler  Code. 
ICAS-84-1.3.1, September 1984. 
Kand i l ,  0. A.; and Yates, E. C.: Computation o f  Transonic Vortex Flows Past  
D e l t a  Wings - I n t e g r a l  Equation Approach. A I A A  85-1582, J u l y  1985. 
Sirbaugh, J .  R.: Eu le r  Analys is  o f  an E l l i p t i c  M i s s i l e  Body a t  Angles o f  
At tack.  Vortex Flow Aerodynamics - Volume I ,  NASA CP-2416, paper no. 14, 
1986. 
Raj , P.; and Long, L. N. : An Eu ler  Aerodynamic Method f o r  Leading-Edge Vortex 
Flow Simulat ion. Vortex Flow Aerodynamics - Volume I, NASA CP-2416, 
paper no. 13, 1986. 
Newsome, R. W.; and Thomas, J.  L.: Computations o f  Leading-Edge Vortex 
Flows. Vortex Flow Aerodynamics - Volume I, NASA CP-2416, paper no. 15, 
1986. 
Wai, J .  C.; B a i l l i e ,  J.  C.; and Yoshihara, H.: Computation o f  Turbulent  
Separated Flows Over Wings. T h i r d  Symposi um on Numerical and Physical 
Aspects o f  Aerodynamic Flows. Long Beach, C A Y  January 20-24, 1985. 
DeJarnette, F. R. ; and Woodson, S. H. : Numerical and Experimental Determinat ion 
o f  Secondary Separat ion on De l ta  Wings i n  Subsonic Flow. J .  o f  A i r c r a f t ,  
Vol. 22, No. 7, J u l y  1985, pp. 602-608. 
Woodson, S. H.; and DeJarnette, F. R.: A D i r e c t  and Inverse Boundary Layer 
Method f o r  Subsonic Flow Over De l ta  Wings. Vortex Flow Aerodynamics - 
Volume I, NASA CP-2416, paper no. 5, 1986. 
Blom, G . ;  Wai, J, C,; and Yoshihara, H.: Viscous V o r t i c a l  Flow Calculats'ons 
Over Be1 t a  Wings. Vortex Flow Aerodynamics - Val ume I ,  NASA CP-2416, 
gaper no. 12, 1986, 
Wizmetta, B .  P . ;  and Shang, J .  S.: Numerical Simulat ion o f  beading-Edge 
Vortex Flows. A I A A  84-1544, June 1984. 
Buter,  P. A.; and R inze t ta ,  8. P , :  Steady Supersonic Havier-Stokes So lu t i ons  
o f  a 75" De l ta  Wing. Vortex Flew Aerodynamics - Volume I ,  NASA CP-2416, 
paper no. 16, 1986. 
163. Gross, G .  G . :  I n v e s t i g a t i o n  s f  Sca l ing  E f f e c t s  i n  Transonic Wind funne l  
T e s t i  ng. AFFDL-TR-72-60, June 1972. 
104, Pol hamus, E. 6.; and Gloss, B. B.: Con f i gu ra t i on  Aerodynamics - High Reynolds 
Number Research --- 1980. NASA CP-2183, December 1980, pp. 217-234. 
105. Dobbs, S. K.; M i l l e r ,  G. D.; and Stephenson, J. R.: S e l f  Induced O s c i l l a t i o n  
Wind Tunnel Tes t  o f  a Va r iab le  Sweep Wing. APAA 85-0739-CP, A p r i l  1985. 
106. Er ickson, G. E.: Vor tex Flow Cor re la t ion .  AFWAL-TR-80-3143. January 1981, 
pp. 166. 
TABLE I * -  SYMBOL D E F I N I T I O N  OF DATA PLOTTED IN FIGURE 1 
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Figure 3 . -  Subsonic drag due t o  l i f t  as a function of airplane model aspect 
r a t i o .  
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Figure 8 , -  E f f e c t  sf sweep and a r t i cu la ted  f l aps  on cruise and maneuver 
performance. (From ref. 3 7 , )  
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Figure 9.- The vortex f l ap  concept. (Frorn ref .  40.) 
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Figure 13.- Vortex flap design procedure. (From ref.  66.) 
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Figure 14.- Status of current vortex flap studies a t  subsonic speeds. (From 
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Figure  15.- Types of vor tex f laps .  (Adapted from r e f .  37.) 
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F igure  16.- Summary o f  subsonic vortex f l a p  studies. 
Generic Aircraft 
Figure 17.- Current conf igurat ions t o  which vortex f l aps  have been applied. 
(Updated from re f .  69. ) 
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F igu re  18,- E f f e c t  o f  vor tex  f l a p s  on subsonic drag reduct ion; M = 0.6. (From 
r e f *  6 9 a )  
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Figure 19.- Status of current vortex flap studies at transonic and supersonic 
speeds. 
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Figure 24.- An opportunity for research o f  the vortex development on a round 
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SUMMARY 
Flow f i e l d  da ta  f o r  a double d e l t a  wing a t  low speed were used t o  determine 
t h e  locat ion  of a vortex ac t ion  point .  The r e s u l t  was found t o  be cons i s t en t  with 
what was determined f o r  a d e l t a  wing. In  supersonic flow, the  ac t ion  po in t  locat ion  
was determined empirical ly.  For a wing with rounded leading edges, an assumption 
f o r  i n i t i a l  vortex separa t ion  was shown t o  be equivalent  t o  i n i t i a l  leading-edge 
bubble separa t ion  f o r  a i r f o i l s .  A t h e o r e t i c a l  formulation by t h e  sec t ion  analogy t o  
determine t h e  delayed vor tex  separa t ion  on a cambered wing with rounded leading edges 
was presented.  The method of suct ion  analogy was f u r t h e r  shown t o  be appl icable  t o  
p red ic t ing  t h e  body vortex l i f t .  
INTRODUCTION 
Since Polhamus introduced the  method of suct ion analogy fo r  plane d e l t a  wings 
with sharp edges i n  subsonic and supersonic flows ( r e f s .  1 and 21, various 
extensions of the method have been proposed and used successful ly.  For wings with 
nonzero t i p  chord, Lamar introduced the e f f e c t  of side-edge vortex l i f t  ( r e f .  
3 ) .  When a vortex generated a t  the  leading edge passes over some downstream 
planform area ,  addi t ional  l i f t  is induced because of the vortex suct ion e f f e c t .  
This addi t ional  l i f t  was incorporated i n t o  the method of suct ion analogy by Lamar 
as  the augmented vortex l i f t  ( r e f .  4 ) .  The l a t t e r  may be pos i t ive  a s  is  the case 
f o r  a cropped d e l t a  wing and a strake-wing configurat ion.  Augmented vortex l i f t  i s  
negative f o r  an arrow wing because of t h e  lack of downstream area  t o  receive t h e  vortex 
ac t ion  o r  t o  allow t h e  reattachment of the  vortex flow. For a noncarnbered wing, the  
vortex force  was assumed t o  be ac t ing  a t  t h e  leading edge and normal t o  t h e  planform. 
However, fo r  a positive-cambered wing, t h i s  assumption would produce too much 
t h r u s t  as  compared with data.  To allow f o r  the determination of where the vortex 
force  is ac t ing ,  the concept of vortex ac t ion  point  was introduced ( r e f .  5 ) .  I f  
the  leading edge is rounded, the generation of vortex l i f t  w i l l  be delayed. 
Kulfan presented a method t o  account f o r  t h i s  e f f e c t  fo r  plane wings ( r e f s .  6 and 
7). Another method f o r  the e f f e c t  of rounded leading edges was developed by 
Carlson by using avai lable  experimental da ta  ( r e f .  8). 
The method of suct ion analogy has a l s o  been employed t o  ca lcu la te  the r o l l  
damping of s lender wings ( r e f .  9 ) .  The extension of it t o  ca lcula t ing  a l l  
l a t e r a l - d i r e c t i o n a l  c h a r a c t e r i s t i c s  of slender wings was made i n  reference 10. In 
reference 10,  the e f f e c t  of vortex breakdown was a l s o  incorporated by using a 
*This work was supported by NASA Grant NSG 1629. 
numerical scheme t o  fo r  d e l  i n a l l y ,  an 
unsteady l i f t ing - su r face  theory was used i n  developing the  method of unsteady 
suct ion  analogy ( r e f ,  11) ,  The l a t t e r  can be used fo r  predic t ing  dynamic 
s t a b i l i t y  der iva t ives  of s lender wings, 
I n  .+his paper, the concept of vortex ac t ion  p i n t  is reconsidered for  
subsonic and supersonic flows. In addit ion,  Kulfan's concept f o r  plane wings with 
rounded leading edges is corre la ted  with viscous flow calcula t ions  fo r  a i r f o i l s .  
The extension of the method f o r  cambered wings is described next. Final ly,  it i s  
shown t h a t  the method of suct ion  analogy can be applied t o  p red ic t  the  vortex l i f t  
of s lender  bodies. 
SYMBOLS 
c l o c a l  chord 
C sec t iona l  leading-edge s i n g u l a r i t y  parameter = l imy(x) (x  - x ) 1 /2 
X+X 
Re 
Re 
C~ drag c o e f f i c i e n t  
"% sec t iona l  wave drag c o e f f i c i e n t  
R s ec t iona l  l i f t  c o e f f i c i e n t  
CL l i f t  c o e f f i c i e n t  
Cm p i tching moment c o e f f i c i e n t  
C~ ma1 force  coeff ased on maximum cross-sect ional  a rea  
C 
nf v  sec t iona l  normal force  c o e f f i c i e n t  due t o  body vo f t  
C ~ f  VA t o t a l  augmented vortex normal force  c o e f f i c i e n t  on a  body 
c~ pressure c o e f f i c i e n t  
Cs sec t iona l  leading-edge suct ion  c o e f f i c i e n t  
Csf sec t iona l  s ide-forc i c i  
' s ~ , N  t o t a l  suct ion force  c o e f f i c i e n t  produced by a  body nose sec t ion  
Ct sec t iona l  leading-edge t h r u s t  c o e f f i c i e n t  
f  r a t i o  of vortex-induced v e r t i c a l  ve loci ty  t o  the  f r e e  stream (eq. (2)) 
h vor te  i n  eqs. ( 1 5 )  and (161  
R~ body nose length 
M Mach number 
r vortex ac t ion  wint loca t ion  measured from the Leading edge (eq, (411, 
or body radius  
ro leading-edge radius 
e7 ve loc i ty  
Xs body a x i a l  s t a t i o n  a t  which the vortex separa t ion  s t a r t s  
a angle of a t t ack  
"1 sec t iona l  angle of zero l i f t  
as angle of a t t ack  of i n i t i a l  vortex separa t ion  
6 s i d e s l i p  angle or  wave angle 
8s oblique shock angle 
Y r a t i o  of s p e c i f i c  hea t s  o r  bounded vortex dens i ty  
A sweep angle 
P densi ty  
angular coordinate of a body ( f i g .  8) 
angular locat ion  of the  augmented vortex ac t ion  point  on a body (eq. 
21 1 
c angular locat ion  of the body vortex ac t ion  point  (eq. (1 5 )  and f ig .  10) 
Subscripts: 
2 lower surface  
Re leading edge 
u upper surface 
w f r e e  stream 
CONCEPT OF VORTEX ACTION POINT 
In developing the  concept of vortex ac t ion  point ,  flow f i e l d  da ta  i n  cross-  
flow planes a re  needed, see f igure  l ( a ) ,  I t  is assumed t h a t  the ve loci ty  
d i s t r i b u t i o n  around the vortex i n  the longitudinal  plane p a r a l l e l  t o  the  f r e e  
stream is the  same as  sat i n  the  cross-flow plane ( f i g ,  l ( b ) ) ,  I f  a con t ro l  
surface ( a )  is taken through the  vortex center  as shown i n  f igure  1 ( c ) ,  the  vortex 
force  should be equal to the v e r t i c a l  component of the force due t o  tke momentum 
t r a n s f e r  through the cont ro l  su r face  a, Since the vortex force ac t ing  on the  wing 
i s  equal t o  c q-c by the suct ion analogy, it follows t h a t  the force ac t ing  on the  
s 
con t ro l  volume is 
= I ( P V z  - PVZ ) f  *d"L ( 1 )  
i n  o u t  
-b To f ind  an average V, l e t  
It1 = vz = fV_ (2 
where f is a constant.  I t  follows t h a t  fo r  a u n i t  span, 
I ( pvz -b -b - PVZ ) V  d t  = -fv_llpvZ d r  + IpvZ d r l  
i n  out  i n  ou t  
where the  i n t e g r a l s  have been replaced with the  average values. From equations 
( 1 )  and (31, it is  found t h a t  
In  reference 5, f was taken t o  be 0.5 so  t h a t  r = csc. To show t h a t  t h i s  choice 
of f is reasonable i n  subsonic flow, the  flow f i e l d  da ta  i n  reference 12 fo r  a 
double d e l t a  wing a t  s t a t i o n  (1 ) a re  rearranged i n  f igure  2. By numerically 
in teg ra t ing  the veloci ty  d i s t r i b u t i o n  t o  evaluate the  in teg ra l s  i n  equation ( 31,  
an average veloci ty  with f = 0.53 can be found. A t  s t a t i o n  (21, the two leading- 
edge vor t i ces  have s t a r t e d  t o  merge, s o  t h a t  the flow f i e l d  da ta  a r e  not  
appropriate fo r  the present  purpose. 
I n  supersonic flow, Squire e t  a l .  demonstrated by a vapor screen method 
t h a t  the vortex region became much f l a t t e r  than t h a t  i n  subsonic flow ( r e f .  1 3 ) ,  
as  shown i n  f igure  3. Unfortunately, flow f i e l d  ve loci ty  da ta  a r e  not ava i l ab le  
i n  reference 13 and, i n  f a c t ,  have not been found so  f a r  fo r  other  wing 
planforms. Therefore, an empirical  method t 2  determine an appropriate f value was 
used. By assuming d i f f e r e n t  values f o r  1/4f and comparing the ca lcula ted  CL and 
CD values with da ta  for  d i f f e r e n t  planforms with leading-dege f l a p s ,  it was found 
t h a t  a value of 8 -0 f o r  1 /4f produced the  b e s t  r e s u l t s ,  In other  words, f = 1 /4fi, 
m e r e f o r e ,  unless add i t iona l  da ta  prove otherwise, the following r e l a t i o n  f o r  the  
vortex a c t i o n  point  w i l l  be used i n  supersonic flow: 
Some ca lcu la ted  r e s u l t s  a re  compared with da ta  i n  f igures  4 and 5 ( r e f s ,  14  and 
151, It is seen t h a t  the theory p red ic t s  the r e s u l t s  q u i t e  well.  Note t h a t  the  
e f f e c t  of rounded leading edges accounted f o r  i n  f igures  4 and 5 w i l l  be d is -  
cussed i n  the  next sec t ion ,  The wave drag correc t ion  i n  f igures  4 and 5 is t o  
add the nonlinear  e f f e c t  t o  the predicted l i n e a r  values based on the  predicted 
s e c t i o n a l  l i f t  coe f f i c i en t s  and the exact  two-dimensional theory f o r  a f l a t  p l a t e  
i n  supersonic flow. The wave drag correc t ion  i s  described i n  t h e  Appendix. 
VORTEX LIFT ON CAMBERED WINGS WITH ROUNDED LEADING EDGES 
Kulfan assumes t h a t  on a s lender wing the leading-edge vortex separa t ion  
s t a r t s  a t  an angle of a t tack  a t  which the leading-edge drag equals the leading- 
edge t h r u s t  ( r e f s .  6 and 7 ) .  To examine t h i s  assumption, experimental pressure 
da ta  ( r e f .  16) and t h e o r e t i c a l  r e s u l t s  from the Lockheed-Georgia a i r f o i l  code 
( r e f .  17) were used. The a i r f o i l  negative pressure c o e f f i c i e n t  is in tegra ted  t o  
give the leading-edge suct ion (c ) , and the pos i t ive  pressure c o e f f i c i e n t  is 
S Re 
in tegra ted  t o  produce the leading-edge drag ( c  1 .  The in tegra t ion  is over the  
dRe 
forward por t ion  of the  a i r f o i l  from the maximum thickness locat ion  i f  no 
separat ion bubble occurs. Otherwise, the in teg ra t ion  is performed only over the  
region forward of the separat ion bubble. The r e s u l t s  ind ica te  t h a t  a t  the angle 
of a t tack  (as)  a t  which the separa t ion  bubble f i r s t  occurs, the leading-edge 
t h r u s t  is about equal t o  the leading-edge drag ( r e f .  18) .  For symmetrical 
a i r f o i l s ,  t h i s  is i l l u s t r a t e d  i n  f igure  6. For cambered a i r f o i l s ,  some ca lcula ted  
r e s u l t s  a r e  presented i n  f igure  7. A s  shown, the leading-edge suct ion a t  as tends 
t o  be g rea te r  than the  leading-edge drag. This is due t o  the  pressure t h r u s t  
generated on the forward camber. To remove t h i s  camber t h r u s t  i n  performing the 
pressure in teg ra t ion ,  the slope of the upper a i r f o i l  surface is reduced by the  
l o c a l  camber slope and t h a t  of the lower surface is  increased by it. The r e s u l t s  
indicated i n  f igure  7 by rectangular  symbols ( 0 )  show t h a t  Kulfan's concept i s  
s t i l l  applicable for  cambered a i r f o i l s  i f  the camber t h r u s t  is removed from the  
ca lcula ted  suction. In  the  t h i n  a i r f o i l  or  wing theory, t h i s  is always t r u e  
because the  calculated leading-edge t h r u s t  is  concentrated a t  the  leading edge and 
does not contain the camber th rus t .  
Having es tabl i shed t h a t  Kulfan's concept on the  s t a r t i n g  of a leading-edge 
vortex separat ion is re la t ed  t o  the  occurrence of leading-edge laminar separa t ion ,  
the  next quest ion is  how t h i s  concept can be used i n  ca lcu la t ing  the  vortex l i f t  
on a cambered wing with rounded leading edges. The f i r s t  task is t o  determine 
a For a cambered wing, the sec t iona l  leading-edge suct ion  coe f f i c i en t  can be 
s : 
wrl t ten  as 
where K i s  a function of geometry and Mach number, and a, i s  the sec t iona l  angle 
of zero l i f t ,  In p rac t i ce ,  a? can be found as follows, Let cst be the s e ~ t i ~ n a %  
leading-edge suct ion c o e f f i c i e n t  for  the same wing without camber. Then 
2 
G " s i n  or 
S 
From equat ions ( 6 )  and ( 7  ) , a, can be found t o  be 
For a wing, t he  s e c t i o n a l  leading-edge t h r u s t  c o e f f i c i e n t  ( r e f .  19) 
can be shown t o  be 
where C is the  leading-edge s i n g u l a r i t y  parameter and can be w r i t t e n  a s  
C = K 1 ( s i n a  + a ) 
1 (10)  
s i m i l a r  t o  equat ion ( 6 ) .  I f  C1 is C a t  as, then 
The expression f o r  the  leading-edge drag can be found i n  re ference  20. By 
equat ing the  leading-edge drag  t o  t he  leading-edge t h r u s t  a t  as, it  is obtained 
t h a t  
r cosh 2 
o Re ( s i n a  + a1 ) n 2 
- - 
s 
n - - C 2 2 
c 
2 ( 1 - Ma cos  ARe) l2/cosA 
( I  - M= cos  Age) 'I2 ( s i n a  + a ) Re 1 
from which as can be obtained:  
s i n a  + a, 
- 1 
a = s i n  [f 2 2 1/2- 
s C ( 2  ~ ) 1 / 2 c o s ~  c Re /(l-Ma cos  A Re ) I 
where ro is the  leading-edge rad ius .  
With a, ca l cu la t ed ,  the remaining s e c t i o n a l  t h r u s t  c o e f f i c i e n t  a t  a > a is  
S 
then  given by equation (9 )  with C replaced by G 2 ,  h e r e  
5 = C i s i n ( @  - a ) + a l / ( s i n a  i- a , )  
s 1 ( 1  3 )  
Note tlhat ct must Ise converted to the sectional suction coefficient (es) before 
Use l a t t e r  is assumed to become the vortex lift through the method of suction 
analogy. The relation between ct and cs for a cambered wing was derived in 
reference 5. 
The above considerat ion has been applied t o  wings i n  both subsonic and 
supersonic flows with good success. In the supersonic flow, the wing must have a 
subsonic leading edge t o  produce the  vortex l i f t .  Some cor re la t ion  with da ta  was 
shown e a r l i e r  i n  f igures  4 and 5. 
BODY VORTEX LIFT 
If the  aspect  r a t i o  of a s lender  thick wing is reduced, eventual ly it becomes 
a s lender  body. I f  the method of suct ion  analogy is applicable t o  the  former, it 
should a l s o  be applicable t o  the l a t t e r .  Based on t h i s  understanding, the  
following method f o r  ca lcu la t ing  body vortex l i f t  was developed. The method is 
based on the  following assumptions and procedures. 
( a )  The attached-flow solut ion  is obtained with the a x i a l  d i s t r i b u t i o n  of G. 
N. Ward's vortex mul t ip le t s  ( r e f .  21). The boundary condition i s  
s a t i s f i e d  on the body surface.  
( b )  A t  any a x i a l  s t a t i o n ,  vortex separat ion s t a r t s  a t  a circumferential  
loca t ion  where c is minimum and negative. This assumption has been 
P 
shown t o  be reasonable ( r e f .  22). A t  low angles of a t t ack ,  C may be 
P 
p o s i t i v e  everywhere near the  nose. In  t h i s  case, no vortex separa t ion  
is assumed t o  occur. I n  reference 22, the a x i a l  s t a t i o n  (xs) a t  which 
the  vortex separat ion s t a r t s  must be assumed or  given by experimental 
da ta .  Examples of ca lcula ted  pressure d i s t r i b u t i o n  with and without 
vortex separat ion a re  i l l u s t r a t e d  i n  f igure  8. 
(c)  A t  any a x i a l  s t a t i o n ,  the  side-force component of the  negative C i n  the  P 
region assumed t o  have vortex separa t ion  is in tegra ted  t o  produce a 
s e c t i o n a l  s ide-force c o e f f i c i e n t  ( see  f ig .  9 ) .  
The s ide  force obtained is assumed t o  be the suct ion force produced by 
the separated vortex. This suct ion  force  is assumed t o  be ac t ing  a t  8, 
( f i g ,  10) where 
0 = 0  - A 0  
e min p (75 )  
Equations ( 1  5 ) - ( 1 6 )  imply  t h a t  the  vor tex  a c t i o n  p o i n t  i s  loca ted  a t  a  
d i s t a n c e  from emin being propor t iona l  t o  t h e  suc t ion  force :  
Based on equa t ion  (41,  h  should be 
TO determine an app rop r i a t e  value f o r  f ,  d a t a  i n  re fe rence  23 a s  
presented i n  f i g u r e  11 a r e  used. Applying t h e  same method a s  used i n  
f i g u r e  2, f  is determined t o  be 0.70. For s i m p l i c i t y ,  f  w i l l  be taken 
t o  be 1 / ( 2 )  i n  subsonic  flow. I n  supersonic  flow, no d a t a  were 
a v a i l a b l e  f o r  c o r r e l a t i o n  s o  t h a t  an empi r i ca l  value w i l l  be used. I n  
summary, t he  fol lowing values  f o r  h  w i l l  be used i n  t he  p re sen t  method: 
With 8, c a l c u l a t e d  from equat ion ( 1 5 ) ,  t he  s e c t i o n a l  normal f o r c e  
c o e f f i c i e n t  due t o  t he  vor tex  suc t ion  is given by 
( d l  S imi l a r  t o  a  wing, t he  augmented body vor tex  l i f t  e x i s t s  whenever t he  
planview of a  body i s  no t  of the  d e l t a  type. The concept used i n  
c a l c u l a t i n g  t h e  augmented vortex l i f t  f o r  a  wing ( r e f .  4) is a l s o  
app l i cab l e  f o r  a  body. Thus, i f  C s f r N  is  t h e  t o t a l  suc t ion  f o r c e  
c o e f f i c i e n t  from the  nose po r t i on ,  then t h e  augmented normal fo rce  
c o e f f i c i e n t  (cNI i s  given by 
where i s  the  length  over which the  nose vor tex  passes  and R i s  the  
N 
nose length ,  The term is the  l o c a t i o n  of augmented vor tex  a c t i o n  
p o i n t  and is assumed t o  be equal  t o  Bc a t  t he  body shoulder ,  
Ca lcu la ted  r e s u l t s  for an ogive cy l inde r  a t  M m  = 0 - 3  a r e  compared 
wi th  data i n  f i g u r e  12, The e f f e c t  of Reynolds number is seen t o  inc rease  
t h e  load ing ,  %n re fe rences  22 ( r e f .  24 ) ,  d i f f e r e n t  a x i a l  l oca t ions  of 
i n i t i a l  s epa ra t i on  w e r e  assumed f o r  d i f f e r e n t  Reynolds numbers. The 
p re sen t  r e s u l t s  a r e  seen t o  agree  wel l  with the  d a t a  of h igher  Reynolds 
number, This is  expected because an i n v i s c i d  theory,  such as  the 
presen t  one, is t o  s imula te  t h e  flow f i e l d  of i n f i n i t e  Reynolds number, 
I n  f i g u r e  13 ( r e f ,  25) ;  r e s u l t s  f o r  a c i r cu l a r - a r c - cy l inde r  body a t  
M, = 1.6 a r e  presen ted .  It is  seen t h a t  t he  c a l c u l a t e d  r e s u l t s  agree w e l l  
w i th  d a t a  up t o  a = 32 deg. Above a = 32 deg a t  M, = 1.6 o r  
a > 15 deg a t  M = 2.3 ( n o t  shown), t he  normal f o r c e  i s  always 
w 
underpredicted.  This  i s  probably because a t  high M, and/or high angles  
of a t t a c k ,  t h e  p re sen t  l i n e a r  theory cannot p r e d i c t  a ccu ra t e ly  the upper 
s u r f a c e  expansion and s t r o n g  shock e f f e c t  on t h e  lower su r f ace .  
CONCLUDING REMARKS 
The method of suc t ion  analogy, o r i g i n a l l y  developed f o r  a  plane wing, was 
shown t o  be a p p l i c a b l e  t o  cambered wings by using the  concept of vor tex  a c t i o n  
poin t .  For a wing with rounded lead ing  edges,  t he  method is s t i l l  app l i cab l e  i f  
t h e  de lay  i n  i n i t i a l  vor tex  s epa ra t i on  is accounted fo r .  The l a t t e r  can be 
ca l cu l a t ed  by Kul fan ' s  method. Kul fan ' s  method was shown t o  be r e l a t e d  t o  t h e  
leading-edge laminar separa t ion .  Extension of the  suc t ion  analogy t o  p r e d i c t i n g  
t he  body vor tex  l i f t  has a l s o  been presented.  
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APPENDPX 
CORRECTION FOR NONLINEm WAVE: DaAG 
The co r rec t ion  f o r  nonl inear  wave drag is  based on t h e  d i f f e r ence  i n  
pred ic ted  r e s u l t s  for a two-dimensional f l a t  p l a t e  by the l i n e a r  and exac t  
t heo r i e s .  The l i n e a r  theory shows t h a t  t he  drag c o e f f i c i e n t  is  given by 
2 
c = 4cosa s i n  a / ( ~ _ ~  - 1 1 /2 
dw 
where the  a-terms a r e  not  l i n e a r i z e d ,  so  t h a t  the  l i n e a r i z a t i o n  is with r e spec t  t o  
t he  compres s ib i l i t y  e f f e c t  only. For a three-dimensional wing, a i n  equat ion 
(A.1) is  the one assoc ia ted  with the predic ted  s e c t i o n a l  l i f t  c o e f f i c i e n t  ( cg )  a s  
fol lows : 
- 1 2 
a = s i n  I C ~ ( M _  - 1)"~1 /4  (A.2) 
The exac t  theory f o r  a f l a t  p l a t e  i n  supersonic flow shows t h a t  the upper 
su r f ace  pressure  is  given by the  Prandtl-Meyer s o l u t i o n  ( r e f .  26, p. 383): 
2 2 2 s i n  8, c = -  s i n  B 1 ~ / ( ~ - 1 ) , (  ) Y/(Y-1) - 
2 [ ( y  - cos2B y - cos2$_ 
pu YMm 
-1 
where B_ = s i n  ( I / M ~ )  and B is  found from 
y +  1 1 / 2  -1 y +  1 1 / 2  + ) '/2tan-1 [ (E) 1/2tan81 = B, - (- 
-a + B - (- t an  (------ I t a n  B,l 
Y - 1  Y - 1  Y - 1  Y - 1  
The lower su r f ace  pressure  i s  given by the  obl ique shock s o l u t i o n  ( r e f .  27, p. 
86-88) : 
where Bs i s  obtained from 
2 2 2Mm sin f3 - 2 
S 
t a n a  = cot6 
S 2 2 ( y  + I I M _ ~  - 2Mm s i n  B s r z 
From equat ions ( A . 3 )  and ( ~ , 5 ) ,  the  pressure  d i f f e r e n t i a l  and the  wave drag  become 
7 6 
The d i f f e rence  between the  values given by equat ions (A.8)  and ( A . 1 )  
represents  the  c o r r e c t i o n  t o  be added t o  t he  predic ted  s e c t i o n a l  drag c o e f f i c i e n t  
by the l i n e a r  l i f t i n g  su r f ace  theory. 
CONTROL SURFACE ( 0 )  I .  
T.E/-L.E. 
c ,cpv,2/2 
SECTION A-A 
Figure 1. Geometry and flow f i e l d  f o r  def in ing vor tex  ac t ion  point .  
F igure  2 ,  Plow field data at station 1 on a double delta wing at 
Mm = 0. Data f r o m  r e f .  12 .  
VORTEX 
REG I ON 
Figure 3 .  Vortex flow regions on a 65-deg plane wing a t  subsonic 
and supersonic speeds. a = 8.1 deg and R = 1.5 X l o6 .  
e 
THEORY - ROUNDED EDGES 
r = 8csc WITH WAVE 
DRAG CORRECTION 
DATA (REF. 14) 
r 
F i g u r e  4 ,  Longitudinal charac te r i s t i cs  of a de l t a  wing of aspect ratio 
4/3 at Ma = 1.8. 
Y - ROUNDED EDGES 
r = 8 c c c  
a, des 
Figure 5. Longitudinal  c h a r a c t e r i s t i c s  of a  wing-body conf igura t ion  
of a spec t  r a t i o  2 .0  a t  Moo = 1.3. 
Figure 6 .  Thickness e f f e c t  on leading-edge suc t ion  a t  angles  of a t t a c k  
a t  which separa t ion  bubble f i r s t  occurs  on symmetrical s i x - s e r i e s  
N n S R  a i r f o i l s .  Ma = 0.17, Re = 5.8 X lo6. 
I I I t I J AIRFOIL 
Figure 7. Camber e f f e c t  on leading-edge suc t ion  a t  angles  of attack a t  
6 
which sepa ra t ion  bubble f i r s t  occurs .  Moo = 0.17, R = 5.8 X 10 . 
e 
LIFT IS PRODUCED 
e, deg 
Figure 8 ,  Calculated p re s su re  d i s t r i b u t i o n  on an ogive c y l i n d e r  at 
ci = 10 degrees  and Mm = 0.3.  
Figure  9. Calcu la t ion  of p o s i t i v e  s i d e  force .  
Figure 10.  Vortex ac t ion  p o i n t  and vo r t ex  normal force on a body. 
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Figure 11. Flow f i e l d  d a t a  from r e f .  23 on a tangent  oyive body a t  
x/D = 2 .6 ,  a = 45 deg and R = 1.5 X lo5.  
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PRESENT THEORY 
-VORTEX FLOW 
---- ATTACHED FLOW 
REFERENCE 22 
-- x,/d=O.38 
-- xS/d=1.66 
Figure 12. Normal fo rce  and p i t c h i n g  moment c o e f f i c i e n t s  f o r  an ogive-cyl inder  
body a t  Mm = 0 - 3 .  Moment c e n t e r  a t  body nose. Reference a rea  = 
base area and reference  length  = d ,  
PRESENT THEORY 
- VORTEX FLOW 
-- -- ATTACHED FLOW 
8.0,- DATA (REF. 25) 
R ~ ~ = o . ~ x ~ o ~  e 
Figure 13. Nonnal fo rce  and p i tching moment c o e f f i c i e n t s  f o r  a c i rcular -arc-  
cy l ince r  body a t  Moo = 1.6. Moment cen te r  a t  body nose. Reference 
a rea  = base a rea  and reference length  = body length. 
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SUMMARY 
A new vers ion  o f  the free-vortex-sheet fo rmula t ion  i s  presented which has 
g r e a t l y  improved convergence cha rac te r i  s t i c s  f o r  a broad range o f  geometries. The 
enhanced convergence p r o p e r t i e s  were achieved l a r g e l y  w i t h  extended modeling capa- 
b i l  i t i e s  o f  the leading-edge vor tex  and the n e a r - f i e l d  t r a i l i n g  wake. Resu l ts  from 
the  new code, designated FVS-1, are presented f o r  a v a r i e t y  o f  con f i gu ra t i ons  and 
f l  ow cond i t i ons  w i t h  emphasi s on vor tex  fl ap appl i c a t i  ons. 
INTRODUCTION 
The design c o n s t r a i n t s  f o r  high-speed a i r c r a f t  w i t h  e f f i c i e n t  supersonic 
performance c a p a b i l i t y  o f t e n  r e s u l t  i n  h i g h l y  swept wings which are conducive t o  
separat i  on-i nduced 1 eadi ng-edge vor tex  f lows a t  moderate-to-hi gh angles o f  a t tack .  
Although t h i s  type o f  separat ion can cause increased drag through the l o s s  o f  
1 eadi ng-edge th rus t ,  the  vortex-1 i ft  c h a r a c t e r i s t i c s  resu l  ti ng from t h i s  h i g h l y  
s tab le  f low can be used t o  improve t a k e o f f  and l and ing  c a p a b i l i t i e s ,  prov ide 
maneuver l i f t  increments a t  subsonic and t ransonic speeds, and, most recent ly ,  
reduce drag a t  moderate t o  h igh  li f t  c o e f f i c i e n t s  through the use o f  simple "vor tex  
f laps." As f o r  at tached flow, however, the f u l l  e x p l o i t a t i o n  o f  t h i s  vor tex  f low 
w i l l  r e q u i r e  improved t h e o r e t i c a l  ana lys i  s and design techniques capable o f  pro- 
v i  d i  ng reasonable est imates o f  the three-dimensional surface pressure d i  s t r i  bu t i ons  
a t  a p r a c t i c a l  expenditure o f  human and computer resources. 
However, the computation o f  these vor tex  f low e f f e c t s  has proven t o  be a 
cha l leng ing  task. I t  i s  only  dur ing the l a s t  10 years o r  so t h a t  methods have begun 
t o  emerge w i t h  the s ta ted  c a p a b i l i t y ,  even f o r  simple three-dimensional geometries 
w i t h  sharp lead ing  edges a t  subsonic speeds. Among these methods, the f ree-vor tex-  
sheet theory has prov ided the bes t  est imates o f  the i n v i  s c i d  surface pressure 
d i s t r i b u t i o n s  for a r a t h e r  broad c lass  o f  generic wing shapes. The major drawback 
o f  t h i s  method has proven t o  be the d-i f f i e u l  ty o f t w  encountered i n  acshfeving 
converged resul l s .  
ersl on he free-vordex-sheet formul adi on,  designated FVS-1, i s  
Lhi s which has greatly improved convergence properties for a 
broad range of geometries including vortex flaps. "Pe convergence diff icult ies were 
approached from a flul'd-mechanical viewpoint as opposed to  t h a t  of numerical 
analysis. As a consequence, the basic numerical method for iteratively solving the 
nonl i near vortex f1 ow grobl em requi red 1 i ttl e change. The enhanced convergence 
properties were achieved largely with extended modeling capabfl $Lies of the leading- 
edge vortex and the near- fie1 d t ra i l  i n g  wakes, Using thi s approach, considerable 
insight was gained into the underlying fluid mechanics of vortex modeling as related 
to convergence considerations. Results are presented which demonstrate the expanded 
convergence capabilities w i t h  emphasis on the salient features modeled as well as 
the aerodynamic consequences of these modeling techniques. 
AR aspect ratio 
SYMBOLS 
b wing span 
c B stat ic  root bendi ng moment coefficient, s tat ic  root bending moment1 
( q m  Sref b) 
c D drag coefficient, drag/(qw Sref) 
CD ,o experimental value of drag coefficient a t  CL = 0 
ACE) drag-due-to-lift coefficient, CD - C D , ~  
c L 1 i f t  coefficient, 1 i ft/(qw Sref)  
c m pitching moment coefficient, pitching moment/(q, Sref E )  
c N normal force coefficient, normal force/(q, Sref) 
c P s ta t ic  pressure coefficient, ( p  - pw)/qw 
AC P C P , ~  - C P , ~  
c streamwi se chord 
- 
c reference chord 
C r root chord 
C t  t ip  chord 
E log ( c  r2) 
I t  i teral i  on number 
l n w  1sngl""eudinal extent of  near wake in fraction of vertex-core diameter a t  
trai  1 i ng edge 
urn 
(u,v,w) 
(X,Y ,z) 
Mach number 
number o f  update i t e r a t i o n s  
unit. normal vector  
s t a t i c  pressure; a1 so maximum camber ke i  gh t  i n  f r a c t i o n  l o c a l  semi span 
2 freestream reference dynamic pressure, (112) pm U, 
i n d i v i d u a l  panel res idua l  e r r o r  
reference area 
1 ocal semi span 
th ickness 
freestream reference ve l  oc i  ty 
pe r tu rba t ion  ve l  o c i  t y  components 
body-axi s Cartesian coordi  nates 
angle o f  attack, degrees 
angle o f  a t tack  f o r  smooth onflow 
Aa a - as0 
$ angle o f  sides1 i p ,  degrees; a1 so, Prandtl-Gl aue r t  factor ,  ( 1  - ~,2)1/2 
6 d e f l e c t i o n  angle, degrees, p o s i t i v e  downward 
6 f vor tex  f l  ap d e f l e c t i o n  angle normal t o  h i  ngel i ne, degrees, p o s i t i v e  
downward 
A6f increment i n  bf  
6 t side-edge rake angle, degrees, p o s i t i v e  inboard 
A sweep angl e, degrees 
A taper  r a t i o ,  c t / c r  
P, freestream reference dens i ty  
c summati on 
t v o r t i c i t y  vector  
@ vector  dot  product 
vector magnitude 
S u b ~ c r i  pts  
f f l  ap 
h l  h i  ngel i ne 
1 1 ower surface 
1 e lead ing  edge 
t e  t r a i  1  i ng edge 
u upper surface 
1 f i r s t  order i n  pe r tu rba t i on  quant i t ies ;  a1 so, inboard 
2 second order i n  pe r tu rba t i on  quan t i t i es ;  a1 so, outboard 
cO freestream reference condi ti ons 
Abbreviat ions 
Arg argument 
FV S f r ee  vor tex sheet 
CONVERGED FVS PARAMETER SPACE 
A study was i n i t i a l l y  conducted t o  document the converged parameter space o f  
the free-vortex-sheet method as demonstrated i n  the open l i t e r a t u r e .  The r e s u l t s  
a re  d e t a i l e d  i n  Table 1 and p a r t i a l l y  summarized i n  f i g u r e  1. I n  Table 1, the 
r e s u l t s  are organized by planform type, f i r s t  f o r  f l a t  wings and then f o r  cambered 
wings; w i t h i n  one c lass  o f  planform and camber they are 1 i sted a lphabe t i ca l l y  by 
f i r s t  author.  I t  should be noted t h a t  most e n t r i e s  correspond t o  a range o f  
so lu t i ons  obtained f o r  a systematic v a r i a t i o n  o f  some sal i e n t  parameter such as 
angle o f  at tack,  Mach number, sweep angle, f l a p  d e f l e c t i o n  angle, etc .  A1 though a 
number o f  s i g n i f i c a n t  aspects o f  t h i s  s o l u t i o n  space could be c a l l e d  o u t  ( n o t  t o  
mention d e t a i l  s  o f  the so lu t i ons  themselves) , the main p o i n t  t o  be observed i s  the 
ex ten t  o f  geometric v a r i a t i o n  and freestream cond i t i ons  over which the method has 
been success fu l l y  appl ied.  
Some genera1 features o f  free-vortex-sheet so lu t ions  are high1 i g h t e d  i n  f i gu re  
2. By v i r t u e  o f  e x p l i c i t l y  modeling the leading-edge vortex, a v a r i e t y  o f  " rea l  
f low" e f f e c t s  are inc luded i n  the FVS so lu t ions  which, t o  date, have n o t  been 
ca l cu lab le  by simpler methods. The c h i e f  feature o f  these so lu t i ons  i s  an accurate 
es t ima t ion  of the three-dimensional , i n v i  sc i  d  pressure f i e 1  d. By way o f  i n t e g r a t i o n  
t h i s  a1 so r e s u l t s  i n  accurate fo rce  and moment est imates. I n  add i t ion ,  h igh  angle- 
o f -a t tack  vor tex l i f t  l oss  e f f e c t s  due t o  l ong i tud ina l  vor tex curvature near the 
t r a i  1 i ng edge as we1 l as vor tex  crowding are imp1 i c i  t l y  represented. Add i t iona l  
d iscussion o f  these e f f e c t s  has been given by Pol hamus (1983, 19853. 
A l  though n o t  covered i n  t h i s  paper, the FVS method has recen t l y  been extended 
$0 account for two primary e f f e c t s  of v i  scos-i ty and d i  s"e i  buted vord-t'ci ty , vortex 
breakdown and secondary vor tex separat ion. (The method i s  s t i l l  l i m i t e d  t o  f lows 
w i t h  a known primary separat ion l i n e  such as occurs w i t h  a sharp lead ing  edge.) 
By imbedding a parabol ized Navier-Stokes representat ion o f  an axisymmetrie vo r tex  
core, Luckr ing  (1985) showed t h a t  the condi L ion  o f  i n c i p i e n t  vor tex  breakdown a t  the 
t r a i l i n g  edge o f  de l ta ,  arrow, and diamond wings could be p red i c ted  w i t h  a c r i t i c a l  
he9 i x  angle concept. Wai e t  a l  , (1985) demonstrated the f i r s t  est imat ions o f  
secondary vor tex  separat ion w i t h  the  FVS method by modeling the upper surface 
boundary l a y e r  f low and i n t e r a c t i n g  the viscous flow e f f e c t s  w i t h  the outer  i n v i  s c i d  
f l  ow. A l  though c o n t i  nu i  ng devel opment o f  the vor tex core and secondary vor tex  
e f f e c t s  w i l l  be required, the i n i t i a l  f i nd ings  of these s tud ies  are q u i t e  promising. 
The c u r r e n t  s ta tus  o f  secondary separat ion modeling by boundary l a y e r  techniques 
wi  11 be addressed i n  t h i  s conference by B l  om e t  a1 . (1985) as we1 l as by 
Woodson and DeJarnette (1985). 
METHOD EXTENSIONS 
From the experience gained i n  u t i l  i z i n g  the free-vortex-sheet method, f o u r  
aspects o f  the formulat ion were chosen f o r  mod i f i ca t ion .  The f i r s t  three aspects 
regard f low model i n g  considerat ions; they are the near-wake model, the r e s t a r t  
c a p a b i l i t y ,  and the manipulat ion o f  the s t a r t i n g  vor tex sheet geometry. The f o u r t h  
aspect regards the quasi-Newton scheme employed t o  solve the non l inear  system o f  
governing equations. 
Near-Wake Considerat ions 
The pr imary a t t r i b u t e s  o f  the near-wake f low f i e l d  a re  summarized i n  f i g u r e  3 
f o r  the cond i t i ons  o f  p lanar  and nonplanar v o r t i c i t y .  I n  e i t h e r  case, the t r a i l i n g -  
edge Ku t ta  c o n d i t i o n  r e s u l t s  i n  a near-wake f low which i s  tangent t o  the wing a t  the 
t r a i l i n g  edge. For p lanar  v o r t i c i  ty the l i n e a r  form o f  the pressure c o e f f i c i e n t  i s  
appropr ia te  and, when taken i n  con junc t ion  w i t h  the no-1 oad wake boundary cond i t ion ,  
r e s u l t s  i n  a wake f low where the magnitude o f  the v o r t i c i t y  vec tor  i s  free, b u t  i t s  
argument i s  f i x e d  a t  the streamwise d i rec t i on .  
As i s t r u e  f o r  s l  ender-body theory, nonpl anar v o r t i c i  t y  necessi t a t e s  the  
i n c l u s i o n  o f  nonl i nea r  terms i n  the equat ion f o r  the pressure c o e f f i c i e n t .  A1 though 
these terms are second order  i n  form, t h e i r  c o n t r i b u t i o n  i s  o f  f i r s t  order, p a r t i c u -  
l a r l y  w i t h  regard t o  the sidewash ( v ) .  Employing t h i s  more exact  form o f  t he  
pressure c o e f f i c i e n t  i n  con junc t ion  w i t h  the no-load wake boundary cond i t i on  y i e l d s  
a more r e a l i s t i c  wake f low where bo th  the magnitude and the argument o f  the 
v o r t i c i  ty vector  are now f ree  quan t i t i es .  These e f f e c t s  a l l ow  the wake v o r t i c i  ty t o  
skew l a t e r a l  l y  and s i g n i  f i c a n t l y  a f f e c t  the s a t i  s fac t i on  o f  the t r a i l  ing-edge K u t t a  
c o n d i t i o n  as was shown by Luckr ing e t  a1 . (1982), f o r  leading-edge vor tex  f lows. 
However, i t  must be emphasized t h a t  the d r i v i n g  mechani sm o f  t h i s  wake e f f e c t  i s  the 
presence o f  nonplanar v o r t i c i  ty, on ly  one example o f  which i s  the leading-edge 
vor tex  problem. Other examples o f  cond i t i ons  where these e f f e c t s  would a1 so be 
impor tan t  inc lude wings w i t h  s i g n i f i c a n t l y  nonplanar geometries such as wings w i t h  
w ing le t s  o r  vor tex  f laps,  regardless o f  whether the f low i s  attached o r  separated. 
An example o f  the nonplanar e f f e c t  i s  presented i n  f i g u r e  4 i n  the form o f  
v o r t i c i  t y  contours. A1 though both c a l c u l  a t i o n s  u t i l i z e d  the h igher  order  near wake, 
the  attached f low case o f  f i g u r e  4a resu l ted  i n  the wake v o r t i c i t y  o r i e n t i n g  i t s e l  f 
l a r g e l y  i n  the streamwise d i r e c t i o n  since the v o r t i c i t y  o f  t h i s  f low i s  p lanar .  
Here, i t  i s  ev ident  t h a t  the convent ional approximatisns made f o r  the simple 
Lr ia i ' l lng  wake are adequate f o r  t h i s  f l o w ,  Pn the nonplanar vor tex- f low case sf  
f i g u r e  4b the l a t e r a l  skewing o f  the wake v o r t i c ? ' t y  i s  s i g n i f i c a n t ;  modeling t h i s  
f low w i t h  a simple t r a i l i n g  wake would c o n s t i t u t e  a poor approximation, It i s  s f  
i n t e r e s t  t o  note the coalescence o f  v o r t ? ' c l Q  downstream I n  the near wake, Ph-r's i s  
i n d i c a t i v e  o f  the wake vor tex which occurs on slender wings w i t h  leading-edge 
separation; i t  i s  shed along the t r a i l i n g  edge and has the opposi te sense o f  the 
1 eadi ng-edge vor tex.  
From a convergence viewpoint, i t  i s  des i rab le  t o  make the near wake as sho r t  as 
poss ib le  w h i l e  main ta in ing  the b e n e f i c i a l  e f f e c t s  o f  t h i s  model. A l ong  near wake 
would n o t  on ly  r e q u i r e  more panel s ( i nc reas ing  computational expense) b u t  a1 so 
r e q u i r e  i nc reas ing l y  compl i c a t e d  wake f low e f f e c t s  t o  be represented, hampering 
convergence. For tunate ly ,  the r e s u l t s  o f  a near-wake l eng th  study ( f i g u r e  5) show 
very l i t t l e  e f f e c t  o f  the l eng th  o f  near wake modeled on the converged force and 
moment p r o p e r t i e s  o f  a d e l t a  wing. I n  t h i s  f igure ,  the near-wake l eng th  i s  
presented i n  f r a c t i o n s  o f  the vor tex  core diameter a t  the wing t r a i l i n g  edge. A1 so 
shown are  the  suc t ion  analogy est imates o f  the normal force c o e f f i c i e n t  f o r  two 
angles o f  a t tack .  Apparently the  s a l i e n t  feature o f  the h igher  order  near wake i s  
t o  a l l ow  the wing v o r t i c i t y  t o  pass onto the wake w i t h  the proper o r i e n t a t i o n .  As 
has been shown i n  o ther  studies, d e t a i l s  o f  the wake r o l l u p  have l i t t l e  e f f e c t  on 
the wing f low i t s e l f .  Add i t iona l  c a l c u l a t i o n s  ( n o t  shown) i nd i ca ted  l i t t l e  sensi- 
t i v i  ty o f  the  s o l u t i o n  t o  near-wake pane l ing  v a r i a t i o n s  a t  a f i x e d  near-wake length .  
A comparison o f  the convergence h i  s t o r i e s  f o r  a wing w i t h  no near wake and a 
wing w i t h  a sho r t  near wake i s  shown i n  f i g u r e  6, Both so lu t i ons  requ i red  e i g h t  
i t e r a t i o n s  t o  d r i v e  the res idua l  e r r o r  below a to lerence o f  10-6, and the o v e r a l l  
charac ter  o f  the convergence was unchanged by adding the sho r t  near wake. I t  i s  
noteworthy t h a t  the consequences o f  model i n g  nonpl anar v o r t i c i  ty e f f e c t s  w i t h  the 
near wake have a l a r g e r  e f f e c t  on the  s o l u t i o n  than does d r i v i n g  the res idua l  e r r o r  
down 10 orders  o f  magnitude from unacceptable t o  f u l l y  acceptable l e v e l  s. 
The r e s u l t s  o f  f i g u r e  6 a1 so i n d i c a t e  t h a t  the o v e r a l l  force and moment 
c o e f f i c i e n t s  are converged a t  a res idua l  e r r o r  l e v e l  on the order o f  10-3, as 
opposed t o  the d e f a u l t  to le rance o f  10-6. I n  f i g u r e  7, the e f f e c t  o f  the res idua l  
e r r o r  l e v e l  on the spanwise pressure d i s t r i b u t i o n s  very near the t r a i l  i n g  edge 
(where convergence i s  genera l l y  slowest) a1 so i n d i c a t e  t h a t  10-3 i s  acceptable f o r  
p r a c t i c a l  app l ica t ions .  Examination o f  the o ther  c a l  cu l  a t i ons  o f  t h i s  paper f u r t h e r  
supports t h i  s concl usion. 
Computed force and moment p r o p e r t i e s  f o r  the uni  t - aspec t - ra t i o  del t a  wing o f  
Hummel (1979) a re  compared w i t h  experimental values i n  f i g u r e  8. The wing was 
represented by mean p l  ane doublet  networks t o  account f o r  the asymmetric bevel i ng 
and th ickness  e f f e c t s  were n o t  modeled, The c z l c u l a t i o n s  ( w i t h  a sho r t  near wake) 
show excel l e n t  agreement w i t h  the experiment i n c l  ud i  ng camber e f f e c t s  which, f o r  the 
most pa r t ,  a re  due t o  the t r a i l  ing-edge bevel (a t r a i l  ing-edge-f lap type o f  e f f e c t ) .  
So lu t i ons  were obta ined down t o  re1 a t i v e l y  low angles o f  a t tack  ( i n  magnitude) and 
1 i ft c o e f f i c i e n t s ;  a t  1.5 degrees the computed vortex-1 i f t  increment was approxi-  
mately 1.0.03 from the computed at tached f low value, (The attached f low so lu t i ons  
are  f o r  zero  l eadi ng-edge suc ti on. 1 
Spanws'se pressure d is t r ibu t - r 'ons  f o r  20" angle o f  a t tack  c o r r e l a t e  reasonably 
we l l  w f t h  the  experiments? results ( f i g u r e  91, D i f fe rences on the upper surface j n  
peak suc t ion  magnitude and i n  the outboard values are l a r g e l y  due t o  secondary 
separat ion, a viscous f low e f e c t .  A t  the a f t  s t a t i o n  shown, th ickness e f f e c t s  31 so 
a f f e c t  the  q u a l i t y  o f  the c o r r e l a t i o n .  Thi  s i s  the s t a t i o n  o f  maximum thickness, 
and the  t h i n  wing c a l c u l a t i o n s  r e f l e c t  the s ingu lar  nature o f  the modeled f low a t  
t h i s  s ta t i on ,  
P a r t i a l  Res ta r t  
A quasi-Newton method i s  used t o  solve the nonl inear  equat ions f o r  the f ree-  
vor"ex-sheet formul a t i on .  As w i t h  any Newton method, the s t a r t i n g  s o l u t i o n  must be 
" s u f f i c i e n t l y  c lose"  t o  the converged answer i f  t h a t  answer i s  t o  be achieved. The 
bas ic  FVS code has a  f u l l  r e s t a r t  c a p a b i l i t y  which i s  use fu l  f o r  changes i n  the fa r -  
f i e l d  boundary cond i t ions .  Here the complete s o l u t i o n  ( s ingul  a r i  t i e s  and vor tex  
geometry) from a  p r i o r  c a l c u l a t i o n  i s  used as a  s t a r t i n g  s o l u t i o n  f o r  a  new 
c a l c u l a t i o n  o f  the  same wing geometry (and panel ing)  a t  d i  f f e r e n t  freestream 
cond i t ions .  Th i s  c a p a b i l i t y  has proven t o  be very usefu l  and c o s t  e f f e c t i v e  f o r  
computations over a  range o f  freestream cond i t i ons  such as angle o f  at tack,  Mach 
number, etc., and was used f o r  the r e s u l t s  o f  the Hummel d e l t a  wing j u s t  discussed. 
For  cases where no p r i o r  in fo rmat ion  i s  ava i lab le ,  the d e f a u l t  approach was t o  base 
the i n i t i a l  vor tex-sheet  geometry on the  con ica l - f low s o l u t i o n  o f  Smith (1966) and 
t o  c a l c u l a t e  the i n i t i a l  s i n g u l a r i t y  d i s t r i b u t i o n  from a  subset o f  the f u l l  
governi ng equations. 
The r e s t a r t  c a p a b i l i t y  o f  t h i s  method has been extended t o  inc lude a  " p a r t i a l  
r e s t a r t "  which i s  use fu l  f o r  changes i n  the n e a r - f i e l d  boundary cond i t i ons  such as 
would a r i s e  f o r  a  change i n  wing geometry, paneling, etc.  The p a r t i a l  r e s t a r t  
a l lows f o r  the t r a n s f e r  o f  an a r b i t r a r y  vor tex  sheet geometry from some p r i o r  
c a l c u l a t i o n  t o  the c u r r e n t  c o n f i g u r a t i o n  o f  i n t e r e s t  and solves f o r  the i n i t i a l  
s i n g u l a r i t y  d i s t r i b u t i o n  by s a t i s f y i n g  a  subset o f  the f u l l  governing equations. 
T h i s  technique has been e x p l o i t e d  f o r  many o f  the vo r tex - f l ap  so lu t i ons  summarized 
i n  Table 1, p r i m a r i l y  f o r  achiev ing so lu t i ons  over a  range o f  vo r tex - f l ap  d e f l e c t i o n  
angles. However, i t  was found t h a t  the u t i l i t y  o f  the p a r t i a l  r e s t a r t  diminished as 
the d i  f ferences i n  boundary condi t i o n s  between an a v a i l  ab le and the desi red sol u t i o n  
increased. For  t h i  s  reason, add i t i ona l  vortex-sheet manipulat ion capabi 1  i t y  was 
i mpl emen t e d  . 
Vortex Sheet Manipulat ion 
For  many p r a c t i c a l  appl i c a t i o n s  the geometric p rope r t i es  o f  the 1  eadi ng-edge 
vor tex  can be dominated by some s a l i e n t  geometric c h a r a c t e r i s t i c  o f  the wing. One 
example i s  the vo r tex  f l a p  appl i c a t i o n  where the r e s u l t a n t  vor tex  geometries are  
s i m i l a r  i n  a  coordinate system normal t o  the f l a p  surface. Therefore, a  simple 
vor tex  man ipu la t ion  capabi l  i ty was implemented which a1 1  ows the i n i t i a l  vor tex  
geometry t o  be a r b i t r a r i l y  r o t a t e d  and/or scaled about the wing lead ing  edge. Th i  s  
idea i s  i l l u s t r a t e d  i n  f i g u r e  10, where the vor tex  sheet from an a v a i l a b l e  three- 
dimensional s o l u t i o n  f o r  a  p lanar  de1 t a  wing i s  f i r s t  t r ans fe r red  ( v i a  the p a r t i a l  
r e s t a r t )  t o  a  wing w i t h  a  de f l ec ted  vo r tex  f lap ,  and i s  then r o t a t e d  by the f l a p  
d e f l e c t i o n  angle. I n  p rac t i ce ,  i t  i s  o f t e n  advantageous t o  a1 so s l i g h t l y  scale the 
resu l  t a n t  i n i t i a l  vor tex  geometry as w e l l .  The e f f e c t s  o f  t h i s  approach on conver- 
gence are  shown i n  f i g u r e  l l a .  Use o f  the simple t rans fe r ,  r o t a t i o n ,  and sca l ing  
r e a d i l y  y i e l d e d  a converged s o l u t i o n  f o r  a  1  arge increment i n  f l a p  de f l ec t i on ;  f o r  
smal I increments i n  f l a p  d e f l e c t i o n  e i t h e r  the t rans fe r  alone o r  i n  con junc t ion  w i t h  
manipul a t i o n  r e a d i l y  y i e l  ded the converged sol u t ion .  Without these techniques 
converged resu l  t s  had no t  been achieved, 
An example o f  the sca l ing  e f f e c t s  i s  i l l u s t r a t e d  i n  f i g u r e  I l b .  The converged 
so9u"cm f o r  a  d e l t a  wjng was t rans fe r red  t o  the gothfc wfng and then sealed t o  
approximate the noncsnieal e f f e c t s  due t o  the go th ic  wing planform, Once agal"n the 
ca l  cul a t i  on read?" l y  converged; us ing  con ica l  f h w  i nfsrmat ion f o r  the s t a r t i n g  
so lu t ion ,  the p r i o r  vers ion o f  the code would n o t  y i e l d  a converged resu"l- 
The p a r t i a l  r e s t a r t  and vor tex manipulat ion can be used t o  obtal'n so lu t i ons  f o r  
more complex geometries and flow cond i t ions .  Shown i n  f i g u r e  12 i s  an example f o r  a 
wing-body c o n f i g u r a t i o n  w i t h  a go th i6  p lanform vor tex  f l a g  de f lec ted  a t  a 1 arge 
angle. By organ iz ing  the c a l c u l a t i o n s  roughly as shown one can obta in  in te rmed ia te  
so lu t i ons  which are usefu l  f o r  i n t e r p r e t i n g  the complete con f i gu ra t i on  s o l u t i o n  as 
we l l  as f o r  determin ing incremental e f f e c t s  o f  geometric va r i a t i ons .  I n  f i g u r e  13 
an example i s  shown f o r  a s i m i l a r  wing geometry b u t  a t  sides1 i p  condi t ions.  Drawing 
upon simple- sweep concepts, symmetric c a l c u l a t i o n s  were f i r s t  performed which, by 
the p a r t i a l  r e s t a r t ,  prov ided good s t a r t i n g  so lu t i ons  f o r  the complete 
conf igura t ion .  
The approach taken f o r  t h i s  case can a1 so be c o s t  e f f e c t i v e  since the gross 
s o l u t i o n  fea tures  are  es tab l  i shed w i t h  the two symmetric c a l c u l a t i o n s  which 
nominal l y  r e q u i r e  one- ha1 f the computer resources o f  a f u l l  -span c a l c u l a t i o n  f o r  the 
same panel i ng and number o f  i te ra t i ons .  The symmetric precursor ca l  c u l  a t i o n s  coul  d 
have been performed a t  reduced panel ings, f u r t h e r  a f f e c t i n g  c o s t  reduct ion.  Th i  s 
feature has been e x p l o i t e d  f o r  var ious  problems by i n i t i a t i n g  a s o l u t i o n  w i t h  a 
coarse pane l ing  and then, us ing the p a r t i a l  r e s t a r t ,  ob ta in ing  so lu t i ons  f o r  f i n e r  
panel i ngs, much as i s  done w i t h  mesh sequencing i n  f i  n i  t e - d i  f ference formulat ions. 
Modi f i e d  Quasi-Newton Scheme 
W i t h  the de f a u l  t quasi-Newton scheme o f  the free-vortex-sheet method the  
Jacobian m a t r i x  i s  f u l l y  formulated a t  the s t a r t i n g  s o l u t i o n  and then on ly  every 
t h i r d  i t e r a t i o n  the rea f te r .  For  the in te rmed ia te  i t e r a t i o n s  the val  ues o f  t he  
Jacobian are obta ined w i t h  an approximate update procedure due t o  Broyden (1973). 
By t h i s  approach, there  i s  no need t o  f u l l y  reeva lua te  the p a r t i a l  d e r i v a t i v e s  
comprising the elements o f  the Jacobian f o r  each i t e r a t i o n .  So long as the method 
converges, t h i s  technique can reduce the c o s t  o f  ob ta in ing  the so lu t ion .  As w i t h  
any approximation technique, however, the update method w i l l  work bes t  i n  cond i t i ons  
where the e l  ements being approximated vary 1 i near ly  and, i n  actual  i ty, undergo 
1 i ttl e change, 
I n  general , the elements o f  the Jacobi an w i  11 undergo greater  change e a r l y  i n  
the i t e r a t i o n  process, where res idua l  e r r o r  l e v e l s  are high, than they w i l l  l a t e r  i n  
the c a l c u l a t i o n  as the so lu t i on  becomes es tab l  i shed. S t r i c t l y  re fo rmula t ing  the 
Jacobian m a t r i x  every th ree  i t e r a t i o n s  can the re fo re  r e s u l t  n o t  only  i n  unnecessary 
numerical d i  f f i c u l  t i e s  e a r l y  i n  a c a l c u l a t i o n  (due t o  i nhe ren t  approximations 
a f f i l  i a t e d  w i t h  the update procedure) b u t  a1 so i n  unnecessary numerical expense 
l a t e  i n  a c a l c u l a t i o n  (due t o  Jacobian re fo rmu la t i on  when an update would be j u s t  as 
good). Therefore, the Jacobian re fo rmu la t i on  frequency was adjusted t o  be a 
func t i on  o f  the res idua l  e r r o r  l e v e l  . The f o l  1 owing approximate schedule was 
determined from numerical experimentat ion f o r  the number o f  i t e r a t i o n s  employing the 
update procedure as a func t ion  o f  res idua l  e r r o r  l e v e l  : 
e r r o r  range \up 
Several cases s f  t h i s  stucly were reanalyzed ws'tk the above Jaeabian update 
schedul e. AS though no cases have been found which requ i red  thl 's technique t o  o b t a i n  
convergence, c a l c u l a t i o n s  w i t h  the ad jus ted  Jacobi an update schedule evidenced 
smoother convergence p rope r t i es  than d i d  the basel i n e  ca leu l  a l ions .  The cos t  o f  the 
modi F i  ed ca3 c u l  a t i o n  was comparable .to the basel l" ne calculi a t i o n  p r i m a r i l y  because 
the increased Jacobian r e f i r m u l a t i o n  frequency a t  h igh  res idua l  e r r o r  l e v e l s  i s  
traded o f  f aga ins t  the reduced frequency a t  low l e v e l  s o f  e r ro r ,  
A DIRECT APPROACH FOR CAMBERED WINGS 
The techniques described i n  t h i s  r e p o r t  can a1 so be used d i r e c t l y  t o  ob ta in  
so lu t i ons  f o r  cases where no p r i o r  i n fo rma t ion  i s  a v a i l a b l e  f o r  use w i t h  the p a r t i a l  
r e s t a r t .  An example i s  shown i n  f i g u r e  14 f o r  wings w i t h  l a r g e  camber a t  f reestream 
cond i t i ons  where the  leading-edge vor tex  i s  small and a c t i n g  on the forward-facing 
camber surface. The approach, t o  be subsequently described, w i l l  be f i r s t  app l ied  
t o  the c i r c u l a r - a r c  conical-camber wings o f  Barsby (1974) and then t o  a vor tex  f l a p  
con f i gu ra t i on .  
Attached f l  ow c a l c u l a t i o n s  were fi r s t  performed w i t h  the free-vortex-sheet code 
t o  determine the smooth-onflow angle o f  a t tack .  For these con ica l  wings, t h i s  
c o n d i t i o n  occurred along the e n t i r e  l ead ing  edge w i t h i n  an angle o f  a t tack  o f  about 
lo. The model i n g  inc luded the sho r t  near wake and the c a l c u l a t i o n s  incorporated the 
scheduled Jacobian update procedure. Because the angle o f  a t tack  d i  f f e r s  s l  i g h t l y  
from the  smooth-onfl ow angl e, the 1 eadi ng-edge vor tex  w i  11 be small and governed 
p r i m a r i l y  by p r o p e r t i e s  near the lead ing  edge. To approximate these e f fec ts ,  the 
i n i t i a l  vo r tex  geometry was based upon the con ica l  f low s o l u t i o n  o f  Smith (1966) f o r  
the incremental angle o f  a t tack  beyond smooth onf low and was r o t a t e d  by the 
t ransverse wing slope a t  the lead ing  edge. 
Ca lcu la t i ons  were performed fo r  a un i  t - aspec t - ra t i o  wing, f i r s t  w i t h  a 
nondimensional camber he igh t  o f  0.4 f o r  freestream cond i t i ons  5' above smooth 
o n f l  ow. The c a l c u l a t i o n  r e a d i l y  converged, and some p rope r t i es  o f  the three- 
dimensional s o l u t i o n  are shown i n  f i g u r e  15a a t  the wing t r a i l i n g  edge. The simple 
s t a r t i n g  procedure j u s t  described prov ided a reasonable est imate o f  the converged 
vor tex  geometry. For  comparison purposes, the fl a t -p l  a te  con ica l  - f l ow  s o l u t i o n  i s  
a1 so shown. Th i s  s o l u t i o n  emphasizes the s i g n i f i c a n t  e f f e c t s  camber has on the 
vor tex  s o l u t i o n  and a1 so i n d i c a t e s  probable convergence d i  f f i c u l  t i e s  i f  the  f1 a t -  
p l a t e  s o l u t i o n  were t o  be used as a s t a r t i n g  s o l u t i o n  f o r  the cambered wing, 
A more extreme case i s  shown i n  f i g u r e  15b. From the prev ious c a l c u l a t i o n  
( p  = 0.4) i t  was apparent t h a t  the described s t a r t i n g  procedure resu l ted  i n  an 
overs ized vortex, so the s t a r t i n g  vor tex  geometry f o r  the c u r r e n t  c a l c u l a t i o n  
( p  = 0.6) was f u r t h e r  scaled down by 50 percent. The c a l c u l a t i o n  r e a d i l y  converged 
and r e s u l t e d  i n  an extremely small vor tex.  As a consequence, t h i s  s o l u t i o n  
exh ib i  Led near ly  90-percent suct ion, based upon the (usual ) a t tached- f l  owlzero- 
suct ion and f l  a t -p l  ate-optimum drag 1 eve1 s. 
As a f i na l  app l i ca t i on ,  t h i s  d i r e c t  approach was app l ied  t o  a vor tex f l a p  
geometry. The resu l  t a n t  convergence h i  s t o r i e s  ( f i g u r e  16) show the dramatic e f f e c t s  
of the new formulat ion.  I t  should be noted t h a t  convergence i s  d isp layed a t  a 
res idua l  e r r o r  l e v e l  o f  as  was shown e a r l i e r  the s o l u t i o n  i s  s u f f i c i e n t l y  
establl 'shed a t  a res idua l  l e v e l  o f  10-3 f o r  p r a c t i c a l  purposes, 
CONCLUDING REMARKS 
A v a r i e t y  o f  ex ns have been imp9 emen ted  t o  the free-vortex-sheet 
formul a t i  on fo"orhe purpose o f  jmprovr" ng "r;e convergence charae ters" st ic s o f  the 
method. By extending the model i n g  capabi l i ty o f  the code s i  gni  f i can t  improvements 
i n  the convergence cha rac te r i  s t i c s  were rea l  i z e d  w i t h o u t  changing the basic 
numerical scheme. Some r e s u l t s  o f  t h i s  study are summarized below. 
Only a sho r t  near wake i s  requ i red  t o  capture the s ign i  f i c a n t  e f f e c t s  o f  
nonplanar v o r t i c i t y .  The convergence o f  a c a l c u l a t i o n  w i t h  a shor t  near wake i s  
nea r l y  as f a s t  as the convergence o f  a c a l c u l a t i o n  w i t h  no near wake a t  a l l .  Wi th 
e i t h e r  wake representat ion,  the s o l u t i o n  p r o p e r t i e s  evidenced 1 i t t l e  v a r i a t i o n  
beyond a res idua l  e r r o r  l e v e l  o f  10-3. 
A " p a r t i a l  r e s t a r t "  was added t o  the formulat ion. T h i s  a l lows f o r  the use o f  
an a r b i t r a r y  vo r tex  from a p r i o r  c a l c u l a t i o n  as a s t a r t i n g  so lu t ion ,  I n  add i t i on ,  
simple vor tex manipulat ion features such as r o t a t i o n  and sca l ing  proved to  be very 
e f f e c t i v e  i n  enhancing convergence. 
Wi th  the extensions described i n  t h i s  repor t ,  the u t i l i t y  o f  the FVS 
formula t ion  has been extended t o  cond i t i ons  where the vo r tex  i s  small. Th i s  a1 1 ows 
f o r  three-dimensional c a l c u l a t i o n s  t o  be e a s i l y  performed a t  low angles o f  a t tack  
and on con f i gu ra t i ons  w i t h  h igh l y  de f l ec ted  l ead ing  edges. 
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TABLE 1,- CONVERGED FVS PARAMETER SPACE, PUBLISHED RESULTS 
f a )  del t a  wings, uncambered 
Planform Camber Thickness Vortex Flow 
Reference Class A1 A* Ate AR x Class  6 1  $1 $ Iring Fusl  Span a p PI 
Brune, Delta 70 - 0 1.46 !? F l a t  - - - 
0, .. 
Thin - F u l l  9-19 
e t  a l .  76 " " 1.00 ., .. 
(1975) 
Brune, Del ta  74 - 0 1.15 0 F l a t  - - - Thin - F u l l  5-20 0 0 .8  
e t  a l .  
(1977) 
Buter,  Del ta  74 - 0 1.15 0 P l a t  - - - Thin - F u l l  10 0 0 
e t  a l .  
Erickson Del ta  55 - 0 2.80 0 F l a t  - - - 
.. ., 
Thin - F u l l  15 0 0.6 
(1983) 65 " 1.87 " " ., ,, ,. ,. 
Gloss,  Del ta  6 3 . 4 -  0 2.00 0 F l a t  
e t  a l .  70 " " 1.46 " " 
(1976) 
.. 8 .  
' P a r t  " ., .. 
%. .. 
" F u l l  " ,. ,. 
- - - 
0. .. 
Thin - F u l l  20 0 0 
., *, 14 " " 
Hoff le r  Delta 65 - 0 1.87 0 F l a t  - - - Thin - F u l l  16 0 0 
(1985) 
Johnson, Delta 70 - 0 1.46 0 F l a t  - - - 
., .. 
Thin - F u l l  14 0 0 
e t  a l .  74 " 1.15 " " ., ,. 5-25 " 0.6 
(1976) 
Johnson, Delta 6 3 . 4 -  0 2.00 0 F l a t  - - - 
,. 
Thin - F u l l  20 0 0 
e t  a l .  70 " 1.46 " " ,. # a  
.# ,, ., ,* 
14 " " ( 1980) 74 " " 1.15 " " 
.. 8, t. ., 
15-30 " " 
76 " " 1.00 " " 
a. q, 0, 8, 
20 " " 
80 " " 0.71 " " 
.* qq ,. ., 
15 5 :: 
86.4 " " 0.25 " " 
.. .. ,. ,. 
2-25 0 
63-86 " u 2-0.25 m a 20 " " 
Kuhlman Delta 63-86 - 0 2-0.25 0 F l a t  - - - 
,. ., 
Thin - F u l l  15 0 0 
(1978) 63-80 " 2-0.71 " " ,. ,. 
.. .. 
20 " " 
82.7 " " 0.52 " " 
0. ,. ., ,. *, .. ,. 10-40 " 0.8 
,. ,* .. 8, ., .. 8. ,. 
10.3 " 0.7 
., ,. .. ,* 4. 
.a 8 ,  
30 " " 
20.8 " 0.5-0.8 
Lamar Delta 74 - 0 1.15 0 F l a t  - - 
., ,, 
Thin - F u l l  15-25 0 0 
(1978) 80 " " 0.71 " " ,. ,, 10-25 " " 
Lamar, Delta 74 - 0 1.15 0 F l a t  - - - Thin - F u l l  20 10 0.2 
e t  a l .  
(1979) 
Luckring,  Delta 63 - 0 2.04 0 F l a t  - - 
,. .. 
Thin - F u l l  20 0 0.3 
e t  a l .  74 " 1.15 " " *, ., 
,. ,. 0. *, 8 ,  ,, 
10-25 0 ,5  0.2 
(1982) %, ., 
., *, ,. ,, 
20 0,15 " 
82.7 " 
., ,, 
" 0.52 " " 
.a ,, ,. ,, ,, *, 
10 0 0.99 
20.8 0 0-0.99 
L u c k r i n g , D e l t a  65 - 0 1.87 0 F l a t  - - - Thin - F u l l  15 0 0 
e t  a l .  
(1985b) 
Polhamus Delta 70 - 0 1.46 0 F l a t  - - 
,, ,, 
Thin - F u l l  10-50 0 0 
(1983) 80  " 0.71 " " ,. ., 5-50 " 
Polhamus Delta 70 - 0 1.46 0 F l a t  - - 
,, ., 
Thin - F u l l  10-50 0 0 
(1985) 76 " 1.00 " " Thick " " 25 " " 
<, ,. 80 " 0.71 " Thin " " 5-50 " " 
Reddy Delta 70 - 0 1.46 0 F la t  - - 
,. c ,  
Thin - Ful l  10-30 0 0 
(1979) 76 " 1.00 " 5-30 " 
Reddy Delta 70 - 0 1.46 0 F l a t  - - Thin - Ful l  15-40 0 0 
(1981) 
TABLE 1.- CONTINUED 
( b )  arrow and diamond wings, uncambered 
Planrorm Camber Thickness Vortex Flow 
Reference Class hl A;! Ate AR h Class  b1 hhl b2 Wing Fus l  Span a 6 M 
Brune, Arrow 71.2 - 43.6 2.02 0 F l a t  - - - Thin - F u l l  15.8 0 0 
e t  a l .  
(1975) 
Brune, Arrow 74 - 37 1.47 0 F l a t  - - - Thin - F u l l  5-25 0 0 .6  
e t  a l .  
(1977) 
Johnson, Arrow 7 1 . 2 -  43 2.00 0 F l a t  - - - Thin - F u l l  11.9 
,. $0 
0.4 
e t  a l .  74 " 37 1.47 " " .. ., 5-25 ' 0.6 
(1976) 
Johnson, Arrow 7 1 . 2 -  43 2.00 0 F l a t  - - - Thin - F u l l  11.9 0 0.4 
e t  a l .  
(1980) 
Kuhlman Arrow 70 - 36.9 2.00 0 F l a t  - - - Thin - F u l l  10-30 0 0 
(1978) 
Luckring, Arrow + 67 - 55 2.50 0 F l a t  - - - Thin - F u l l  7-14 0 0.76 
e t  a l .  
(1982) 
Polhamus Arrow 70 - 36.9 2.00 0 F l a t  - - - Thin - F u l l  5-50 0 0 
(1983) 
Reddy Arrow 70 - 36.9 2.00 0 F l a t  - - - Thin - F u l l  15-40 0 0 
(1979) ., ., 20.6 1.82 " " .. q, ,* .o 
.. 0, 15.4 1.62 " " '0 .a .. a. 
Kuhlman Diamond 70 - -51.3 1.00 0 F l a t  - - - Thin - F u l l  10-30 0 0 
(1978) 
Reddy Diamond 70 - -15.4 1.32 0 F l a t  - - 
., '0 
Thin - F u l l  15-40 0 0 
(1979) 0. .a -28.8 1.21 " " ., ,, .. a. 
., ., 
-39.5 1.12 " " ,. .. ., .. 
,. .. 
-47.7 1.04 " " ., a, ., '8 ,, q. 
a, a, 
-51.3 1.00 " " ., a. ,, a. 
Reddy Diamond 70 - -51.3 1.00 - F l a t  - - Thin - Ful l  25-40 0 0 
(1981) 
+ B-1 Planform 
TABLE 1,- CONTIHUED 
ORIGINAL P$=Cel: 6s 
QF BOOR QbDaLlW 
( c  cropped wings,  uncambered 
Planform Camber Thickness Vortex Flow 
Reference Class A1 A;! Ate AR A Class  61 Ah1 62 Uing Fusl Span a $ El 
Erickson Cropped 65 - 0 2.80 0.25 F l a t  - - - Thin - F u l l  15 0 0.6 
(1983) Delta 
Erickson Cropped 55 - 0 1.80 0.2 F l a t  - - - Thin - F u l l  1 5  0 0.4 
(1985) Delta 
Luckring, Cropped 63 - 0 0.87 0.4 F l a t  - A - Thin - F u l l  20 0 0.3 
e t  a l .  Delta 
(1902) 
Reddy 
(1981) 
Cropped 63 - 
Delta DO " 
0.87 0.4 F l a t  
0.27 0.45 " 
Thin - F u l l  15-25 0 0.2 
15-35 " 0 
Manro Cropped 71.2 - 43 1.65 0.1 F l a t  - - - Thin - F u l l  16 0 0.4 
(1983) Arrow " " 8, a. -3 ,. Thick " " ., q. 
,, ., ,. .. ., ., Thick " *. ,. 
.. ,* #. 'a ,, ., 
.3 .. 
- P a r t  8 " " 
,, 0, .. a. Thin " " 6 ., a. 
Reddy Cropped 63 - 40 1.07 0.4 F l a t  - - - Thin - F u l l  15-25 0 0.2 
(1981) Arrow 
Reddy Cropped 63 - -40 0.74 0.4 F l a t  - - - Thin - F u l l  15-25 0 0.2 
(1981) Diamond 
( d) cranked wings, uncambered 
Planf orm Camber Thickness Vortex Flow 
Reference Class A1 A2 A t e  AR h Class  61 Ah1 62 Wing Fusl Span a I3 M 
Erickson Cranked 72 62 0 1.68 0 F l a t  - - - Thin - F u l l  15 0 0 
(1983) Del ta  
Kuhlman Cranked 80 65 0 1.60 0 F l a t  - - - Thin - F u l l  5-30 0 0 
(1978) Delta 
Reddy Cranked 80 65 0 1.60 0 F l a t  - - - Thin - F u l l  15-30 0 0 
<, a *  ,. 8, ., 38 (1981) Del ta  " " " 0.95 0.2 " 
Reddy Cranked 80 65 30 2.08 0 F l a t  - - - Thin - F u l l  15-25 0 0 
(1981) Arrow " " " 1.10 0.23 " ,. ,, ,+ 1 5 - 3 0 "  " 
Reddy Cranked 70-80 65 30 2.6-2.1 0 F l a t  - - Thin - Ful l  20 0 0 
(1981b) Arrow 80 60-70 " 2.6-1.6 " " .. ,. ,. ,, ,, *, 
TABLE 1 ,- CONTINUED 
( e l  mi scell aneous wings, uneambered 
Planform Camber Th ickness  Vor tex  Flow 
Refe rence  C l a s s  A1 A2 Ate  AR A C l a s s  61  Ah, 9 Wing Fus l  Span a $ El 
Brune,  G o t h i c  50 87 56.3 1.60 0 F l a t  - - - Thin  - F u l l  14.3 0 0 
e t  a l .  Arrow 
(1975) 
E r i c k s o n  G o t h i c  62.5 76.6 0 1.35 0 F l a t  - - - Thin  - F u l l  15 0 0 
(1983) 
F r i u k  G o t h i c  60  74 0 1.36 0 F l a t  - - - Thin  Thin P a r t  10-16 0 0 
(1985) .. ., ., ., t, ., " Thick F u l l  14  " " 
Johnson ,  R e c t a n g l e  0 - 0 0.2-1.2 1 F l a t  - - - Thin  - F u l l  20 0 0.2 
e t  a l .  
(1980) 
Reddy Raked 63 -3-13 0 1.07 0.4 F l a t  - - - Thin - F u l l  23 0 0 
(1981) S i d e  
Edge 
( f )  a1 1 p l  anforms, convent ional camber 
Planform Conven t iona l  Camber Th ickness  Vor tex  Flow 
R e f e r e n c e  C l a s s  A1 A2 Ate AR h C l a s s  6 1  Ah1 6 2  Cling Fus l  Span a $ PI 
B u t e r ,  D e l t a  !4 0 1.15 0 A p e x F l a p  0-40 - - Thin - F u l l  1 0  0 0 
e t  a l .  ,. ., 20  " " " Inhd  " 
Luckr ing ,  D e l t a  76 - 0 1.00 0 T . E . F l a p  -6 - - Thin  - F u l l  -20-50 0 0 
e t  a l .  
(1985h) 
Reddy D e l t a  75 - 0 1.07 0 S m o o t h O n f l o w , -  - - Thin  - F u l l  2-30 0 0 
(1981) Cld - 0.3 
Johnson,  Arrow 7 1 . 2 -  43 1.65 0 T . E . F l a p  8.3 - - Thin - F u l l  11.9 0 0.4 
e t  a l .  
(1980) 
blanro Cropped 71.2 - 43 1.65 0 .1  Twis t  - - - 
., ,. 
Thin - F u l l  1 6  0 0.4 
(1983) Arrow " " " Twist/Camher " ,, ,# 
H a r r i s o n  Cranked 70 58  48 2.24 0 L. E. Droop 0-15 58 - Thin - P a r t  20-25 0 0.65 
(1982b)  Arrow -k 
i- AFTIfF-111 Planform snd Camber 
TABLE 1,- CONTINUED 
( g )  a19 p lan foms ,  conical camber 
Planform Conica l  Camber Th ickness  Vortex Flow 
Refe rence  C l a s s  A 1  A;! A t ,  AR h c l a s s  61 Ah1 62 Wing F u s l  Span a $ M 
Johnson ,  D e l t a  74 - 0 1.15 0 Wentz - - - Thin  - F u l l  10-31 0 0 
e t  a l .  
(1980) 
Kuhlman D e l t a  74 - 0 1.15 0 Wentz - - - Thin  - F u l l  10-31 0 0 
(1978) 
Lamar D e l t a  74 - 0 1.15 0 Wentz - - - T h i n  - F u l l  15-25 0 0 
( 1978) " 0.71 ,: Barsby,  p=0.2 " .a 8 ,  ,. .* 8O :: .. ,. ,. ,. 10-25 " " Barsby,  p=0.4 " 15-25 " " 
Luckr ing ,  D e l t a  76 - 0 1.00 0 Barsby,  p=0.4 - - - 
.. ,, 0. 
Thin  - F u l l  14 0 0 
e t  a l .  Barsbv. ~=0.6 " .a .. 20 
Reddy D e l t a  76 0 1.00 0 Nangia Wing E - - - 
,, .. 
Thin  - F u l l  10-30 0 0 
(1979) " S a u i r e  Wine 1 " 8. ,, 10-40 " " 
- 
., ,, 
" S q u i r e  Wing 2 " a, ., ,* 
,. en 8 ,  ., ,. ., 
15-40 " " 
" S q u i r e  Wing 3 " ,. ., 
.. '8 
" S q u i r e  l l ing 4 " ., ., ,+ 0. .. ., 
,. 8, 
" S q u i r e  Wing 5 " ., ., ., ., 30-40 " " 
Reddy D e l t a  76 - 0 1.00 0 Nangia Wing B - - - Thin  - F u l l  24,30 0 0 
(1981) ,, ., " S q u i r e  Wing 4 " 8, a, ,. ,. 
., ,. 
15-40 " " 
" S q u i r e  l l ing 5 " ., *. .. ,. 
q. ., ., ., .. 
20,30 " " 
" S q u i r e  Wing 6 " 20,30 " " 
Tinoco ,  D e l t a  74 0 1.15 0 L i n e a r T w i s t  10 - - Thin - F u l l  16-30 0 0 
e t  a l .  a. ,s 20 " " .. 0. 17-30 " 
CONCLUDED 
( h) a7 9 pl anforms, vor tex-  f7 ap camber 
P l a n f  orm Vortex F l a p  Camber Th ickness  Vortex Flow 
Refe rence  C l a s s  A1 A2 Ate AR C l a s s  b1 A+,, b2 Ring Fus l  Span a $ M 
E r i c k s o n  D e l t a  65 ; 0 1.87 f Con ica l  
9. . 
-15-40 74 - Thin ; f u l l  1 5  f 0.6 
(1983) 1 5  11 
,. ., ,. .. 20  " " ,. ., 
0, ,, ,. ,, ,* ., 
15-20 :: '' 
3 0  " " 1 5  0 
,. ,. I n v e r s e  Taper  1 5  " " " P a r t  " " 0 . 6  
Cranked 72 62 " 1.68 " " 15  77 /70  " " F u l l  10 ,15  " 0.6 
D e l t a  
E r i c k s o n  D e l t a  55 - 0 2.80 0 Tapered Chord 0-30 5 3  0-10 Th in  - F u l l  10-30 0-20 0.4 
(1985) 
F r i n k  D e l t a  74 - 0 1 . 1 5  0 C o n s t a n t c h o r d 1 0  74 - Thin  - F u l l  1 4  0 0 
(1982) ., ,. ,% ,. 8 ,  .8 " P a r t  " ., .> 
,, ,, #. ,, 0-20 " " ,. $0 
" 0 . 3  
.. ., 
" Conica l  20  79 " " F u l l  11-20 " " 
F r i n k  
(1985) 
H a r r i s o n  
(1982) 
H a r r i s o n  
(1982b) 
H o f f l e r  
(1985) 
Luckr ing ,  
e t  a l .  
(1982) 
G o t h i c  60 74 
,, ,, 
., ,. 
Cranked 70 58  
Arrow + " " 
3,  ,. 
a, 0, 
q, ,, 
,. ., 
Cranked 70 58  
Arrow + " " 
D e l t a  65  - 
D e l t a  72 - 
74 " 
,. ,. 
,, ,. 
.a ., 
Goth ic  3 0  
40 
3 0  
Tapered F l a p  A 15-45 
Tapered F l a p  B 25-35 
Tapered F l a p  C 30 
Tapered F l a p  D 30 
Tapered F l a p  E 3 0  
Twisted F l a p  B 35 /25  
25/35 
40130 
45/30 
35/45 
45/35 
Apex 2,  F l a p  A 3 0  
Apex 3,  F l a p  A " 
Tapered F l a p  A " 
Tapered F lap  B " 
0-30 
F lap  D, 35  
L. E. Droop 
Con ica l  1 3  
0-25 
20  
Cons tan t  Chord " 
Thin  
Thin 
Thin 
Thin 
Th in  
Thin P a r t  
0. a8  
Thick F u l l  
- P a r t  
.. .. 
,. q, 
,. ,, 
.a 
.. ,. 
,* 
u ,  
,, .8 
,. 8. 
$0 ,. 
., .a 
,, ., 
,. ,. 
.. 0, 
., ,. 
- P a r t  
- F u l l  
- F u l l  
,. 0% 
,. ,. 
,, 8. 
,, ., 
Reddy D e l t a  74 - 0 
., ,. 
1.15 0 Constant  Chord -30 74 - Thin - F u l l  15-20 0 0 
( 1 9 8 1 ~ )  " Tapered Chord 24 71.4 " ,# #, 
<, ,, H 8, #. ., 
15-35 " " 
-60-35 " " 20.6 " 
+ AFTI/F-111 Planform and Camber 
Delta 
A =: 5 5 O  .-. 85" 
Cropped delta 
X =: 0,25 =+ Q,4 
Arrow, Diamond 
Ate = 55 +-51 Cranked wings 
( a )  f l a t  wings 
Conventional Vortex Flaps 
A t e  = 0+43O A t e = O  
Twist Conical 
Twist /ca mber inverse taper 
Conical camber Constant chord  
T,E. Flap Swept, tapered 
Smooth onflow Tab bed 
(b )  cambered wings 
Figure 1,- Converged FVS Published results. 
Rectangular 
AR = Q,2 + lb,2 
Raked side edge 
d + =  -3+13 
Thick arrow 
t/c - 0.03 I Thick wing and body 
( c )  other wings 
Figure 1 .- Concluded. 
Vortex modeling -, Real flow effects 
@ 3 D pressure field 
@ Accurate forces and moments 
@ High -a vortex l i f t  loss 
Vortex curvature 
Vortex crowding 
@ Viscous flow extensions 
Vortex breakdown 
s Secondary separation 
Figure 2 ,- General sol u t i  on features. 
Planar vortieity Nonplartar Vorticity 
-+ 
= free 1 i 1 = free 
Arg 6 = fixed Arg (6 = free 
Figure 3 .- Near-f i el d wake attributes. 
Winq Near wake 
( b )  vortex flow 
Figure 4.- Concluded. 
Figure 5.- Near-field wake length e f f e c t s .  a = 15", M = 8, 
Figure 6.- Convergence histories. 
Figure 9 .- Convergence effects on spanwise pressures. x/e, = 0.995, n = 6 % " ,  
ol = 15O, M = 0. 
( a )  l i f t  
( b )  drag 
Figure 8.- Force and moment correlation for  Humel d e l t a  wing. 
( c )  p i t c h i n g  moment 
F i g u r e  8 .- Concluded. 
Figure 9,- Spanwise pressure correlat ion for Humme1 def t a  wing. 
Available Solution Sheet Transfer Sheet Transfer 
(Part ial restart) and Rotation 
Figure 10.- Sheet rotation concept with partial restart. 
Start ing Solution 
Transfer, rotation, scalingl 
Converged 
Solution 
( a )  ro t a t ion ;  A = 65', nk-, = 7 4 ° 9  a = x0, M = 0 
Mf = 15" (large) ABf = 5" (small) 
Figure 11 .- Effec t  of vortex shee t  manipulation, 
4 
0 
E 
-4 
-8 
-12 
0 2 4 6 8  
-12 0 2 4 6 8  
It I I 
- Bf = 15" 4 
,- - 
- *\, E -4 
- 
' - 4  \ Converged -8 
I 1 I \ J  
- Bf = zoo 
0, 
- L> 
\ '\ 
. 
- 
I I I I 
Vortex sheet 
Exist ing Solut ion Expa n s i o n / ~ o t a t i o n  Desired Solut ion 
Straight Leading Edge Curved lead ing  Edge 
(b) s c a l i n g ;  A = 74O, a = 210, M = 0 
Figure  11. Concluded. 
Desired FVS solution : 
74' delta wlfuselage 
Figure 12 .- Apgl i s a t i o n  o f  expanded restart t o  compl ex geemetri es. 
JV, Start ing 
solution solution 
Figure 13 .- Mu1 tiple vortex sheet partial restart. 
@ Attached flow analysis \ 
a,, = a for smooth onflow Ci rcu lar  
a rc  camber 
@ Seek solution for small A a  
@ A a  = a -aso 
@ Short near wake 
3 
Vortex starting solution 
@ size by conical flow at A a  
Barsby (1974) 
\ 
rotate by leading edge deflection 
F lgure  14,- A direct approach fo r  large camber. 
Flat plate conical flow 
0 0.2 0.4 0.6 0.8 1.0 1.2 
Y/S 
( a )  p = 0.4, a e 14", aso 9" 
Flat plate conical flow 
Figure 15.- Converged results a t  trailing edge. AR = 1. 
r Convergence History 
v 
Converged 
F igu re  16.- App l i ca t i on  f o r  vor tex f l ap .  a = 16". 
A DITiECT AND INVERSE BOUNDmY LAYER 
N86 -27195 
Shawn B. Woodson and Fred Re DeJarnet te  
North Carol ina S t a t e  Univers i ty  
Raleigh, North Caro l ina  
SUMMARY 
A new inve r se  boundary l a y e r  method is  developed and appl ied  t o  incompressible 
f lows wi th  laminar s epa ra t ion  and reattachment.  Tes t  cases  f o r  two-dimensional 
flows a r e  computed and t h e  r e s u l t s  a r e  compared wi th  those of o t h e r  i nve r se  
methods. One advantage of the  present  method is  t h a t  the  c a l c u l a t i o n  of the  
i n v i s c i d  v e l o c i t i e s  may be determined a t  each marching s t e p  without having t o  
i t e r a t e .  
The inve r se  method was incorporated wi th  the  d i r e c t  method t o  c a l c u l a t e  t h e  
incompressible ,  con ica l  flow over a s l ende r  d e l t a  wing a t  incidence. The l o c a t i o n  
of t he  secondary sepa ra t ion  l i n e  on t h e  leeward su r f ace  of t he  wing is  determined 
and compared wi th  experiment f o r  a u n i t  aspec t  r a t i o  wing a t  20.5 deg incidence. 
The viscous flow i n  the  separa ted  region was ca l cu la t ed  us ing  prescr ibed  
s k i n - f r i c t i o n  c o e f f i c i e n t s .  
INTRODUCTION 
The flow f i e l d  over s lender ,  h ighly  swept d e l t a  wings at moderate incidence is  
dominated by the  presence of l a r g e  counter - ro ta t ing ,  leading-edge v o r t i c e s  a s  shown 
i n  f i g .  1. A s  the  flow moves spanwise towards the  leading  edge, t he  adverse 
pressure  g rad ien t  caused by the leading-edge v o r t i c e s  causes t he  boundary l a y e r  t o  
s e p a r a t e  along a secondary separa t ion  l i n e ,  i nd ica t ed  i n  f i g .  2. 
A d i r e c t  boundary l a y e r  method (one i n  which the  e x t e r n a l  p re s su re  i s  pre- 
s c r ibed  from an i n v i s c i d  c a l c u l a t i o n  o r  experiment) may be used t o  determine t h e  
l o c a t i o n  of the  secondary separa t ion  l i n e  ( r e f .  1).  However, i n  order  t o  cont inue 
t h e  s o l u t i o n  from t h e  secondary sepa ra t ion  l i n e  t o  the  leading-edge us ing  boundary 
l a y e r  theory,  an inve r se  method (one i n  which the  wa l l  shear  o r  displacement thick-  
nes s  is s p e c i f i e d )  must be employed. 
Inve r se  methods have been used by numerous au thors  s i n c e  the  e a r l y  work of 
C a t h e r a l l  and Mangler ( r e f .  2). C a t h e r a l l  and Mangler used a p re sc r ibed  displace-  
ment th ickness  d i s t r i b u t i o n  t o  d r ive  a boundary l a y e r  method i n  which the  e x t e r n a l  
p re s su re  was determined a s  pa r t  of t h e  so lu t ion .  I n  t h i s  manner, they were a b l e  t o  
ob ta in  a r egu la r  s o l u t i o n  a t  separa t ion ,  However, t h e i r  numerical scheme 
developed i n s t a b i l i t i e s  i n  the  reversed flow region and the  i n t e g r a t i o n  was con- 
t inued  only by reducing the  convergence c r i t e r i a  a t  each marching s t ep ,  This 
problem of reversed-flow v e l o c i t y  p r o f i l e s  l e d  d i r e c t l y  t o  the FLARE approximation 
of Reyhner and Plugge-Lotz ( r e f ,  3 ) ,  I n  the  F L m  approximation t h e  streamwise 
by NASA Langley Cooperative agreement NCCI-22. 
f s set equal t o  zero in the reversed flow region and the 
calculations proceed with the usual forward marching procedure, 
For  two-dimensional flows, Klineberg and Steger (ref, 4 1 ,  Carter (ref, 5) and 
Cebeci et ale ( ref ,  6 )  have developed globally iterative schemes for flows with 
separation and reattachment, In those methods either the wall shear or displace- 
ment thickness is specified and the pressure is obtained iteratively using succes- 
sive-under-relaxation schemes, Semi-inverse methods have been developed for inter- 
acting an inverse boundary layer method with an inviscid solution by Le Balleur 
(ref. 7), Carter (ref. 8), Kwon and Pletcher (ref. 9) and Veldman (ref. 10) among 
others. In these methods, the inviscid calculation proceeds in the direct manner 
with the viscous calculation performed in the inverse mode. Thus, an edge velocity 
is determined in both calculations which must be the same after convergence. 
In three-dimensional flow calculations, several possible combinations of the 
viscous parameters could be used to drive an inverse method (e.g., CFX, CFY or DTX, 
DTY). However, Edwards and Carter (ref. 11) have shown that specifying the three- 
dimensional displacement surface and the component of vorticity normal to the 
surface leads to an elliptic set of equations and departure solutions for forward 
marching schemes. 
In this paper, a new inverse boundary layer method is developed for separated 
flows. The method is non-iterative based on a predictor-corrector linearization 
of the discretized governing equations. For two-dimensional flows, the new method 
is used to compute the test case of Klineberg and Steger (ref. 4) for a specified 
wall shear and that of Carter (ref. 5) for the displacement thickness prescribed. 
The method is also applied to the incompressible, conical, laminar boundary layer 
flow on the leeward surface of a slender delta wing at incidence. The inviscid 
solution for the delta wing is determined using the Free Vortex Sheet (FVS) code 
which was orginally developed at Boeing (ref. 12) and significantly enhanced by 
Luckring and others (refs. 13, 14) at NASA Langley. The viscous solution for the 
delta wing is determined in the direct mode until the secondary separation line is 
encountered (CFY < 0), then the calculations are continued in the inverse mode to 
the leading edge by specifying the skin-friction coefficients to be constant and 
equal to their values at separation (CFX > 0, CFY < 0). The calculations are per- 
formed on a unit aspect ratio wing at 20.5 deg incidence which corresponds to the 
experiment of Hummel (ref. 15). 
ANALYSIS 
Governing Equations 
For steady, incompressible flows, the three-dimensional laminar boundary layer 
equations in non-dimensional Cartesian coordinates are: 
The v e l o c i t y  components u, v, and w are in the x, y, and z-directions, respec- 
tively, where. x is  i n  the streamwise direction, y is spanwise and 2; is mrmL to 
the x-y plane. The Reynolds number has been removed from eqs. (1)-(3) by defining 
- - - - - - 
x = x/c,  y = ;/E, z = ;/c, u = u/llo, v = v/Uo and w = & w/UO. The super- 
- - -  
script bars indicate dimensional quantities and Re = UoL/v. The complete derivation 
of eqs. (1)-(3) is provided in reference 16. The boundary conditions on eqs. 
(1)-(3) are: 
and as z + m :  u + u  e ' v +  v e 
Two-dimensional Flow 
For two-dimensional flow, v = 0 and eqs. (1) and (3) are transformed by 
defining , 
along with a stream function, $, where 
Define a parameter f, such that 
Using eqs. (5) and ( 7 )  in eq. (6) yields, 
with eqs, (5)-(81, eq, (2) may be written a92 
du X e 
where m.-=-------- 
u dX 
e 
The boundary condi t ions  f o r  eq. ( 9 )  a r e  
Conical Flow Over De l t a  Wings 
For the  d e l t a  wing a body-oriented coord ina te  system i s  defined through t h e  
t ransformat ion ,  
where A i s  the  sweep angle of t he  d e l t a  wing. Define transformed v e l o c i t y  com- 
ponents by, 
Using eqs. (12) and (13) i n  eq. (1)  i t  becomes, 
Next de f ine  two stream f u n c t i n s ,  and 4 a s  
and a boundary l a y e r  v a r i a b l e ,  n, by 
I n t r o d u c e  t w o  f u n c t i o n s  f ( X , Y , q )  and g ( X , Y , q )  w h e r e ,  
For conical  i n v i s c i d  flow, f l u i d  properties do not vary along rays; therefore,  
for  any flow parameter, H, aH/aX = 0. Then aslng eqs. (121, (16) and (17) in eq* 
(15 ) ,  the fol lowing are obtained: 
Equation (18)  may be written as the vector equation, 
where h = [:] and (20)  
With eqs. (12)-(20) ,  eqs. ( 2 )  and (3 )  may be combined and written a s ,  
where a = 1.5f  + Bg (22) 
Bu(FG-1) 
and I " =  
(FG-1) + B, (G~-1  
The boundary conditions for eqs. ( 1 9 )  and (21)  are: 
Equations (19) and ( 2 1 )  may be solved i n  t he  d i r e c t  mode, us ing  prescr ibed  i n v i s c i d  
v e l o c i t i e s ,  t o  c a l c u l a t e  viscous p rope r t i e s  such a s  s k i n - f r i c t i o n  c o e f f i c i e n t s  and 
i n t e g r a l  thicknesses ,  However, In  t he  inverse  mode, t he  Inv i sc id  v e l o c i t i e s  are 
unknown funct ions  and must therefore  be ellolfnated from the  left-hand s i d e  of eq, 
( 2 1 ) .  This i s  accomplished through the a d d i t i o n a l  t ransformat ion ,  
Using eq. (25) i n  eq. (21) ,  t he  l a t t e r  becomes, 
1 
where now, BU = - - 1 dVe B v =  -- 
'e dy*' 'e dy* 
Numerical Procedure 
The governing equat ions  a r e  d i f fe renced  using t h e  ha l f - imp l i c i t  f i n i t e -  
d i f f e r e n c e  scheme of Matsuno ( r e f .  17). The scheme is  second-order accura te  and 
uncondi t iona l ly  s t a b l e ,  and was demonstrated by Woodson and DeJarne t te  ( r e f .  18) t o  
y i e l d  accu ra t e  numerical r e s u l t s  when compared t o  t h e  exact  s o l u t i o n  of the three-  
d imens ionalboundarylayer  equat ions f o r  parabol ic  flow over a  moving f l a t  p l a t e .  
For f u l l y  three-dimensional problems the  scheme has the  advantage t h a t  t he  
crossf low de r iva t ive  formulas a r e  formed independent of the  d i r e c t i o n  of the cross- 
flow. Fu r the r ,  the  scheme is  non- i te ra t ive  based on a  pred ic tor -cor rec tor  l i nea r -  
i z a t i o n ,  a convenient f e a t u r e  f o r  inverse  boundary l a y e r  methods. For any flow 
parameter,  H, the no ta t ion  Hj9k = H(Y:,~ ) is used where, 
J k  
Y* = Y! + AY* , j = 1,2,...,JMAX j + l  J 
n il 
k+l " k + Ail , k = 1,2,.0.,KMAX 
Cent ra l  d i f f e r ence  opera tors  a r e  def ined by: 
2 dnHjpk = (Hj 9k+1 - 2Hjpk i nj ,k- l ) /An 2 
and a backward difference operator for the predictor stage by, 
With the operators defined above, eqs. ( 1 9 )  and (26)  become at the predictor stage, 
respectively, 
at the corrector stage they are, 
Equations (34)- (37)  may be written in the block tridiagonal matrix form, 
where ak and Bk are 2x2 coefficient matrices and Dk is a vector, Equations (38) 
are linear tridiagonal nzatrix equations and may be solved using a block form of the 
Davis modified tridlagonal alogriehm (ref, P9), 
Inverse  Method 
The term Dk i n  eq, (38b) conta ins  terms with both 8, and Bv as coefficients, 
However, i n  the  inverse  mode these  parameters a r e  unknowns which must be determined 
from the  so lu t ion ,  Taking advantage of the f a c t  t h a t  eq, (38) i s  l i n e a r ,  one may 
w r i t e ,  
where t h e  ~ ~ ~ k ~ ~ o w n s  Bu and Bv a r e  given by eq. (27).  The boundary condit ions 
a s s o c i a t e d  wi th  eq. (39) a r e :  
a t  s o ,  i = 0 9 1 9 2  
( 4 0 )  
(0 )  ( i )  
and a t  = n e  : HKMAX = 1 , HKMAX = 0 , i = 1,2 
Carrying out  the opera t ions  of eqs. (29)-(33),  one may equate  l i k e  powers of Bu and 
B v  t o  o b t a i n  
This system of equat ions may be solved t o  obta in  h i i )  and H P )  f o r  i = 0,1,2. The 
parameters Ue and Ve a r e  then determined from e i t h e r  t he  s p e c i f i e d  wal l  shear  
s t r e s s e s  o r  i n t e g r a l  th icknesses .  A streamwise i n t e g r a l  th ickness  is  defined by, 
Using eqs. (16 )  and (18a) i n  eq, ( 4 2 )  and i n t e g r a t i n g  g ives ,  
BTX = - 
- x " ne  f(ne) 
X 
I n  a s i m i l a r  mnner ,  
" * 
DTY = - 
- 
x = ne - g(ne)  
X 
wi th  eq. (39c) ,  eq. (43)  may be w r i t t e n  a s ,  
Equations (44a) and (44b) a r e  solved t o  ob ta in  Bu and B ~ .  NOW, r e tu rn ing  t o  
eq. (27) and tak ing  second-order d i f f e r ences  about t h e  po in t  j+1/2, 
Then i t  fol lows t h a t  
Next, consider  i f  t he  wal l  shear  were perscr ibed.  The su r f ace  s k i n - f r i c t i o n  
c o e f f i c i e n t s  a r e  def ined by 
Using eq. (5)  i n  eq. (46)  one ob ta ins ,  
CPX = 
Using second-order accurate difference expressions for the derivatives in eq, (47) 
yields, 
18F2 - 9F3 + 2F4 
CFX = 3An (48a) 
18G2 - 9G3 + 2G4 
CFY = 
3An (48b) 
Substituting eq. (39b) into eq. (48) gives two equations for the two unknowns, BU 
and B v .  An advantage of the present method over some earlier methods (refs. 4-6) 
is that the solution for BU and Bv is obtained without column iteration, as opposed 
to using an under-relaxation scheme. For regions of reversed flow the FLARE 
approximation is made at the predictor stage, 
while at the corrector stage, 
Equation (49) insures diagonal dominance of the Davis modified algorithm in the 
reversed flow region, Note that eq. (49) reduces the accuracy of the finite- 
difference method to first order. Carter (ref. 5) added an artificial "time-like" 
term to the Bk term in eq. (38b) to ensure unconditional diagonal dominance in his 
solution algorithm. For the cases computed thus far, no instabilities were 
encountered in the reversed flow region when evaluating the convective derivatives 
according to eq. (49). 
RESULTS AND DISCUSSION 
Two-dimensional Flow 
Calculations using the inverse boundary layer method are first discussed for 
flow over a circular cylinder, The inviscid solution for flow over a circular 
c y l i n d e r  is given  from potential theory by, 
where 8 is the angle measured with respect to the x axis which defines the cylinder 
( 0  b 6 < n ) ,  The boundary layer was computed in the direct mode until separation 
was encountered at B = 104,5 deg and then the calculations were continued in the 
inverse mode by specifying the skin-friction coefficient to be constant and equal 
to its value one marching step beyond separation (CFX = 0 or slightly negative), 
Let C in eq, ( 8 )  and P in eq, (9 )  he written as, 
with corresponding boundary conditions, 
(0) (1) 
and at = qe : FKMAX = 1 FKMAX = O 
After substituting eq. (51) into eq. (9), two separate equations result; one for 
the variables with superscript (0) and another for superscript (1). After solving 
these two equations, the valueof m can be calculated by substituting eq. (51) into 
eq. (48a). The values of m can then be used to numerically calculate ue at each 
marching station. The resulting edge velocity is shown in fig. 3. The edge 
velocity from the inverse calculation departs tangentially from the potential flow 
curve at the separation point and 8 = IT is no longer a stagnation point. The 
inverse method could be used to calculate the edge velocity over the entire 
cylinder provided the wall shear or displacement thickness distribution is known. 
Klineberg and Steger (ref. 4) constructed a test case for a flow with separa- 
tion and reattachment by prescribing the skin-friction distribution as, 
,664 CFX = -(X-2)(X-6) = 12 T l  X < 2 ,  X > 6  
(53) 
where is a given parameter. The resulting pressure gradient parameter, m, for 
& = 0.225 was calculated and is compared to that which was determined by Klineberg 
and Steger in fig, 4, Klineberg and Steger required between 400 to 800 iterations 
using a point successive-under-relaxation scheme for the cabcubation of m while the 
present results were obtained with one downstream pass, The eorresponding displace- 
ment thickness and edge velocity for this case are given in fig, 5, and velocity 
profiles at three marching stations are shown in fig, 6, It was found that for 
attached flow t h e  profile for FLI) was primarily positive, while for separated flow 
the majority of the Fh" profiles were negative. 
A second test case is that of Carter (ref, 5) in which the displacement thick- 
ness is perscribed according to the relation, 
where X0 = 1.065, X1 = 1.35, X2 = 1.884 and the values of the a's are determined 
such that at X = Xo the value and slope of the displacement thickness match the 
Blasius flat plate distribution, and at X = Xi, DTX reaches a maximum value. The 
case identified by Carter as Case B has a maximum displacement thickness of 8.6 and 
its distribution is presented in fig. 7a along with the resulting skin-friction 
distribution in fig. 7b. The calculated value of m for this case is compared with 
Carter's results in fig. 8a. Carter also developed an "approximate forward march- 
ing" technique in addition to his globally iterative method, which employs the 
FLARE approximaton. Both of his methods, however, used an under-relaxation scheme 
for the calculation of m. For the grid indicated in fig. 8, Carter's globally 
iterative scheme converged in 130 iterations and his forward marching procedure 
required an average of 41 column iterations at each marching step, The present 
method required only one downstream pass, The edge velocity is presented in fig. 
8b. 
This test case has a more extensive separated flow region than the Klineberg 
and Steger case with the approach to separation and reattachment much steeper. 
Note that m reaches a relative minimum just prior to separation and reattachment 
which satisfies Meksyn's criterion (ref. 20) for a regular solution. Velocity 
profiles at two x-locations are given in fig, 9. At the point X = 1,393, nearly 
half of the profile is in the reversed flow region, however, the magnitude of the 
reversed flow velocity is small compared to the edge value. For this test case, 
the maximum negative value of u is about one-tenth of ue. 
Conical Flow Over Delta Wings 
The inviscid solution for the Hummel delta wing at 20.5 deg incidence was 
determined using the Free Vortex Sheet (FVS) theory (refs. 12-14), The FVS code 
solves the linearized Prandtl-Glauret equation for potential flow. It represents 
the wing, wake, and rolled-up vortex sheets by continuous quadratic doublet sheet 
distributions and the vortex core by a line distribution of vortices, Detailed 
pressure distributions as well as overall forces and moments are predictd by the 
FVS code; however, no effort is made to model the secondary vortices in she 
inviscid calculation, 
The viscous ca lcu la t ions  were begun i n  the d i rec t  mode beginning at the 
reattachment line (which was found to be located along t h e  wing centerline for this 
case) and marched spanwise until the secondary separation line was encountered, 
The secondary sepa ra t ion  l i n e  i s  assuned t o  be the Line along which GFY f i r s t  goes 
through zero, The s o l u t i o n  was then continued i n  t h e  inve r se  mode by spec i fy ing  
t h e  s k i n - f r i c t i o n  c o e f f i c i e n t s  t o  be cons tan t  and equal  t o  t h e i r  values at segara- 
t i o n  (CFY G 0 but  CFX > O ) ,  The spanwise d i s t r i b u t i o n  of t he  sk in - f r i c t i on  coe f f i -  
c i e n t s  is  presented i n  f i g .  10a with corresponding i n t e g r a l  th icknesses  i n  lob,  The 
secondary sepa ra t ion  l i n e  was ca l cu la t ed  t o  be along Y = 0,78, Humel ( r e f ,  15) 
observed from o i l  flow s t u d i e s  a  secondary sepa ra t ion  l i n e  along Y = 0.67. A 
discrepancy between the  ca l cu la t ed  and observed secondary sepa ra t ion  l i n e  was 
expected,  s i n c e  the  i n v i s c i d  s o l u t i o n  ignores  completely t h e  in f luence  of the  
secondary v o r t i c e s ,  Reference 1 showed t h a t  t h e  secondary sepa ra t ion  l i n e  could be 
c a l c u l a t e d  a c c u r a t e l y  with the d i r e c t  boundary l a y e r  method when experimental 
p re s su re  d a t a  were used, The momentum i n t e g r a l  th icknesses  and shape f a c t o r s  a r e  
shown i n  f i g .  11, Both shape f a c t o r s  i nc rease  sharp ly  i n  t h e  v i c i n i t y  of the  
secondary sepa ra t ion  l i n e  with the  spanwise shape f a c t o r  remaining nea r ly  cons tan t  
a f te rwards  while  t he  streamwise shape f a c t o r  decreases  con t inua l ly  toward the  
l ead ing  edge. Veloc i ty  p r o f i l e s  at t h r e e  spanwise s t a t i o n s  a r e  presented i n  f i g .  
12. Both p r o f i l e s  i n d i c a t e  t he  spanwise thickening of t he  boundary l a y e r  and the  G 
p r o f i l e s  beyond the  secondary sepa ra t ion  l i n e  show a small  reg ion  of reversed flow 
nea r  t he  sur face .  The i n v i s c i d  v e l o c i t i e s  determined from t h e  FVS code and those  
c a l c u l a t e d  wi th  the  inve r se  method a r e  presented i n  f i g .  13. A s  expected, t he  
g r a d i e n t s  i n  t he  i n v i s c i d  v e l o c i t i e s  ca l cu la t ed  from the  inve r se  boundary l a y e r  
method a r e  much l e s s  s t e e p  than those of the  i n v i s c i d  s o l u t i o n  ca l cu la t ed  neglect-  
i n g  the  boundary layer .  
Research is i n  progress  t o  i n t e r a c t  t h e  boundary l a y e r  s o l u t i o n  wi th  the 
i n v i s c i d  so lu t ion .  Reference 21 used a  three-dimensional i n t e g r a l  t u rbu len t  
boundary l a y e r  method t o  so lve  t h e  flow f i e l d  over a  d e l t a  wing a t  incidence. The 
v iscous  and i n v i s c i d  so lu t ions  were coupled and t h e  r e s u l t i n g  pressure  d i s t r i b u t i o n  
showed some improvement over t h e  i n v i s c i d  r e s u l t s  near  secondary separa t ion .  
CONCLUDING REMARKS 
A three-dimensional,  d i r e c t  boundary l a y e r  method was extended t o  t he  inve r se  
mode f o r  separa ted  flows. It is a predic tor -cor rec tor  f i n i t e - d i f f e r e n c e  method i n  
which the  FLARE: approximation i s  made t o  t he  streamwise momentum term i n  the  
p r e d i t o r  s t a g e  but a  f i n i t e - d i f f e r e n c e  quo t i en t  i s  used f o r  t h e  c o r r e c t o r  s tage.  
This  method al lows the  i n v i s c i d  v e l o c i t y  t o  be ca l cu la t ed  without  i t e r a t i o n s  by 
marching i n t o  the  separa ted  flow region us ing  prescr ibed  s k i n - f r i c t i o n  c o e f f i c i e n t s  
o r  i n t e g r a l  thicknesses .  
Two-dimensional t e s t  cases f o r  laminar s epa ra t ion  wi th  prescr ibed  s k i n  f r i c t i o n  
o r  displacement th ickness  were found t o  compare we l l  wi th  o the r  methods, Solu t ions  
were a l s o  obtained using the  d i r e c t  and inve r se  modes f o r  con ica l  i n v i s c i d  flow over 
a  d e l t a  wing a t  incidence. The d i r e c t  mode was used t o  t he  secondary sepa ra t ion  
l i n e  and then the  inve r se  mode continued the  s o l u t i o n  i n t o  t h e  separa ted  flow region 
wi th  both s k i n - f r i c t i o n  c o e f f i c i e n t s  maintained a t  t h e i r  va lues  a t  secondary 
sepa ra t ion ,  Fur ther  s tud ie s  a r e  needed f o r  the  inve r se  mode i n  f u l l y  three-  
dimensional flows and i n t e r a c t i n g  the  boundary l a y e r  s o l u t i o n  wi th  the  i n v i s c i d  
s o l u t i o n ,  
CFX , CFY 
Dk 
DTX , DTY 
f ,g 
F ,G 
H,h 
HX , HY 
JMAX 
KMAX 
- 
L 
m 
MTX , MTY 
Re 
Rex 
u,v,w 
S'lirnOLS 
coefficient matrices in eq, (38) 
skin-friction coefficients defined by eq. ( 4 6 )  
vector in eq. (38)  
functions defined by eq. (17) 
velocity ratios given by eq. (18) 
vectors defined by eq. (20) 
number of mesh points in spanwise direction 
number of mesh points across the boundary layer 
reference length, m 
parameter defined by eq. (10) 
momentum integral thicknesses 
--- 
frees tream Reynolds number, U,L/V 
local Reynolds number, (UeX)Re 
non-dimensional velocity components in x, y, and z directions, 
respectively 
transformed velocity components given by eq . ( 13) 
freestream velocity, m/s 
non-dimensional Cartesian coordinates streamwise, spanwise, and normal 
to the wing surface, respectively 
transformed coordinates given by eq. ( 12) 
transformed spanwise coordinate given by eq, (25) 
parameter i n  eq, ( 5 3 )  
r parameter def ined  by eq. (23) 
6 c e n t r a l  d i f f e r e n c e  opera tors  given by eqs. (31) ,  (32) 
- 
-* U - 
6~ 0 Jw (1 - r ) d ~  
u e 
A c e n t r a l  d i f f e r e n c e  opera tors  def ined  by eqs. (29) ,  (30) 
V backward d i f f e r e n c e  opera tor  def ined  by eq. (33) 
rl t ransformed normal coordinate  def ined by eqs. (51, (16)  
8 ang le  of r o t a t i o n  f o r  c i r c u l a r  cy l inde r  
A sweep angle  of the  d e l t a  wing 
- 
v kinematic  v i s c o s i t y  c o e f f i c i e n t  , m 2 / s  
0 parameter def ined  by eq. (22) 
'# 9 4  stream func t ions  given by eqs. (7), (15)  
Subsc r ip t s  
e edge va lue  
j ,k mesh poin t  l o c a t i o n s  given by eq. (28)  
v v iscous  c a l c u l a t i o n  
W wall 
Barred parameters a r e  dimensional q u a n t i t i e s .  
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Abstract  
An experimental i n v e s t i g a t i o n  o f  vor tex  breakdown on d e l t a  wings a t  h igh  angles 
i s  presented. Thin d e l t a  wings having sweep angles o f  70, 75, 80 and 85 degrees are 
being studied. Smoke f l o w  v i s u a l i z a t i o n  and the  l a s e r  l i g h t  sheet technique are 
being used t o  ob ta in  cross-sect ional  views o f  t h e  leading-edge v o r t i c e s  as they 
break down. At low tunnel speeds -(as low as 3 mls) d e t a i l s  o f  t he  f low, which are 
usua l l y  _ impercept ib le or  b l u r r e d  a t  h igher speeds, can be c l e a r l y  seen. A 
combinat ion o f  l a t e r a l  and l o n g i t u d i n a l  cross-sect ional  views provides i n fo rmat ion  
on the  three-dimensional na ture  o f  t h e  vor tex  s t r u c t u r e  before, du r ing  and a f t e r  
breakdown. Whereas d e t a i l s  o f  t h e  f l o w  are i d e n t i f i e d  i n  s t i l l  photographs, the  
dynamic c h a r a c t e r i s t i c s  o f  t h e  breakdown process have been recorded us ing high-speed 
movies. V e l o c i t y  measurements have been obtained using a  1  aser Doppler anemometer 
w i t h  the  70 degree d e l t a  wing a t  30 degrees angle o f  attack. The measurements show 
t h a t  when breakdown occurs t h e  core f l o w  t ransforms f rom a j e t - l i k e  f l o w  t o  a  wake- 
l i k e  f low.  
In t roduc t ion  
The f l o w  s t r u c t u r e  on t h e  upper  s i d e  o f  a  d e l t a  w i n g  a t  a n g l e  o f  a t t a c k  i s  
extremely complex. A t  moderate angles o f  a t tack  t h e  leeward f l o w  f i e l d  i s  dominated 
by  h i g h l y  o r g a n i z e d  v o r t i c a l  f l o w s  emanat ing  f r o m  t h e  w ing  l e a d i n g  edge. The 
v o r t i c i t y  shed from the lead ing edge r o l l s  up i n t o  a  p a i r  o f  p r imary  v o r t i c e s  which 
can create  secondary v o r t i c e s  as i l l u s t r a t e d  i n  F igure 1. 
One o f  t h e  most i n t e r e s t i n g  phenomena associated w i t h  lead ing edge vo r t i ces  i s  
t h e i r  breakdown. The breakdown o r  burst ing,  as i t  i s  commonly cal led,  r e f e r s  t o  a  
sudden and r a t h e r  dramatic s t r u c t u r a l  change which u s u a l l y  r e s u l t s  i n  the  tu rbu len t  
d i s s i p a t i o n  o f  t h e  vo r tex .  V o r t e x  b u r s t i n g  i s  c h a r a c t e r i z e d  b y  a  sudden 
d e c e l e r a t i o n  o f  t h e  a x i a l  f l o w  i n  t h e  v o r t e x  core,  t h e  f o r m a t i o n  o f  a  s m a l l  
r e c i r c u l a t o r y  f l o w  reg ion ,  a  decrease i n  t h e  c i r c u m f e r e n t i a l  v e l o c i t y  and an 
increase i n  t h e  s i ze  o f  t he  vortex. 
* This research i s  being supported by NASA Ames Research Center under NASA Grant 
NAG-2-258 and t h e  U n i v e r s i t y  o f  N o t r e  Dame. The a u t h o r s  w i s h  t o  express  t h e i r  
apprec ia t ion  t o  Dr. Lewis B. S c h i f f  of NASA Ames Research Center f o r  h i s  comments 
and suggestions dur ing the  course o f  t h i s  study. The authors a l so  wish t o  express 
t h e i r  g r a t i t u d e  t o  D r .  T e r r y  Ng o f  t h e  Department  o f  Aerospace and Mechanical  
Engineering of t he  Unlversl ' ty o f  Notre Dame f o r  p rov id ing  l a s e r  Doppler anemometry 
measurements lnc luded in th4s paper as w e l l  as h i s  comments on the interpretation of 
the flew v i s u a l i z a t i o n  data, 
The breakdown o f  leading-edge v o r t i c e s  has been under study s ince the l a t e  
1 9 5 0 3  when research and design work on d e l t a  wing a i r c r a f t  were i n i t i a t e d ,  
I n Q r e s t  i n  t h e  phenomenon has i n t e n s i f i e d  i n  recen t  years as concepts f o r  h i g h l y  
maneuverable a i  r c r a f t  have been developed, These h i  gh-performance a i  r c r a f t  are 
expected t o  operate r o u t i n e l y  a t  angles o f  a t t a c k  a t  which vor tex breakdown i s  known 
t o  occur. 
Several d i s t i n c t  types o f  vor tex  breakdowns have been i d e n t i f i e d  i n  vor tex  tube 
experiments (Ref. 1); however, the  two most common forms o f  breakdown on wings are 
the bubble and s p i r a l  types. The bubble o r  "axisymmetric" mode o f  vor tex  breakdown 
i s  character ized by a stagnat ion p o i n t  on the  s w i r l  axis,  f o l l owed  by an oval-shaped 
r e c i r c u l a t i o n  bubble. The bubble i s  n e a r l y  symmetric over most o f  i t s  length, bu t  
the r e a r  i s  open and asymmetric (Figure 2). 
The s p i r a l  mode o f  breakdown i s  character ized by a r a p i d  dece lera t ion  o f  the  
core f l o w  fo l l owed  by an abrupt k ink  a t  which p o i n t  t h e  core f l o w  takes the  form o f  
a s p i r a l  which p e r s i s t s  f o r  one o r  two tu rns  before breaking up i n t o  l a r g e  scale 
turbulence (Figure 3a). For leading-edge v o r t i c e s  the  sense o f  t h e  s p i r a l  winding 
has been observed t o  be o p p o s i t e  t o  t h e  d i r e c t i o n  o f  r o t a t i o n  o f  t h e  upstream 
vortex; however, t h e  sense o f  r o t a t i o n  o f  t h e  winding i s  i n  the  same d i r e c t i o n  as 
the  r o t a t i o n  o f  t h e  upstream v-(Figure 3b). 
I n  vor tex  tube experiments i n  which t h e  vor tex  s w i r l  speed can be c o n t r o l l e d  
and va r ied  independently o f  Reynolds number (Ref. l),  t he  s p i r a l  type has been found 
t o  occur a t  low values o f  s w i r l  f o r  a given Reynolds number. As the  s w i r l  speed i s  
increased the  s p i r a l  form can be seen t o  t rans form i n t o  the  bubble form a t  a c e r t a i n  
c r i t i c a l  value o f  s w i r l .  
W h i l e  t h e  bubb le  t y p e  breakdown has been observed on d e l t a  w ings  i n  l o w  
Reynolds number water tunnel s tud ies  (Ref. 2), i t  i s  the  s p i r a l  type which i s  more 
commonly observed i n  wind tunnel studies. 
A wind tunnel smoke f l o w  v i s u a l i z a t i o n  study i s  described herein. Four d e l t a  
wings w i t h  sweep angles o f  70, 75, 80 and 85 degrees were tes ted a t  angles o f  a t tack  
f rom 10 t o  40 degrees. The f r e e s t r e a m  v e l o c i t y  was 3 m/s. A l o w  f r e e s t r e a m  
v e l o c i t y  was chosen because d e t a i l s  o f  t h e  f l o w  can be seen which a re  impercept ib le  
a t  h igher speeds. 
V e l o c i t y  p r o f i l e s  a r e  p resen ted  f o r  t h e  leading-edge v o r t e x  on a 70 degree 
d e l t a  wing a t  30 degrees angle o f  a t tack  and a f reestream v e l o c i t y  o f  9.1 m/s. The 
a x i a l  and s w i r l  v e l o c i t y  components were obtained i n  separate t e s t  runs using a 
s i n g l e  component laser .  Since a frequency s h i f t i n g  u n i t  was n o t  a v a i l a b l e  a t  the 
t ime  o f  t h e  t e s t  o n l y  the  absolute value o f  t h e  v e l o c i t y  was measured. 
Experimental Equipment 
A l l  experiments reported on i n  t h i s  paper were conducted i n  the  U n i v e r s i t y  o f  
N o t r e  Dame's l o w  t u r b u l e n c e ,  subson ic  smoke w i n d  tunne l .  The t u n n e l  i s  o f  t h e  
i n d r a f t  v a r i e t y  and i s  shown i n  F i g u r e  4. Twelve a n t i - t u r b u l e n c e  screens a r e  
l o c a t e d  i n  f r o n t  o f  a 24:l area c o n t r a c t i o n  cone, The combs'nat ion s f  a n t i -  
t u r b u l e n c e  screens and t h e  l a r g e  i n l e t  c o n t r a c t i o n  p r o v i d e s  a u n i f o r m  v e l o c i t y  
profile w i t h  a tarrbulence i n t e n s i t y  o f  l ess  than 0.1% I n  the  tunnel  t e s t  sect ion.  
The t e s t  s e c t i o n  i s  1826imm long w i t h  a 610 x 6 P O m m  square cross section, The t e s t  
sec t ion  was designed w i t h  l a rge  p l a t e  g lass windows i n  t h e  top  and $o"s ssides o f  the 
sec t ion  t o  p rov ide  adequate v iewing area f o r  the  v i s u a l i z a t i o n  studies, Fof lsw ing  
the  t e s t  sect ion,  the f l o w  i s  expanded i n  a d i f f u s e r ,  The tunnel i s  powered by an 
e ight-b laded f a n  and an l l k w  AC i n d u c t i o n  motor loca ted  a t  the end o f  t h e  d i f f u s e r  
sectj on. 
For v i s u a l i z a t i o n ,  smoke was generated by the  f l a s h  vapor iza t ion  o f  deodorized 
kerosene which was a l lowed t o  d r i p  on to  e l e c t r i c a l l y  heated plates. The smoke was 
pushed t h r o u g h  t h e  g e n e r a t o r  and i n t o  t h e  smoke r a k e  b y  a s m a l l  s q u i r r e l  cage 
blower. F igure  5 i s  a sketch o f  t he  smoke generator. The smoke rake cons i s t s  o f  a 
h e a t  exchanger,  f i l t e r  bag and smoke tubes. F o r  t h i s  s tudy,  t h e  smoke was 
in t roduced v i a  a s i n g l e  tube as i l l u s t r a t e d  i n  F igure 6. 
Four t h i n  p l e x i g l a s s  d e l t a  wing models were used i n  t h i s  study. The models 
each had a r o o t  chord o f  406mm and were 6.4mm t h i c k  w i t h  sweep angles o f  70, 75, 
80, and 85 degrees. The l e a d i n g  edge was b e v e l e d  w i t h  a 25 degree angle.  The 
models were s t i n g  mounted t o  a support system t h a t  prov ided very l i t t l e  i n te r fe rence  
t o  t h e  f low.  
To i l l u m i n a t e  the  smoke ent ra ined i n t o  the  leading-edge vo r tex  system a l a s e r  
l i g h t  source was used. During the  course o f  t h i s  s tudy two d i f f e r e n t  l a s e r s  were 
used. A Lexel blodel 95, 8 w a t t  argon i o n  l a s e r  and a Spectra Physics model 164, 4 
w a t t  argon i o n  l a s e r  were used i n  con junc t ion  w i t h  a s p l i t t e r  l ens  having e i t h e r  a 
20 degree o r  60 degree spreading angle. The lens  created a t h i n  l i g h t  sheet which 
passed through the  t e s t  section. The l a s e r  l i g h t  sheet was a l i gned  e i t h e r  normal t o  
the  model sur face o r  p a r a l l e l  t o  t he  vor t i ces .  
Both s t i l l  and high-speed mot ion p i c t u r e  photography were used t o  record  the 
v i sua l  data. A Nikon FM2, 35mm SLR camera and Kodak Tr i -X 400 ASA b lack  and wh i te  
p r i n t  f i l m  were  used f o r  t h e  s t i l l  photographs.  F o r  t h e  h igh-speed mov ies  a 
Mi1 l i k e n  DBM-5, 16mm mot ion p i c t u r e  camera was used. F i l m  frame r a t e s  of 500 frames 
per  second ( s h u t t e r  speed 1/1300 sec) were used w i t h  Eastman 4-X Negative f i l m .  
Several p r e l i m i n a r y  experiments us ing  a s i n g l e  component l a s e r  anemometer have 
been conducted us ing  the  70 degree swept d e l t a  wing. The l a s e r  anemometer system 
consis ted o f  a 4 w a t t  argon i o n  l a s e r  (an ou tput  l e v e l  o f  about 1 w a t t  was obtained 
when operated w i t h  the  514.5mm 1 ine), a 50mm beam s p l i t t e r  and a 500mm f o c a l  length  
lens  as the  t r a n s m i t t i n g  op t ics ,  and a r e c e i v i n g  o p t i c s  i n  an o f f -ax i s ,  forward 
s c a t t e r i n g  conf igura t ion .  Kerosene smoke was used as t h e  s c a t t e r i n g  p a r t i c l e s .  The 
s igna l  was processed by a counter and the data were recorded by a data a c q u i s i t i o n  
system based on a PDP 11/23 minicomputer. 
Experimental Resul ts  
Flow Visual  i z a t i o n  Results 
Smoke f l o w  v i s u a l i z a t i o n  and t h e  l a s e r  sheet technique were used t o  s tudy the  
s t r u c t u r e  of ieading-edge v o r t i c e s  as they  break down, F igure 7 i s  a sketch o f  the  
experimental setup. A t  low f reesweam veloci t ies  (as low as 3 m/s), d e t a i l s  o f  the  
f low can be clearly seen w h k h  are usua l l y  impercept ib le  a t  h i g h e r  speeds, A 
c o m b i n a t i o n  of l a t e r a l  and  l o n g i t u d i n a l  l a s e r  c r o s s - s e c t i o n a l  v i e w s  p r o v i d e s  
information on the three-dimensional nature o f  the vortex structure before, during 
and a f t e r  breakdown, Close-up h igh-speed  motion picture photography provides 
detai ls  of the dynam-r"~ charac-terl"r;dfcs of the breakdown precess, An attempt is  made 
to  c lass i fy  the observed breakdown modes using these methods, 
Four thin sharp-edged delta wings with sweep angles of 70, 75, 80 and 85 
degrees were photographed a t  angles of attack of 10, 20, 30 and 40 degrees. Vortex 
breakdown was observed t o  occur above a l l  four wings a t  40 degrees angle of attack. 
Since vortex breakdown i s  the phenomenon of primary in teres t  here, only the resul ts  
a t  40 degrees angle of attack for  each w i n g  will  be presented. 
Early i n  the investigation i t  was discovered tha t  operating a t  re lat ively low 
speeds resulted i n  bet ter  resolution of flow features due to  a reduced level of 
turbulence i n  the t e s t  section and a higher density of smoke. For t h i s  reason a 
freestream velocity of 3 m/s was chosen f o r  a l l  flow visualization tests.  This 
resulted i n  a Reynolds number based on root chord of approximat 0. 
One notable consequence of operating a very low speeds was the tendency of the 
position of the breakdown to  wander on the more highly swept wings. For the 
lowest  sweep wing (70 deg), the  breakdown loca t ions  of the  v o r t i c e s  were 
approximately symmetric and s teady except f o r  a high-frequency longi tudina l  
o s c i l l a t i o n  about some mean posi t ion.  The magnitude of this o s c i l l a t i o n  was 
relat ively small (about 1 cm). On the more highly swept wings the locations of the 
breakdowns became increasingly asymmetric and unsteady i n  the i r  mean 1 ocation. On 
the 85 degree sweep wing the breakdown location of both vortices was observed to  
wander forward and a f t  on the model apparently a t  random. However, i f  the tunnel 
speed was increased (to say 15 m/s) the unsteadiness i n  mean position disappeared 
although the breakdown positions s t i l l  tended t o  be asymmetric. No measurable 
asymmetry could be i d e n t i f i e d  i n  t he  model geometry; however, t h e  accuracy i n  
measurement of yaw angle was approximately 1/2 degree which could account f o r  the 
asymmetric breakdown i f  the model was misaligned by tha t  amount. In w i n d  t u n n  1 % t e s t s  of highly swept d e l t a  wings (75-85 deg) a t  a Reynolds number of 1 x 10 , 
Wentz (Ref. 3) observed tha t  the breakdown location was quite sensit ive to  yaw. A 
misalignment of a s  l i t t l e  a s  0.1 degrees was s u f f i c i e n t  t o  cause asymmetric 
breakdown. The loca t ion  of breakdown a t  15 m/s f o r  the  ings t e s t e d  i s  
presented i n  Figure 8. 
In summary, the wandering of the mean location of breakdown on the 80 and 85 
degree wings occurred only a t  low speeds but t h e  asymmetry in  mean breakdown 
location fo r  those wings occurred a t  both low (3 m/s) and relat ively high (15 m/s) 
speeds. The 1 ow- magnitude, high- frequency oscil  lation of the breakdown location 
occurred for  a l l  wings a t  a l l  speeds tested. 
Figure 9a d e p i c t s  the  geometry of t h e  70 degree wing. Figure 9b i s  a 
photograph of t h i s  model a t  40 degrees angle of attack. A tube of smoke introduced 
upstream of the  cont rac t ion  cone impinges on the  apex of the d e l t a  w i n g  and i s  
entrained into the vortices. W 1000 watt flood lamp placed outside the t e s t  section 
i s  illuminating the vortices through the glass side wall of the t e s t  section. Both 
vortices are  breaking down about 1/3 of the way down the model from the apex. 
Figure 9c is a m u l t i p l e  expasure photograph sf the 98 degree del ta  wing u s i n g  
the laser skeet technfque, Vortex cross sections are i l l u m i n a t e d  by passing the 
laser beam through a cy9indricaI lens which sgll ts  i t  i n t o  a t h i n  sheet or  plane s f  
l ight,  She l i g h t  sheet then cuts across the t e s t  section. In t h j s  ease the sheet -is 
perpendicular  t o  t he  model, The l i g h t  sheet i s  eztpandjng a t  a h a l f  angle  sf 
approximately 19 degrees, 
Note the absence of smoke i n  the core region of the vortices i n  the two most 
forward cross sections of Figure 9c. This lack of smoke can probably be attributed 
to  one or more of the following factors. (1) The smoke i s  introduced only a t  the 
apex of the model, therefore, much of the f lu id  i n  the core region i s  entrained from 
areas which contain no smoke to  begin w i t h .  (2)  Velocities i n  the core can reach 
th ree  t o  f i v e  t imes  the  f rees t ream value which reduces the  dens i ty  of smoke 
entrained in to  the core. (3 )  High rotational veloci t ies  i n  the core tend t o  iispinii 
smoke part ic les  out. 
The f i r s t  reason may be the most s ignif icant  because the diameter of the region 
which is  void of smoke was observed t o  vary depending on where the smoke filament 
impinged on the model. If the filament impinged on the lower surface below the 
apex, the void region was seen t o  increase i n  diameter. Despite the f a c t  t ha t  the 
void may not  correspond t o  t h e  t r u e  diameter  of the  core,  f o r  t h e  sake of 
simplicity, i t  will  be referred to  as the core i n  the remainder of th i s  paper. 
In the forward cross sections of Figure 9c, the presence of a core indicates 
that  the vortex has not yet broken down. In the t h i r d  and following cross sections, 
which are  downstream of the breakdown points, no core regions are  evident and the 
vortices appear turbulent and diffuse, 
Figure 9d i s  a photograph of the  70 degree wing a t  the  same condi t ions  a s  
previously s t a t e d  except t h a t  t he  l a s e r  shee t  has been ro ta ted  90 degrees t o  
i l l umina te  a longi tudina l  c ross  sec t ion  of the  vo r t i ces .  The dark core  region 
maintains an approximately constant diameter until  suddenly expanding just before 
breaking down. Downstream of the breakdown the vortices are rather featureless. 
Figures 10, 11 and 12 present s imilar  views of the 75, 80 and 85 degree wings 
respectively. Note tha t  the breakdown occurs fa r ther  a f t  as the sweep angle i s  
increased. Also note the fine de ta i l s  vis ible  in the photographs of the 85 degree 
delta wing. The high sweep angle resu l t s  i n  lower swirl velocities and therefore 
less  diffusion of the smoke. 
In Figure 12b the spiral  nature of the vortices i s  visually emphasized by the 
appearance of s t r i a t ions  in the smoke. The s t r i a t ions  become vis ible  when the flow 
i s  accelerated around the leading edge and the smoke mixes with entrained flow i n  
the  vortex. In t h i s  photograph the  vortex on the  r i g h t  i s  breaking down a t  
approximately the mid-chord posi tion while the l e f t  vortex does not break down until 
somewhere in the wake. The combination of high sweep and low freestream velocity 
usually resulted in asymmetric vortex breakdown as previously discussed. Which 
vortex would breakdown f i r s t  could not be predicted and was observed t o  change back 
and for th a t  irregular intervals. This was probably the resul t  of small changes in 
the freestream conditions due t o  gusts or  changes in the direction of the wind a t  
the tunnel exi t ,  
In Figure $ 2 ~  i t  i s  possl'ble t o  ac tua l ly  see "r;e roll-up o f  the shear layer 
which forms "&he psrl'mary vor"r;"l"ces and  the development of secondary vorl ical  -7  4 ke 
s t ruc tu res  i n  the shear Sayer, The growth o f  these secondary s t ruc tu res  I s  s i m i l a r  
t o  t h e  e v o S u t i o n  o f  t h e  c l a s s i c  Kel  v i n - H e l  mhoS $;z fnsta l r l "  l i t y .  Gad-el-Hak and 
Blackwelder (Ref, 4) s i m i l a r 9  y observed the  development o f  secondary vertical - l I ke 
s t r u c t u r e s  =in a t o w i n g  t a n k  e x p e r i m e n t  w i t h  a 68 degree d e l t a  wing. I n  t h e i r  
experiments, which were conducted a t  a  Reynolds number o f  13,000 and a l s o  employed 
the  l a s e r  sheet technique, dye i n j e c t e d  near the  l ead ing  edge was observed t o  r o i l -  
up i n t o  r e g i o n s  o f  s t r o n g  c o n c e n t r a t i o n  separa ted  b y  a  v e r y  t h i n  b r a i d  o f  dye. 
These concentrated regions i n  t h e  shear l a y e r  were assumed t o  be d i s c r e t e  vor t ices.  
The f a c t  t h a t  these s t ruc tu res  have been i d e n t i f i e d  i n  bo th  tow tank experiments 
u s i n g  dye i n j e c t i o n  and w i n d  t u n n e l  e x p e r i m e n t s  u s i n g  smoke suggests  t h a t  t h e  
observed s t r u c t u r e s  a r e  i n d e e d  a s s o c i a t e d  w i t h  t h e  f l o w  and a r e  n o t  m e r e l y  a  
consequence o f  t he  v i s u a l i z a t i o n  method. 
I n  F igure  12d i t  i s  t h e  r i g h t  vo r tex  which i s  breaking down. D e t a i l s  i n  t he  
r e c i r c u l a t i o n  zone o r  "bubble" reg ion  are  c l e a r l y  v i s i b l e .  Note t h a t  t h e  v o r t i c e s  
c u r v e  s l i g h t l y  away f r o m  t h e  w i n g  ( "ou t "  o f  t h e  pho tog raph )  and s i n c e  t h e  l a s e r  
shee t  i s  p l a n e r ,  t h e  l a s e r  c r o s s  s e c t i o n  c u t s  a t  an a n g l e  t h r o u g h  t h e  v o r t i c e s .  
T h i s  i s  why the  core region i s  only  v i s i b l e  f o r  a  p o r t i o n  o f  t he  e n t i r e  cross 
s e c t i o n .  The d i r e c t i o n  o f  t h e  s p i r a l  on t h e  r i g h t  s i d e  o f  t h e  l o w e r  v o r t e x  
i nd i ca tes  the  l a s e r  sheet i s  c u t t i n g  across t h e  underside o f  t he  vo r tex  a t  t h a t  
po in t .  
An ex t remely  use fu l  t o o l  i n  the  ana lys is  o f  compl icated f l o w s  i s  the  mot ion  
p i c t u r e  camera. I n  o r d e r  t o  o b t a i n  a  b e t t e r  u n d e r s t a n d i n g  o f  t h e  breakdown 
s t ruc ture ,  a M i l l i k e n  high-speed movie camera was used t o  photograph the  phenomenon 
a t  500 frames per  second. The e f f e c t i v e  shu t te r  speed f o r  a  s i n g l e  frame was 1/1300 
o f  a  second. I n  F i g u r e s  13-16, s i n g l e  f rames  f r o m  t h e  16mm mov ies  have been 
i s o l a t e d  and en1 arged. The photographs are  1  ongi t u d i n a l  and 1  a t e r a l  1  aser sheet 
cross sec t ions  o f  vo r tex  breakdown on the  85 degree d e l t a  wing. Accompanying t h e  
photographs a r e  ske tches  d e p i c t i n g  t h e  s a l i e n t  f e a t u r e s  observed i n  t h e  mov ie  
frames . 
One o f  t he  goals o f  t h i s  study i s  t o  i d e n t i f y  t h e  type o r  types of breakdowns 
which occur on sharp-edged d e l t a  wings a t  these Reynolds numbers; however, a  c e r t a i n  
amount o f  cau t i on  must be exerc ised when i n t e r p r e t i n g  f l o w  v i s u a l i z a t i o n  resu l t s .  
What i s  n o t  seen may be j u s t  as impor tan t  as what i s  seen. The s t i l l  photographs 
described above, together  w i t h  t h e  high-speed mot ion p ic tu res ,  can be i n t e r p r e t e d  i n  
var ious ways. The p a r t i c u l a r  ambigu i ty  which makes a  d e f i n i t e  i d e n t i f i c a t i o n  o f  t he  
breakdown process d i f f i c u l t  i n  t h i s  case i s  t h a t  t h e  smoke i n  these photographs i s  
en t ra ined i n t o  t h e  o u t e r  reg ion  o f  t h e  vor tex  and n o t  i n t o  the  core and i t  i s  t he  
b e h a v i o r  o f  t h e  c o r e  w h i c h  i s  o f  p r i m a r y  i n t e r e s t .  The c o r e  b e h a v i o r  m u s t  be 
i n f e r r e d  b y  observ ing a  reg ion  v o i d  o f  smoke. W i th  t h i s  d i f f i c u l t y  i n  mind two  
poss ib le  breakdown forms w i  11 be described. 
The f i r s t  type o f  breakdown process resembles t h e  bubble fo rm descr ibed i n  
vor tex  tube experiments found i n  the  l i t e r a t u r e .  I n  F igure  13 the  core f l o w  seems 
t o  expand around an o v a l  shaped r e c i r c u l a t i o n  zone. A t  t h e  e x i t  o f  t h i s  
r e c i r c u l a t i o n  zone the  core f l o w  appears t o  shed i n  the  fo rm o f  vor tex  r i n g s  which 
are  then convected downstream. The cross sec t i on  o f  these doughnut shaped vo r tex  
rings appears as a p a i r  o f  holes i n  the smoke, Figure "1 shows a l a t e r a l  cross 
sec t ion  o f  t he  r e c i r c u l a t i o n  zone which i s  surrounded by a r i n g  o f  core f low,  
The breakdown process descr ibed was occas ional  l y  observed t o  change i n t o  what 
might  be i n t e r p r e t e d  as a  s p i r a l  mode, When t h i s  occur red  the  mean location o f  t h e  
breakdown moved downstream and took the  form dep i c ted  i n  F igu re  15, "fe l a rge  
r e c i r c u l a t i o n  none has d i sappeared  and t h e  c o r e  f l o w  now appears t o  c o r k s c r e w  
downstream. I n  t h i s  case the  holes i n  the  f l o w  are assumed t o  be cross sect ions o f  
- the  s p i r a l i n g  care f low,  ! h i s  type o f  r e s u l t  was a l so  obtained i n  wind tunnel  t e s t s  
a t  ONERA us ing the  l a s e r  sheet technique (Ref. 5). I n  t h a t  study "holes" appearing 
i n  the  wake o f  a breakdown were a l so  observed and i n t e r p r e t e d  t o  be cross sect ions 
o f  t h e  s p i r a l i n g  v o r t e x  core. F i g u r e  16  shows a l a t e r a l  c r o s s  s e c t i o n  w h i c h  
appears t o  show a r o t a t i n g  core. A f t e r  a s h o r t  t i m e  t h i s  s p i r a l  mode wou ld  
t ransform back i n t o  t h e  "bubble" fo rm and move upstream. 
Further  experiments are planned t o  v e r i f y  one o r  bo th  o f  the  above desc r ip t i ons  
o f  breakdown modes. I n  p a r t i c u l a r  an a t tempt  w i l l  be made t o  in t roduce smoke i n t o  
the  vor tex core f rom a p o r t  i n  the  sur face o f  t h e  model. 
LDA Measurements 
A l a s e r  anemometer was used t o  measure t h e  a x i a l  and normal  components o f  
v e l o c i t y  through the  vor tex  core o f  the  70 degree d e l t a  wing a t  30 degrees angle o f  
at tack.  
An example o f  these p r e l i m i n a r y  measurements i s  shown i n  Figure 17. Th is  f i g u r e  
shows the  change i n  a x i a l  v e l o c i t y  d i s t r i b u t i o n  before  and a f t e r  vor tex  breakdown. 
Breakdown o f  t he  vor tex  occurred between s t a t i o n s  x/c = 0.47 and x/c = 0.54. The 
a x i a l  v e l o c i t y  ups t ream o f  t h e  v o r t e x  breakdown p o i n t  i s  o v e r  t h r e e  t i m e s  t h e  
f r e e s t r e a m  v e l o c i t y  i n  t h e  v o r t e x  core. However, t h e  wake su rvey  made j u s t  
downstream o f  the  breakdown shows a reg ion o f  v e l o c i t y  d e f i c i t  w i t h  respect  t o  t h e  
surrounding f low.  
The t i m e  r e q u i r e d  f o r  a t r a v e r s e  o f  t h e  v o r t e x  depended on t h e  number o f  
samples acquired a t  each po in t ,  t he  number o f  s c a t t e r i n g  p a r t i c l e s  i n  t h e  f low,  
movement o f  t h e  inst rument  t o  the  next  po in t ,  and the  t o t a l  number o f  p o i n t s  i n  t h e  
t r a v e r s e .  Thus, t h e  LDA r e s u l t s  r e p r e s e n t  a t i m e  a v e r a g e  o f  t h e  f l o w  
c h a r a c t e r i s t i c s  and do n o t  e n t i r e l y  r e f l e c t  t he  complicated nature o f  the  breakdown 
reg ion .  Never the less ,  v a l u a b l e  i n s i g h t  i s  ga ined  f r o m  t h e  average v e l o c i t y  
p r o f i l e s .  
Figure 18 shows the  change i n  s w i r l  v e l o c i t y  a t  var ious pos i t i ons  a long t h e  
wing. Aga in  we see a d r a m a t i c  change i n  s w i r l  v e l o c i t y  a f t e r  breakdown has 
occurred. 
Conclusions 
Smoke f l o w  v i s u a l i z a t i o n  and the  l a s e r  sheet technique have been shown t o  be 
e f f e c t i v e  t o o l s  i n  the  study o f  v o r t i c a l  f l o w  f i e l d s .  The p o s i t i o n  o f  leading-edge 
v o r t i c e s  and t h e  l o c a t i o n  o f  t h e i r  breakdown a t  h i g h  ang les  o f  a t t a c k  can be 
determined. D e t a i l s  o f  the  breakdown process have been studied using s t i l l  and h igh-  
speed motSon p i c t u r e  photography. 
The f a l l o w i n g  observa t ions  were made concerning vor tex  breakdown on d e l t a  wings 
a t  low Reynolds number: 
(1) A t  a given angle o f  a t tack ,  as  the sweep ang le  $ 5  increased, the Icacatisn of 
breakdown moves a f t .  
( 2 )  For a given s e t  o f  condi t ions  the  breakdown loca t ion  o s c i l l a t e d  a t  high 
frequency about a mean position and fo r  highly swept wings (sweep = 80, 85 deg) a t  
Sow speeds the mean position would migrate considerably forward and a f t  on the 
models. 
(3) High- speed motion pictures revealed what appears t o  be two types of breakdown 
on the 85 degree wing, a bubble mode and a spiral  mode. The two modes were seen t o  
transform from one to  the other apparently a t  random w i t h  the bubble form seeming t o  
prefer a more upstream location re la t ive  t o  the spiral  mode. The existence of more 
than one mode of breakdown a s  well a s  t h e i r  behavior w i t h  respec t  t o  preferred 
location is  consistent with observations of vortex breakdown i n  tubes reported in 
the 1 i terature. 
(4) Velocity profiles obtained w i t h  a laser  anemometer showed the development of a jet-l ike core flow which reached three times the freestream velocity before breaking 
down. After the breakdown the velocity profiles became wake-like in nature. 
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Figure 1 7 .  LDA measurements: a x i a l  v e l o c i t y  p r o f i l e s .  
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Figure 18. LBA measurements: Swirl velocity p r o f i l e s .  
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SUMMARY 
The need for experimentally determined 3-D velocity information is crucial to 
the understanding of highly 3-dimensional and vortical flow fields. In addition to 
gaining an understanding of the ~hysics of flow fields, a correlation of velocity data 
is needed for advanced computational modelling. A double pass method for acquiring 3- 
D flow field information using a 2-Dlaser velocimeter (LV)isdescribed.The design and 
implementation of a 3-D LV with expanded capabilities to acquire real-time 3-D 
flow field information are also described.Finally, the use of such an instrument in a 
wind tunnel study of a generic fighter configuration is described., The results of 
the wind tunnel study highlight the complexities of 3-Dflow fields, particularly when 
the vortex behavior is examined over a range of angles of attack. 
INTRODUCTION 
Since its conception by Yeh and Cummins (ref. 1) of Columbia University in 
1964, the laser velocimeter (LV) has proved itself to be a most useful non-intrusive 
flow field velocity measuring instrument. Early versions of the instrument were 
limited to single direction velocity measurements and soon evolved to 2-D with 
reverse flow measurement capability. Yanta, in a recent paper (ref. 2), has 
described the LV's usefulness in the field of wind tunnel testing. Lockheed-Georgia 
Co. started LV research in 1968 and has had a continuing role in instrumentation 
development since then. Examples of the type of flow field measurements that have 
been acquired to date are shown in figures 1 and 2. These 2-D flow field vector 
plots have been the result of substantial efforts in LV research and application and 
have led to a better understanding of the physics of unpowered and powered flow 
fields. 
Recent efforts in the analysis of three-dimensional (3-D) flow fields by the 
technique of computational fluid dynamics (CFD) have driven the need to develop fully 
3-D measurement capabilities. The goal of Lockheed's research has been the 
development of a 3-D instrument for measurements in highly three-dimensional and 
vortical flow fields. 
INTERIM TECHNIQUE 
During the period of 3-D LV development, the need for 3-D flow field information 
became so great that a double-pass, or as to be labeled further, a 2 x 2-D method of 
3-D velocity measurement was developed, This method is comparatively low cost based 
on instrumentation requirements; however, an aetendant two-fold increase in test time 
may make it unsuitable for many wind tunnel tests, 
The use of the 2 x 2-B method is relatively straightforward and involves the use 
of a 2-D LV. Two sets of measurements are made with pre-determined fringe 
orientations with respect to the wind tunnel coordinate system, Orientation of the 
first and second measurement fringe geometries (second set of measurements made later 
in time with respect to the first set) along with tunnel coordinates is shown in 
figure 3. These two sets of measurements result in 2-D velocity information in the 
plane H1 -R1 and H2 -R2 . Note that in this figure the vertical fringes are parallel 
in both measurement orientations (R1 = R2). The desired end result, the on-axis 
velocity component, W, in the z direction, is found by subsequent post-processing of 
the two data sets. 
Method Description 
Data reduction is done off-line and is based on a formulation similar to that of 
3-D hot wire anemometry. This formulation is the heart of the method and is left 
general for the sake of completeness. First, consider direction cosines with respect 
to the tunnel coordinate system and the instantaneous fringe velocities; that is , 
ah , a2, bl, b2, c1, c2, and H1, R1. Conversely the same may be done with respect to t e second set of measurements so that a3, a4, b3, b4, c3, c4 are used as direction 
cosines for the two perpendicular fringe velocities HZ, R2. Finally, based on the 
determined direction cosines, each measured velocity component (HI - R2) may be 
expressed as a combination of the tunnel velocities and direction cosines. This 
results in: 
a 2 U + b 2 V + c 2 W = R 1  (lb) 
a 3 U + b 3 V + c 3 W = H 2  (lc) 
a 4 U + b 4 V + c 4 W = R 2  (Id) 
yielding an overspecified set of equations which may be solved for the instantaneous 
tunnel velocities U, V, and W using an appropriate least-squares optimization of 
simultaneous ly solved equations . 
Now, it is convenient to differentiate between mean and instantaneous 
velocities. This is done by assuming a mean velocity c, and the departure from that 
mean as the velocity u' . Using that premise, equation la becomes: 
- 
al (u+u') + bl (V+vl) + cl (W+w') = (El +hll) (2) 
The same may be performed for R1, H2, and R2, but is not shown here for brevity's 
sake. Further, if equation 2 is squared and then time averaged the end result is: 
-2 -2 -2 
Once again similiar expressions may be derived for rl, h2, and r2. Note that 
equation 3 contains the six principal Reynolds stresses as unknowns. Compiling these 
results yields 4 equations and 3 unknowns in the mean velocities and 4 equations and 
6 Imknowns in the time- averaged fluctuating or turbulence quantities. Clearly the 
experimentalist faces a dilema in solving for the turbulence quantities in the 
flow f i e l d ,  He nray either choose to use only mean velocities or use appropriate 
fringe orientations such that terms drop out. Rowever, if 2-D instrumentation 
capabilities are examined and utilized fully, the measurement of H1, R1 and H 2 ,  R2 
may be made such that the fluctuating cross products hfrl and h2r2 are formed. This 
requirement of coincidence is needed to close the set of equations conkaining the six 
Reynolds stresses, Then, proceeding as before the expression for h l r l  becomes: 
- 
Similarly, an expression for h2r2 may be written. These two equations are then 
combined with the four previously derived equations, yielding 6 linear equations and 
6 unknowns, all of which may be solved easily using a matrix inversion routine. The 
end result of this scheme is full 3-D flow field information to the first statistical 
moment. 
2 x 2-D Method Usage 
Usage of the method should be based upon data requirements and with these needs 
defined, fringe-tunnel geometries must be chosen with some discretion. If those 
details are ignored, matrix singularities may occur making the desired quantities 
unresolvable. Therefore, a prior knowledge of matrix behavior is desirable since 
some quantities, such as u w  and 9,  may require pitch and roll in addition to yawing 
of the fringe systems with respect to the tunnel coordinates, 
Errors in the method not only reflect uncertainties in the LV electronics but 
also in fringe angles and repositioning. A s  n~ted in figure 3, the redundancy in the 
V component (R = R2) is not without purpose. Specifically,-data qality is enhanced 
2 dramatically ih profile matching is done with either V or v . Each of the 
corresponding sets of measurements is interpolated for any spatial offsets and their 
differences in position are averaged. Further, uncertainties also arise from 
inaccuracies in determining fringe angles with respect to the tunnel coordinate 
system. Reduction of these uncertainties is discussed fully by Orloff and Snyder 
(ref. 3)  and the same principles were employed in the present work. Also as in their 
work, adoption of a rotating calibration device aided in reducing errors considerably 
during implementation of the 2 x 2-D method. 
Wind Tunnel Tests Using 2 x 2-9 Method 
The usefulness of this technique is illustrated in two experiments where 3-D LV 
information was provided through the 2 x 2-D methodology. The first experiment was 
designed to provide correlation data for 3-D boundary layer code development using 
advanced turbulence model ling. The wind tunnel model used was a low-aspect-ratio, 
highly swept fighter type wing on which upper and lower surface velocity measurements 
were made. Shown in figure 4 are the boundary layer profiles for both the chordwise 
and spanwise velocity components at 60% span on the lower surface. Shown in figure 5 
is a contour map, in the survey region on the lower surface, of the dimensionless 
turbulence anisotropy parameter T. For - isotropic - flow, the value of T, as 
constructed from mean flow gradients and uv and vw shear stresses, tends to 0.5. 
Physically, it reflects the relative rate at which the chordwise and spanwise 
velocity gradients develop, Values of T tending towards zero represent turbulence 
that is predominantly strained in W or the spanwise direction and for values greater 
than one, straining is dominant in the chordwise direction, 
A second experiment specifically designed to aid development of a coupled 3-42 
boundary layer and Euler code was successfully carried out using the 2 x 2-D method. 
In this experiment the wind tunnel model consisted of an aft-fuselage, representative 
of that for a modern transport aircraft. LV velocity surveys were conducted in both 
the open separation region and the near wake. Figure 6a shows the mean crossflow 
velocity profiles at a particular cross section station on the model and depicts the 
experimental line of crossflow reversal. Further, the presence of the trailing 
vortex can be seen in the streamwise velocity contours, as can be the fuselage and 
wing wakes, figure 6b. 
The merits of the 2 x 2-D method are demonstrated in the types of data that 
become available with its employment in wind tunnel testing. However, due to 
inaccuracies and the time requirements involved with its use, a fully 3-D instrument 
would eclipse its usefulness in a typical production basis. 
3-D LV DEVELOPMENT 
Instrument Definition 
At the conceptual stage of the 3-D LV development program substantial goundwork 
was laid with electronics/signal requirements. Previous 2-D experience showed that a 
simple one channel expansion to the current design would provide excellent signal 
handling capabilities. Therefore, the electronics used was based upon the single 
cycle validation circuitry and dual counter approach used previously on the 2-D 
instrument. From a design standpoint, important electronics/signal processing 
constraints were firmly established in the prior use of the 2-D burst-type detector 
electronics. This was the foundation for the 3-D LV development. 
Velocity range and resolution are probably the most important of all 
constraints; however, optical system geometry, which defines accessibility to the 
flow field,is also a consideration from the practical standpoint. In addition to mean 
velocity measurement, turbulence intensities and other higher statistical moments 
about the mean are also needed. Additionally, in the realm of unsteady aerodynamics, 
temporal data may be required, either as conditionally sampled data or as spectral 
information about the flow field in question. Lastly, the 3-D instrument must be 
usable on a production testing basis. This includes stable alignment and substantial 
data rates that are comparable with existing 2-D instrumentation. 
Optical System Choices 
For wind tunnel testing purposes the logical choice for a light source is the 
Argon-Ion laser. This laser commonly used for wind tunnel testing has principal 
emission lines at wavelengths of 488.0 nm (blue) and 514.5 nm (green), each of which 
contains approximately 30% of the total power output. Additional emission lines 
located at 476.5 nm (deep blue) and 496.5 nm (blue-green) contain 10% each of the 
total power. Thus, the developer is given the choice of 4 emission lines to utilize, 
typically only two (488.0 and 514.5 nm.) or three (488.0,514.5 and 476.5 nm.) of 
which are used for three-component velocity measurements. Regardless of wavelength, 
the on-axis velocity component must be measured with a separate set of fringes or 
indirectly through a non-orthogonal technique. 
En addition to wavelength selection and fringe orthogonality or non- 
orthogonality, a choice between frequency domain or velocity domain processing of the 
Doppler signal may be of particular advantage for W component extraction. The 
choices to be considered are presented in figure 7 and are based upon known 
techniques in arriving at the much sought after third component, Relative merits of 
each configuration must be weighed with respect to the t ype  of use the instrument 
will see, and an indepth study of each is warranted, 
Optical Selection and Design 
The construction of the existing wind tunnels at the Lockheed-Georgia Company 
and the lack of windows in the floors and ceilings make orthogonal fringe orientation 
impracticable. Further, previous experience has shown that a 3-D orthogonal system 
would almost always have a set of laser beams oriented perpendicular to the model's 
surface. This would represent serious glare problems and would render the system 
unusable in near-wall measurements. For these reasons the orthogonal fringe systems 
were removed from the selection process. As seen in figure 7, the remaining choices 
are from the non- orthogonal fringe category and are comprised of either a two or a 
three-color optical configuration. However, prior to optical and electronics 
fabrication a comparison of the operational aspects of each of these two types of 
optical configurations, as shown in figure 8, was performed. 
Velocity range and resolution may be easily understood if the concept of 
effective fringes is introduced. As a means of understanding effective fringes, 
consider two non-orthogonal fringe systems propagating at 40 MHz and 60 MHz 
respectively and separated by an angle 2k. This wavefront geometry is shown in 
figure 9 and may either be formed by a single wavelength or by two wavelengths such 
as the two and three-color systems would produce. Analyzing the expected photo- 
multiplier tube (PMT) signals it can be seen that they will contain both a frequency 
component from the carrier (40 and 60 MHz) and one from the velocity of the media 
itself. This is seen clearly if the conventional expression for velocity is applied 
for each separate fringe system such that: 
- 
A ( - 
H1 2 sin $12 'media fshift, fshift = 40 MHz (5 
- 
- 
A ( 'media 
2 sin (312 - 'shift l 2  = 60 Mhz (6 )  
where and 8 are the respective wavelength and beam angles that contribute to 
the formation of the fringes. Note that the first term in equations 5 and 6 
corresponds to the fringe spacing. From the 2 x 2-D method presented earlier it can be 
shown that the transverse, or on-axis velocity component, W, based only on yaw with 
respect to the tunnel coordinate system, is simply: 
- Hz 
I ? =  (7  ) 
2 sin k 
and k is the half angle between the fringe systems, Substituting equations 5 and 4 
into equation 7 yields 
Note that this result, equation 8, bears resemblance to the original fringe spacing 
equations 5 and 6, Therefore, it is possible to think of the first term in equation 
8 as the effective fringe spacing in the transverse direction and the second term as 
the associated frequency corresponding to the fringe crossing in units of inverse 
time. This concept of effective fringes (also shown graphically in figure 9 as the 
dashed lines perpendicular to the on-axis direction) is the backbone of the 3-D LV in 
non-orthogonal fringe systems and is made use of in velocity range and resolution 
comparisons. 
Using this concept of effective fringes, a comparison of frequency and velocity 
domain processing (sometimes called pre- and post-processing) can be made. 
Frequency domain processing is carried out by heterodyning the two PMT signals 
containing the W component such that the U component is essentially removed from the 
signal leaving only that corresponding to W. From a practical standpoint this may be 
achieved by employing double balanced diode mixers. These mixers, also used to 
heterodyne the Bragg cell shift to a manageable range, operate on the basis that the 
local oscillator (LO) side is maintained at a constant amplitude of + 7dBm. The 
reference (RF) side power level may be varied from -20dBm, where typical Doppler 
signals lie, all the way up to OdBm. Noise levels increase when these input 
specifications are not met. So when using the circuits in actual testing, 
significant amplification is needed on the LO input side, as is seen in figure 10, to 
raise the signal to design specification levels. This represents the major drawback 
to frequency domain processing in the non-orthogonal fringe systems. Not apparent 
from figures 9 and 10 is an operational benefit that ensures against the likelihood 
of two particles in separate regions of the measurement volume being seen and 
processed as one particle. The heterodyning of the two signals, such that a W signal 
is formed, also eliminates the possibility of this situation occurring unless they 
enter and leave the fringe systems at the same point in time. 
In comparison with frequency domain processing, velocity domain processing of 
signals eliminates the need for additional filters, amplifiers and mixers in the 
system. Instead of using effective fringes, the individual velocities from the non- 
orthogonal fringes are computed in a traditional 2-D manner and later combined 
discretely sample by sample (three-channel coincidence required during acquisition). 
Typically, higher uncertainties are present at this level of processing since 
uncertainties are additive, and unlike in frequency domain processing, amplitude 
restrictions do not exist. This may in turn help the signal-to-noise ratio (sNR) of 
the instrument in low SNR regions in the flow field. 
Velocity Range and Resolution Determined 
As an aid in comparing the two- and three-color 3-D LV optics configurations, 
an analytical model was developed to determine velocity range and resolution for a 
given set of input parameters. These included laser beam diameter, counter 
resolution and bandwidth, beam angles and fringe angles. Outputs of the model were 
effective fringe spacing, velocity range and resolution as well as frequency 
bandwidth, Using this model for initial comparisons yielded information that led to 
the selection of the most suitable optics configuration f o r  highly three-dimensional 
and vorkical flow fields, 
Examples of the output of this model are shown in figures 11 and 12, Figure 11 
is a plot of separationangle versus effective fringe spacing for several beam pair 
angles, With the existing 2-43 beam pair angles (8) at approximately 3.8 degrees and 
fringe spacings sf 20 urn, it is seen that substantial separation angles are needed 
to give effective fringe spacings of 20 1-1 m to 30 P m Once an effective fringe 
spacing is determined from figure 11 the user can proceed to figure 12 where velocity 
range and resolution are determined. To determine velocity range, the minimum beam 
diameter (DE (mm)) is examined at the operating bandwidth of the electronics and the 
upper velocity limit is noted at this intersection on the horizontal velocity axis. 
Similarly, resolution is obtained for a given bandwidth and effective fringe spacing 
( D ~  (urn)) by noting the intersection of the two curves on the horizontal axis. In 
addition to range and resolution, the bandwidth for a particular velocity range is 
also available through the use of figure 12. This is done simply by noting the angle 
of the focused laser beam pairs ( 8) that applies and using that curve to determine 
the value of frequency bandwidth for a given velocity. 
using these charts to compare 3-D LV optics packages it was possible to 
determine performance prior to fabrication. Based on range and resolution 
requirements, typical of what is needed for vortical flows, the frequency bandwidth 
for the two-color system was found to overlap from one channel to another. To avoid 
this, the resolution became unacceptable, since the effective fringe spacing had to 
be made larger to increase the velocity range. Further complicating the matter, the 
wide fringe spacing also decreases the number of fringes in the measurement volume 
making alignment sensitive and valid data signals unavailable. Contrasting the two- 
color performance, the three-color system separates channels by wavelength (color) 
and not by bandwidth separation, hence, velocity crosstalk is non-existent for this 
optics package. For that reason the three-color system is more suitable since its 
upper velocity limits are dictated by the counter input bandwidth rather than the 
frequency crosstalk bandwidth. Thus, because velocity range and resolution are 
decoupled in the three-color system, resolution needs not be sacrified for range when 
operating in flow fields where the transverse component may vary from zero to more 
than that of the freestream. 
In addition to velocity measurement capabilities, a rather particular advantage 
of the three-color system in frequency domain processing was discovered during 
preliminary studies. Shown in figure 13 are block diagrams of the necessary 
electronics needed to frequency separate and mix signals such that the signal 
contributing to the W effective fringes may be processed. Note that one less signal 
split is needed in the three-color pre-processor, From an operational standpoint 
this gain of 2 in signal strength offsets the lower power levels of the third 
emission line (476.5 nm) from the Argon-Ion laser. 
Based on the comparisons of both performance and operational capabilities, the 
three-color 3-D LV optics configuration was chosen since its merits far outweighed 
those of its two-color counterpart. While a two-color optics package was built its 
use is limited to low-speed flows and flows where the transverse component is small. 
THREE-COLOR 3-D LV DESCRIPTION 
System fabrication and interfacing consisted of updating an existing 2-D system 
to 3-B capability, To accomplish this an additional set of receiving and 
transmitting optics was constructed based on the design used previously in 2-43 EV 
studies, The optics, electronics and positioner are shown in figure 14, Previous 
experience has shown that rotating regions in the flow field may be particle 
deficient, Hence, two 18 watt Argon-Ion lasers, one operating at 476.5 nm and the 
other nrulti-line, were used to boost signal-to-noise ratios in sparsely seeded 
regions in the flow field, The current configuration shown in figure 14 has complete 
flexibility in that both receiving and transmitting optics may be oriented 
arbitrarily with respect to the model and the wind tunnel, Similiar to the setup of 
Yanta (ref* 4 )  is the large included angle between the non-orthogonal fringes. For 
the testing to be detailed later, the aiigle was set at 33 degrees, corresponding to a 
resolution of 0.3 m/sec and an upper velocity limit near 300 m/sec. This flexibility 
in optical design is advantageous since it reduces the number of regions in which the 
laser beams are obscured by either the model or the tunnel structure. Receiving 
optics are purposely separated to take advantage of the Mie scattering qualities that 
exist. In addition to optical wavelength separation between the 488.0 nm. and 476.5 
nm channels, further insurance against optical filter bleed was provided by 
frequency separation with the use of Bragg cells operating at different frequencies. 
Bench tests were conducted prior to production use of the instrument to insure 
system repeatability and accuracy. Resolution was verified experimentally through 
the use of a rotating calibration wheel as described earlier for the 2 x 2-D method. 
These tests were performed for two different fringe angles and compared with theory. 
As predicted, resolution in W behaved as the inverse sine of the angle 2k between the 
non-orthogonal fringes. he bench tests at W=O.O m/ are as 
follows : 
AW Theory 
17.5 deg .769 m/sec (2.5 fps) .738 m/sec (2.4 fps) 
30.0 deg .462 m/sec (1.5 fps) .338 m/sec (1.1 fps) 
In addition to use during checkout, the rotating calibration device proved to be 
invaluable for routine alignment on a day to day basis in determining both fringe 
spacings and angles. With the operational limits established and verified the 
instrument was readied for production type testing. 
3-D LV SURVEYS OF A GENERIC FIGHTER CONFIGURATION 
Testing to date with the instrument has been limited because of its recent 
placement in service. However, this year's testing has included 3-D velocity surveys 
of a generic fighter configuration for the purpose of both CFD model development and 
the understanding of the flow field physics. Shown in figure 15 is the model geornetry 
used for both numerically controlled model fabrication as well as for the CFD grid 
generation. The tip verticals were removed to facilitate LV testing. The geometry 
consists of a leading-edge strake sweep of 77 degreesfollowedby a wingsweep of 56 
degrees. Testing was carried out in the Lockheed-Georgia Low Turbulence Wind Tunnel 
(.05% freestream turbulence) at a freestream velocity of 46 m/sec (150 fps). The 
corresponding Reynolds number based on centerline chord was 1.25 million. Shown in 
figure 16 are the model, tunnel and 3-D LV optics. Surveys were made of mean 
e Y-Z plane of the model at various X locations and sever s of 
ntained approximately 200 points each. 
i n  the freestream reglan of the flow field was approximately 500 valid 
samples per second, whereas near the vortex core, the rate dropped to nearly 20 
samples per second. Using laser sheet lighting for flow visualization purposes, seed 
p a r t i c l e s  near  the  vor tex  core were observed t o  c e n t r i f u g e  outwards r a d i a l l y .  To 
avoid these flow t r ack ing  problems, "ee minera l  o i l  used f o r  flow f i e l d  seeding was 
s i z e  d iscr imina ted  p r i o r  t o  i n j e c t i o n  i n t o  the wind tunnel .  Based on the  r e s u l t s  s f  
Dring and Suo ( r e f ,  5 ) ,  the Stokes flow model showed t h a t  a P micron diameter 
p a r t i c l e  subjec ted  t o  a  r a d i a l  a c c e l e r a t i o n  of 150,000 meters per  second squared (500 
f p s  a t  a  1  i n  r a d i u s )  r e su l t ed  i n  a  Stokes number of approximately 0.01. The 
t r ack ing  e r r o r  a s soc i a t ed  with t h i s  s i t u a t i o n  i s  es t imated a t  3% i n  angular  
dev ia t ion .  This  a n a l y s i s ,  as  depicted i n  f i g u r e  1 7 ,  warranted the  use of a  p a r t i c l e  
impactor t o  maintain seed s i z e  d i s t r i b u t i o n  c e n t e r l i n e s  below 1 micron i n  diameter .  
Resul t s  of t he  3-D LV surveys a r e  shown i n  f i g u r e s  18a-18f. These crossf low 
v e l o c i t y  vec to r  p l o t s  show the chordwise development of t he  leading  edge vo r t ex  a t  an 
angle  of a t t a c k  of 10 degrees.  An examination of f i g u r e s  18a and 18b shows only a  
s i n g l e  cen te r  o r  v o r t i c i t y ,  apparent ly  because the  c i r cumfe ren t i a l  p re s su re  g rad ien t  
causes a  coalescence of s epa ra t e  v o r t i c e s  from the  s t r a k e  and the  wing leading  edge. 
Cont ras t ing  these  r e s u l t s ,  surveys taken a t  18 degrees angle of a t t a c k  showed vor tex  
breakdown near  the mid-chord loca t ion .  Axial  v e l o c i t i e s ,  a s  shown i n  f i g u r e  19, 
change dramat ica l ly  a t  vor tex  breakdown. The high peak i n  t h i s  v e l o c i t y  a t  25% chord 
i s  e n t i r e l y  absent  a t  50% chord. Note t h a t  f o r  t he  18 degree angle of a t t a c k  case,  
reversed  a x i a l  v e l o c i t i e s  a r e  seen near  t he  cen te r  of t he  vor tex .  This  can be 
d i r e c t l y  a t t r i b u t e d  t o  a  breakdown of the organized v o r t i c a l  flow. L a s t l y ,  a s  a  
r e s u l t  of t he  var ious  surveys, the  vor tex  core  l o c a t i o n  can be t racked a s  a  func t ion  
of chord, span and he ight  above the  wing re ference  plane.  Vortex breakdown and path 
a r e  shownin f i g u r e  20 f o r  both the 10 degree and 18 degree angle-of-attack cases .  
RECOMMENDATIONS AND CONCLUSIONS 
The 2 x 2-D LV method descr ibed was demonstrated t o  be a  very powerful t o o l  i n  
making 3-D flow f i e l d  measurement. The 3-D d a t a  were shown t o  be ob ta inab le  using a  
convent ional  2-0 instrument;  however, due t o  i t s  inaccu rac i e s ,  i t  is recommended t h a t  
i t s  use should be c a r e f u l l y  appl ied t o  p a r t i c u l a r  s i t u a t i o n s  t h a t  r e q u i r e  turbulence 
information i n  add i t i on  t o  mean v e l o c i t i e s .  I n  t h e  design s tudy of two f u l l y  three-  
dimensional LV's, the  three-color  system was shown t o  be super ior  o v e r a l l  i n  both 
range and r e s o l u t i o n .  For these  reasons,  the  system was f ab r i ca t ed  f o r  use i n  
product ion t e s t i n g  of h ighly  three-dimensional and v o r t i c a l  flows. Measurements over 
a  gener ic  f i g h t e r  flow f i e l d  j u s t i f y  t he  use of two l a r g e  Argon-ion l a s e r s .  Based on 
t h i s  experience,  it  i s  recommended t h a t  h igher  powered l a s e r s  (0.5-1.0 w a t t s /  beam) 
be used t o  o f f s e t  the  diminished signal-to-noise r a t i o s  t h a t  a r e  found a t  o r  near t he  
core  of a  vor tex .  
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SUMMARY 
The vapor-screen technique has been success fu l l y  app l ied  t o  an F-106B f i g h t e r  
a i  r c r a f t  d u r i  ng subsonic and t ranson ic  maneuvers. Thi s system has a1 1 owed the  
viewing o f  mu1 t i p l e  vor tex  systems on the wing upper surface a t  angles o f  a t tack  
l e s s  than 19'. I n  add i t ion ,  s i m i l a r i t i e s  as we l l  as d i f fe rences were determined t o  
e x i s t  between the  vor tex  systems f o r  a f u l l  -scale semispan model and the f l i g h t  
v e h i c l e  a t  20' incidence. Furthermore, v a r i a t i o n s  i n  Reynolds number and Mach 
number have been i d e n t i f i e d  as t o  how they a f f e c t  vor tex system d e t a i l s  a t  f l i g h t  
cond i t ions .  
INTRODUCTION 
The v i s u a l i z a t i o n  o f  vor tex  systems which o r i g i n a t e  from aerodynamic surfaces i s  a 
common occurrence i n  wind tunnel s, where techniques l i ke t u f t  g r ids ,  schl ie ren ,  
smoke wands, and vapor screens have been used (see re f s .  1-6). Some o f  these seed 
the  working f l u i d  w i t h  smoke o r  s u f f i c i e n t  water vapor ( r e f .  6 )  i n  order  t o  high- 
l i g h t  the core by e i t h e r  smoke entrainment o r  water condensation. This  may occur 
along much o f  the l eng th  o f  the vortex, thereby y i e l d i n g  a v i s i b l e  record o f  the 
core path as can be seen i n  f i g u r e  1 f o r  a wind tunnel model w i t h  upward de f l ec ted  
vor tex  f laps .  F l i g h t  examples are n o t  as r e a d i l y  ava i lab le ,  b u t  f i g u r e  2 shows the 
s t rake  f l ow  o f  an F-16 dur ing  a low-a1 t i t u d e  maneuver. Both examples are the r e s u l t  
o f  na tura l  l y  occu r r i  ng condensed water vapor (1 i ght  areas) forming around and 
o u t l i n i n g  the  dark core regions. 
I n - f l i g h t  use o f  smoke has been documented, i n  references 7 and 8, on del t a  wings t o  
observe the leading-edge vor tex  breakdown progression (HP 115) and the ou ter  panel 
f l o w  (AVRO 707B) w i t h  increas ing  angle o f  at tack,  respect ive ly .  However, i n  order 
t o  ob ta in  vo r tex  system d e t a i l s ,  one needs t o  use a f l i g h t  vers ion o f  the vapor 
screen technique. Since the hardware t o  implement t h i s  was no t  ava i lab le*  when 
i n t e r e s t  was expressed i n  observing the Reynolds number e f f e c t s  on the vor tex system 
f o r  the F-106B, the equipment had t o  be developed.** An i l l u s t r a t i o n  o f  what the 
vor tex  system looks l i k e  w i t h  such an implementat ion i s  shown schemat ica l ly  f o r  the  
F-106B by the  f l i g h t  p r o j e c t  logo i n  f i g u r e  3. 
A f t e r  the equipment was developed t o  seed the  f l ow  w i t h  vaporized propylene g l y c o l  
i n  order t h a t  the  observat ions be weather independent, i l l u m i n a t e  the d e t a i l s  w i t h  a 
l i g h t  sheet, and record  the events w i t h  a t e l e v i s i o n  system, app l i ca t i ons  were made 
9 repo r t s  the  Sov ie t  use o f  a ruby l a s e r  sheet and atmospheric water 
vapor t o  observe the vor tex  system a t  subsonic speeds above an ogee wing up t o  h igh  
SircSbeiice. 
**Reference 18 used limited surface tuf t s  near the middle of an %-I066 wing dur ing  a 
f4 i g h t  tes t  program and determined a reattachment 1 l ne associated w i t h  a vortex 
system, 
Lo both f l i g h t  (see fi y e  4) and wind tunnel  vehic les.  The p a r t i c u l a r  in fo rmat ion  
sought  was t o  the e f f e c t  t h a t  the Reynolds number may have on the  d e t a i l s  
o f  the leading-edge vor tex system o f  f u l l  -scale veh ic les  a t  h igh  angles o f  a t tack  
and subsonic speeds, i nc lud ing  a 5-6 transonic maneuver. T h i s  paper documents these 
r e s u l t s  and o f f e r s  a  selected comparison o f  system deta i ' l  s  on a  f u l l  -scale semispan 
F-106B model. 
SYMBOLS 
G acce le ra t i on  due t o  g r a v i t y  , f t /sec2 
K thousand 
L  E lead ing  edge 
I inboard d is tance t o  vor tex  core from lead ing  edge, inches 
M Mach number 
m inboard d is tance t o  i nne r  edge o f  vor tex system envelope from lead ing  
edge, inches 
R n  Reynolds number 
TE t r a i l i n g  edge 
z v e r t i c a l  d is tance t o  vor tex core above upper surface, inches 
CI angle o f  at tack,  degree 
TEST SETUP 
The wind tunnel t e s t s  were performed on a  ha1 f - a i r p l  ane model o f  the F-106B mounted 
i n  the Langley Research Center 30- by 60-Foot Tunnel. This  model was made by 
c u t t i n g  an a i rp lane  i n  h a l f  and mounting i t w ing t i p  upward from a  r e f l e c t i o n  
plane. It should be po in ted  ou t  t h a t  the  f u l l  -scale model d i f f e r e d  p r i m a r i l y  from 
the  f l i g h t  veh i c le  only  i n  the  l eading-edge region. The former had a l l  the  camber, 
e s s e n t i a l l y  conical ,  ahead of the l o c a l  9'0-percent semispan; whereas, the l a t t e r  
had i t s  c o n i c - l i k e  camber ahead o f  the 80-percent l o c a l  semispan. They are  c a l l e d  
Case X I V  and Case X X I X  cambers, respect ive ly ,  by the manufacturer. 
The t e s t s  i n  t he  30- by 60-Foot Wind Tunnel were f o r  t h e  purpose o f  e s t a b l i s h i n g  
s t a r t i n g  values f o r  the  f l i g h t  p r o j e c t  i n  the  areas o f  seeding f l ow  r a t e  and probe 
pos i t i on ,  l i g h t - s h e e t  w id th  and o r i en ta t i on ,  and TV camera parameters. One great  
unce r ta in t y  remained a f t e r  the wind tunnel  t es t ,  and i t  was whether s u f f i c i e n t  
seeding ma te r ia l  cou ld  be produced t o  make the vor tex  system v i s i b l e  a t  f l i g h t  
speeds. 
The range o f  t e s t  parameters f o r  the wind tunnel and f l i g h t  i s  g iven i n  f i g u r e  5 .  
This range inc ludes the  vapor screen var iab les  such as seeding f l ow  r a t e  and probe 
p o s i t i o n ,  and l i gh t - shee t  width and l oca t i on ,  as we l l  as the  two d i f f e r e n t  types of 
maneuvers f lown. The wind tunnel cond i t ions  are standard ones w i t h  the dynamic 
pressure n o t  exceeding 10 1  b / f t 2 .  
For  both the  1 - G  constant  a l t i t u d e  and the 5-6 t ransonic maneuvers, s i x  probe 
p o s i t i o n s  were t r i e d  i n  order  t o  f i n d  the one t h a t  worked bes t  o v e r a l l  F i v e  o f  
these were underneath the lead ing  edge and one was on top. These pos i t i ons  were 
numbered sequent ia l l y ,  and number 6 was found t o  be pre ferab le .  I t s  approximate 
l o c a t i o n  underneath the l ead ing  edge i s  shown on f i g u r e  6, along w i t h  the r e l a t i v e  
l o c a t i o n s  of the camera and l i g h t  sheet, 
The r i g h t  side o f  this f igure shows the view displayed on the monitor. Since the 
camera i s  l ooking down and a f t  onto the  I e f t  wing panel, the  w i  ng t r a i  7 i ng edge i s  
a t  the top o f  the screen, the  leading edge i n t e r s e c t s  the r i g h t  side, and the 
fuselage cu ts  across the l e f t  corner.  The f i g h t  sheet i s  seen t o  l i e  i n  the middle 
o f  the screen and does not  extend t o  the wing lead ing  edge because s f  camber, 
There were two 1 i g h t  sheet l oca t i ons  used i n  the wind tunnel, one perpendicular  t o  
the  fuselage c e n t e r l i n e  and the other  perpendicular  t o  the wing lead ing  edge, as can 
be seen i n  f i g u r e  7, For  the  f l i g h t  experiment, i t  was the  i n t e n t  t o  have the l i g h t  
a1 so perpendicular  t o  the  1 eadi ng edge. However, space cons t ra i  n t s  associated w i t h  
a t tach ing  the  l i g h t  source t o  the  fuselage 1 i m i t e d  the sheet t o  on ly  reaching 11' 
ahead o f  perpendicular  t o  the center1 i n e  as opposed t o  the 30" desi red f o r  t h i s  
60' swept wing. Hence, the l i g h t  sheet l o c a t i o n  used i n  f l i g h t  i s  c l o s e r  t o  t h e  
more a f t  one used i n  the  wind tunnel . 
The s l i t  w id th  i n  the l i g h t  sheet generator was var ied  from 0.003" t o  0.041" f o r  
both wind tunnel and f l i g h t  w i t h  most t e s t i n g  done a t  0.041". I n  add i t ion ,  most o f  
t he  seeding was done w i t h  the pump opera t ing  a t  approximately 3 ga l lons  per  hour. 
For  both o f  these systems, the  i n t e n t  was t o  use the smal lest  amount poss ib le  which 
would s t i l l  seed and i l l u m i n a t e  the vor tex  system s u f f i c i e n t l y .  
RESULTS AND DISCUSSION 
It should be remembered t h a t  the pr imary data taken, o ther  than t e s t  condi t ions,  
dur ing  both the f l i g h t  and wind tunnel t e s t s  a re  video-tape v i sua l  records o f  the  
vor tex  systems. Using these records, photographs o f  po r t i ons  o f  p a r t i c u l a r  f l  i ghts 
were made from a moni tor  i n  order  t h a t  a comparative study may be done and the  
p e r t i n e n t  t e s t  ef fects may be i d e n t i f i e d .  (The photographs presented a re  from an 
o r i e n t a t i o n  de l ineated on the r igh t -hand s ide  o f  f i g u r e  6 . )  
From f l i g h t ,  there are b a s i c a l l y  two k inds  o f  e f f e c t s  t o  be presented corresponding 
t o  the  two types o f  f l i g h t s  f lown. The f i r s t  type i s  one i n  which the  a1 t i  tude i s  
h e l d  e s s e n t i a l l y  constant,  and the Mach number i s  adjusted t o  keep the  a i r c r a f t  a t  
1-G f l i g h t  over an angle-of -at tack range up t o  23'. For  each o f  these constant  
a1 t i t u d e  f l i g h t s ,  which ranged from 35,000 f e e t  t o  15,000 f e e t  i n  5,000-feet 
increments, the Mach number d i d  no t  vary appreciably  from 0.4; however, the  Reynolds 
number increased by 6x106 as the a l t i t u d e  decreased. The o ther  type was f o r  a 
t ranson ic  maneuver a t  5-6 and M - 0.8, accomplished dur ing a s p i r a l  descent, a t  a 
f i x e d  angle o f  at tack,  19", i n  which the Reynolds number va r ied  s i g n i f i c a n t l y .  
E f f e c t  o f  Reynolds Number 
The e f f e c t  o f  Reynolds number can be seen i n  f i g u r e s  8 t o  13, us ing comparative 
photographs a t  angles o f  a t tack  from 17" t o  23O. These 1-G f l i g h t s  show t h a t  a t  
17', leading-edge separat ion i s  wel l  es tab l ished a t  Rn = 26x106, which corresponds 
t o  the h ighes t  a1 t i t u d e ,  b u t  has no t  even begun a t  Rn = 32x106. Between these 
extremes, p rogress ive ly  small e r  amounts o f  1 eadi ng-edge separat ion are  noted w i t h  
increas ing  Reynolds number. Much the same occurs a t  18O, b u t  a t  19" there i s  a 
f i r s t  i n d i c a t i o n  o f  I eadi ng-edge separat ion a t  the  h ighes t  Reynol ds number. The 
delay i n  separat ion onset associated w i t h  increas ing  Reynolds number i s  no t  new f o r  
round-edged wings wi th  camber, bud t h a t  It would be observed i n  P l i g h t  i s  
remarkable, 
I t  i s  a9 so noteworthy t o  p o i n t  ou t  evidences of other  v o r t i c a l  a c t i o n  inboard o f  the  
l ead ing  edge a t  o: = 19' and Rn = 32x10~. The innermost may be assoctated w i t h  the 
j unc tu re  f low; however, the mid-semispan vor tex  may we1 1 be coming from the upper 
surface shear l a y e r  t e a r i n g  and forming another system o f  the  same r o t a t i o n a l  sense 
as a t  the l ead ing  edge. This  may occur when the leading-edge vor tex  i s  not  y e t  
s t rong enough t o  dominate the e n t i r e  ou te r  panel f low. F igu re  3.1 has been prepared 
t o  show the  postu9a"r;d p o s i t i o n s  o f  the  var ious v o r t i c a l  systems a t  the  20,000-feet 
a l t i t u d e .  When t h i s  system i s  viewed from above, it has an appearance which 
resembles the d i s c r e t e  vo r t i ces  i n  the  feeding sheet, arranged roughly para1 l e 1  t o  
the  l ead ing  edge, around the  pr imary vor tex  found i n  water tunnel t e s t s  and repo r ted  
i n  reference 11. One important  d i f f e r e n c e  i s  tha t ,  i n  f l i g h t ,  each vor tex extends 
t o  the upper surface. 
F igu re  12 shows tha t ,  a t  20°, only  a s i n g l e  vor tex system e x i s t s  outboard and, as it 
gets b igge r  w i t h  decreasing Reynolds number, the innermost one grows smal ler.  The 
same i s  t r u e  a t  23", as seen i n  f i g u r e  13. 
It i s  apparent from t h i s  ser ies  o f  comparative photographs t h a t  the  leading-edge 
vor tex  i s  Reynol ds number dependent. To he1 p e s t a b l i s h  the  q u a n t i t a t i v e  dependence, 
f i g u r e  14 has been prepared i n  which the vor tex system envelopes and "cores" have 
been determined f o r  two d i f f e r e n t  values o f  Reynolds number. They are d isp layed 
aga ins t  t he  a f t  p a r t  of the l e f t  wing panel and are  f o r  values o f  angle o f  a t tack  
from 18" t o  23". The "cores" are n o t  determined from f i n d i n g  the  "black hole," 
s ince none was seen. f o r  these f l i g h t s ,  bu t  a re  es tab l ished by an examination of where 
the smoke was the b r i g h t e s t  and i t s  r o t a t i o n  centered. The b r i g h t e s t  smoke was 
chosen s i  nce i t  represented an increased densi t y / r e f l e c t i  v i  ty which one would expect 
t o  surround the  very core i t s e l f .  By superimposing the r e s u l t s  shown i n  f i g u r e  14 
onto a s i m i l a r l y  recorded t a r g e t  board marked o f f  i n  6- inch squares, q u a n t i f i a b l e  
i n fo rma t ion  was es tab l ished f o r  the i nne r  ex ten t  o f  the envelope and core loca t ion ;  
t h i s  i n fo rma t ion  i s  presented i n  f i g u r e  15, 
From t h i s  f i g u r e  i t  can be seen tha t ,  i n  general, the i nne r  ex ten t  o f  the vor tex  system 
envelope and o f  t h e  core l oca t i ons  i s  more inboard a t  t he  lower Reynolds number., 
A1 so, a t  the  lower value, the envelope and core tend t o  be more monotonic i n  t h e i r  
growth w i t h  angle o f  a t tack .  I t  i s  i n t e r e s t i n g  t o  note t h a t  a t  20" the r e s u l t s  seem 
t o  coal esce, a f t e r  which the measurements corresponding t o  the h igher  Reynol ds 
number have a slower inboard growth. The core e leva t i on  seems i n s e n s i t i v e  t o  
Reynol ds number. 
F igure  16 compares these resu l t s ,  taken from the Case X X I X  f l i g h t  wing, w i t h  those 
from the  30- by 60-Foot Wind Tunnel t e s t  o f  t he  Case X I V  wing. Though the  vor tex  f l o w  
was much unsteadier  i n  the wind tunnel,  as i t s  l a t e r a l  p o s i t i o n  o s c i l l a t e d  between 
outboard and inboard, an i n t e r p o l a t e d  aggregate pos i  l i o n ,  shown by the f i l  l e d  
diamond, does compare s u r p r i s i n g l y  we l l  w i t h  the f l i g h t  data. The i n t e r p o l a t i o n  i s  
requ i red  s ince the 1 i g h t  sheet l o c a t i o n s  used i n  the  wind tunnel 1 i e  on e i t h e r  s ide  
o f  the f l i g h t  pos i t i on .  Note t h a t  the  he igh t  o f  the wind tunnel  core i s  above the 
f1 i g h t  ones. No o ther  conclusions can be drawn, s ince the re  was n o t  enough t ime i n  
the  wind tunnel w i t h  the r i g h t  probe p o s i t i o n  t o  get  s u f f i c i e n t  data. 
E f f e c t  o f  Mach Number 
F igure  17 prov ides detai ls  o f  the ver"&ex systems f o r  both 1-6 and 5-6 f l t g h t s ,  which 
occurred a t  roughly 0.4 and 0.8 Mach number, respect ive ly ,  These photographs were 
taken w i t h  two d i f f e r e n t  S igh t  sheet widths, and the 5-6 maneuvers were done both t o  
t h e  l e f t  and r i g h t  t o  r u l e  ou t  any centrifugal force e f f e c t s  on the  resu l ts .  
Bas ica l ly ,  w i t h  e i t h e r  l i g h t  sheet width, the vortex appears s i m i l a r  under these 
t e s t  condi t ions,  However, f o r  the th inne r  11 g h t  sheet and 5-G maneuver, one i s  able 
t o  see a core a1 ong w i  Lh what appears t o  be a shear 1 ayer feeding i n t o  it, 
To i d e n t i f y  the e f f e c t  o f  Mach number, the envelope and core are  compared i n  f i g u r e  
18 f o r  these two d i f f e r e n t  maneuvers. I t i s  r e a d i l y  apparent t h a t  the  doubl i n g  of 
Reynolds number has n o t  delayed the leading-edge vor tex formation t o  a h igher angle 
o f  a t tack .  This i s  i n  con t ras t  t o  the  e f f e c t  o f  increasing Reynolds number 
discussed prev ious ly  (see f i g .  10). The more inboard ex tent  o f  the envelope and of t h e  
core i s  therefore a t t r i b u t e d  t o  the  Mach number doubling. This was an unexpected 
e f f e c t .  
CONCLUDING REMARKS 
I n  t h i s  paper, two basic top i cs  have been covered: vapor screen technology 
implementation f o r  manned f l  i g h t  vehicles, i n  p a r t i c u l a r ,  the F-1068, and the  vor tex 
system features revealed by using t h i s  technology i n  f l i g h t  and i n  the  wind 
tunnel .  Regarding the  f i r s t  top ic ,  i t  has been demonstrated t h a t  the vapor screen 
technique can be appl i ed successfu l ly  t o  1 arge-scale vehic les both i n  the  wind 
tunnel  and i n  f l i g h t  under a v a r i e t y  o f  t e s t  condi t ions.  These inc lude the 
t ranson ic  maneuver, which f u t u r e  f i g h t e r  a i r c r a f t  w i  11 cont inue t o  need t o  perform. 
Concerning the  r e s u l t s  obtained using t h i  s technique, s i  gni  f i  can t  d i f fe rences have 
been noted i n  the  s ize  o f  the l e a d i  ng-edge vor tex  system and i t s  core l o c a t i o n  a t  
subsonic speeds w i th  only r e l a t i v e l y  small changes i n  f l i g h t  Reynolds number. The 
prime e f f e c t  seems t o  be the  well-known delay o f  separat ion on round-edged wings 
associated w i t h  increased Reynolds number. A t  20" angle o f  at tack,  where f l i g h t  and 
wind tunnel vor tex  system d e t a i l s  could be d i r e c t l y  compared, there  was c lose 
o v e r a l l  agreement even w i t h  d i f fe rences i n  wins camber and w i th  the f l i g h t  Reynolds 
number being greater  by a f a c t o r  o f  2. This occurred i n  s p i t e  o f  t he  vor tex system 
being more s tab le  i n  f l i g h t  than i n  the  wind tunnel .  I n  add i t i on ,  dur ing  t h e  t ranson ic  
maneuver, t he  Mach number e f f e c t  can overcome the t rend  o f  increas ing Reynolds 
number t o  reduce the vor tex system by producing a la rger ,  more inboard, and we l l -  
def ined vor tex  system re1 a t i v e  t o  the  constant a1 t i t u d e  1-G f l i g h t .  
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F i g u r e  1. Leadi ng-edge vo r t ex  core  v i  sual  i z a t i o n  on 74" del  t a  w i t h  upward 
d e f l e c t e d  vo r t ex  f l a p .  
F i g u r e  2. St rake vo r t ex  core  v i s u a l i z a t i o n  on F-16 du r i ng  low-speed maneuver. 
Figure 4. F-106 flow visual ization elements. 
@Vapor screen ifariahies 
e Seeding flow rate - ( 1-5 3.6gallkr) 3.4)gaf/hr 
e Probe position - 6 tried in flight, $f 6 preferred 
- many tried in wind tunnel, one preferred 
@ Light slitlsheet width - ( .041", .012", ,003") ,041" 
Light sheet location - one in flight 
-two in wind tunnel 
@ Flight conditions 
.Constant altitude l - G  decelerations - (  35K, 30K, 25K, 20K, 15K, ft) 
M-  .4, a 5 23' 
Spiral descent -5 G, 40K, ft-20K, ft ( right and left ) 
MN.8, a - 19' 
W i n d  tunnel conditions 
eMachnumber 5.10 
.Angle of attack, 12' - 20' 
. Elevon deflection, 15' down-27O up 
Figure 5. T e s t  parameters. 
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Figure 6. In - f l  i g h t  Seadi ng-edge vo r tex  f l o w  v i s u a l i z a t i o n  on F-1Q6Bm 
TV monitor screen 
TV Camera 
F igure  7 - Wind tunnel  (30- by 6 0 - f t )  leading-edge vor tex  f l ow  v i s u a l i z a t i o n  
on F-106B. 
F l ' g u r e  8. E f f e c t  o f  Reynolds number  on vorhc? system, IG, probe #6, 
s l i t  wid th  = .041 in,,  a - 1 7 0 ,  
F i g u r e  9.  E f f e c t  o f  Reynolds number on vortex system, - lG, probe #6, 
s l i t  width = .041 i n . ,  a - 180. 
F igu re  E O ,  E f f e c t  of Reynolds number on vo r t ex  system, - 16, probe # 6 ,  
s l i t  width = .041 i n . ,  1 9 0 .  
F i g u r e  11. M u l t i p l e  v o r t e x  systerns on round-edged cambered d e l t a ,  
a < 190, 1G.  
Figure 12. Effect  of Reynolds number on vortex systern, - 16, probe W6, 
s l i t  wid th  = .04% i n . ,  a - 200. 
F i g u r e  
s l i t  
13. 
wid 
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I th  = .041 in . ,  - 230. 
probe 
6 R _  = 26 x 10 , 35K, ft, M = . 45 
Light sheet footpr in t i  
F i g u r e  14. E f f e c t  o f  Reynolds number on vo r t ex  system, 1G,  probe #6. 
Figure 15. Measured vortex system detai ls  a t  two Reynolds numbers, lG, 
probe #6. 
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Rn= 1 2 X  10 
M = . l  
Figure 16. masured vortex system detail s a t  three Reynolds numbers, IG, 
probe #6. 
F igu re  17. Vortex system d e t a i l s  a t  two maneuvers and s l i t  widths, 
190 ,  25K ft, probe #6. 
Trailing edge 7 Leading edge 7 
Light sheet footprint 4; 
F igu re  IB. E f f e c t  o f  Mach number and l o a d  f ac to r  on vortex system, 
a =  140,  25K ft. 
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SUMMARY 
The effectiveness of 'apex fences' on a 60-deg delta wing a t  low speeds has 
been experimentally investigated. Resembling highly swept spoilers in appearance, 
the fencesaredesigned t o  fold out of the wing apex region upper surface near the 
leading edges, where they generate a powerful vortex pair. The intense suction of 
the fence vortices augments l i f t  in the apex region, the resulting positive pitching 
moment being ut i l ized t o  trim trailing-edge flaps fo r  l i f t  augmentation during 
approach and landing a t  re lat ively low angles of attack. The fences reduce the apex 
l i f t  a t  high angles of attack, leading to  a desirable nose-down moment. 
The above projected functions of the apex fence device were validated and quanti- 
. f ied through low-speed tunnel t e s t s ,  comprising upper surface pressure surveys on a 
semi-span model and balance measurements on a geometrically simi 1 a r  fu l l  -span wing/ 
body configuration. Fence parameters such as area, shape, hinge position and , 
deflection angle were investigated. Typical resul ts  are  presented indicating the 
apex fence potential in control 1 ing the longitudinal character is t ics  of a t a i l  - less  
delta.  
SYMBOLS 
AVERAGE CPU - Span-averaged CPU a t  local s ta t ion 
C L - Lif t  coefficient,  based on total  wing area 
CM - Pitching moment, based on total  wing area and mean aero- 
dynamic chord 
CPU - Upper surface pressure coefficient 
C~ - Root chord (inches) 
L / D  - Lift-to-drag r a t io  
a( A L P H A )  
- Chordwi se distance measured from apex (inches) 
- Spanwise distance from root nondimensisnalined by the 
90ca9 semi-span 
- Angle of attack (degrees) 
ACL% - (GL, Fence on - C L ,  fence off)/(CL, fence o f f )  x EOO 
'TE, ELEVATOR - I r a i  l i ng-edge F l  ap deft ection, i nhoard on1 y (degrees) 
- Fence deflection (degrees) 
INTRODUCTION 
The aerodynamics of pitch control and longitudinal trim of highly swept f ighter  
configurations have received considerable attention in recent years. Close-coupled 
canards are currently popular because of the i r  abil i ty to  generate powerful pitching 
moments and low trim drag. However, the canard downwash reduces wing efficiency, 
and a t  high angles of attack canards tend to  lose pi tch-down capability. The adverse 
interaction between canard and wing vortices in s idesl ip  also leads to  non-lineari- 
tes  and rol l  ins tab i l i ty  a t  high alpha ( re f .  1 ) .  Unloading the canard above a 
c r i t i ca l  angle of attack i s  made d i f f i cu l t  by the strong upwash induced locally by 
the forebody and wing. 
A different approach towards pitch control of highly swept wings, v iz , ,  t o  
modulate vortex 1 i f t  in the apex region, was explored in the apex Tlap concept ( r e f .  
2) .  The appeal of t h i s  concept was the ab i l i t y  to  undeflect the apex, for  cruise 
f l i gh t  conditions, and deflect downward for  recovery from high alpha. Tests showed 
however that  l i ke  the canard the up-deflected apex f lap  also generated strong down- 
wash over the wing, and suffered a severe 1 i f t  loss in the neighborhood of the 
transverse hinge-1 ine. The wing-alone model tested in reference 2 a1 so could not 
represent the fuse1 age interference which i s  1 i kely t o  degrade apex flap effective- 
ness. These considerations led the second author to  propose an al ternate  method 
of apex 1 i f t  control , viz. 9 the apex fence. 
Resembling highly swept spoilers,  the apex fences are  hinged to the wing upper 
surface along the leading edges ( f ig .  1 ) .  When folded out ver t ical ly  a t  low angles 
of attack, the fences generate an intense vortex pair whose suction augments l i f t  in 
the apex region, resulting in a nose-up moment. Conversely, a t  high angles of attack 
the fence vortices are  greatly weakened and also raised higher above the apex; the 
combined ef fec t  i s  t o  reduce apex l i f t  in comparison with the basic wing, thus 
generating a desirable nose-down moment. The apex fences will not be subject t o  
fuselage interference and they also avoid the adverse transverse corner of the apex 
f lap hinge. A noteworthy advantage of apex fences i s  tha t  they can be shaped and 
oriented for  most e f f i c i en t  vortex-generation capabi 1 i ty  quite independently of the 
wing pl anform. 
Exploratory small-scale wind tunnel investigations of the apex fence concept 
applied to a 74 and 65 deg delta wing have been reported in reference 3. Upper 
surface pressure surveys supplemented with oi l  flow and helium bubble visualization 
confirmed the existence of strong and stable vortices produced by apex fences. These 
promising early resu l t s  encouraged a more comprehensive study of the concept applied 
to a 60-deg delta wing, th i s  sweep angle being more in keeping with the current 
f ighter  design studies,  This investigation was undertaken primari 1y to  va1 i date and 
quantify the hypothesized aerodynamics effects of apex fences in controlling the 
longitudinal character is t ics  of a t a i l - l e s s  delta through the angle-ofpallack range. 
MODELS AND TEST DETAILS 
Pressure Model 
Major dimensions of the generic semi-span 60 deg delta wing body model are 
shown in figure 2. This model incorporated four spanwise rows of pressure Laps, the 
f i r s t  row being well inside the apex region occupied by the fence. The model was 
mounted on a boundary layer bypass plate seven inches above the tunnel floor.  Six 
fence shapes were tested on th i s  model, only two shapes being presented herein ( f ig .  
3 ) .  The t e s t  was conducted in the North Carolina State University Merrill Subsonic 
Wind Tunnel a t  a mean-aerodynamic-chord Reynold's number of 0.67 m i  11 ion, and angles 
of attack ranging from zero to  30 deg. 
Force Model 
Major dimensions of the force model are  shown in figure 4. This model was 
geometrically similar to  the pressure model and was f i t t e d  with four t r a i l  ing-edge 
flaps.  Only the inboard f lap  segments were deflected during the present t e s t s .  A 
total  of eleven fence shapes were investigated, some a t  different  mounting positions 
on the wing and some in asymmetric arrangement. Eight of the fences, a l l  in 
symmetric configuration and mounted along the leading edge, are  discussed herein. 
The fence shapes and the i r  respective areas a re  presented in the figures with the 
resul ts .  Unless otherwise noted the fence deflection i s  90 deg (i .e., perpendicular 
to  the wing plane). The t e s t  was conducted i n  the Air Force Ins t i tu te  of Technology 
5-Foot subsonic wind tunnel a t  a meak-aerodynamic-chord Reynolds number of 1.11 
million. The sting was mounted in two al ternate  positions, giving a low (-6 t o  30 
deg) and a high (20 t o  45 deg) angle-of-attack range. 
RESULTS AND DISCUSSION 
Pressure Results 
Typical spanwise distributions resulting from vertical  apex fences placed a t  
the leading edge of the delta wing will be examined a t  a constant angle of attack of 
10 deg (representative of the 'low-alpha' range). The Gothic (18.7 percent area) 
fence (f ig .  5)  resu l t s  in broadening of the vortex suction footprint a t  the f i r s t  
two pressure s ta t ions ( A  and B ) ,  and a significant increase of the span-averaged 
local -CPU above the basic wing value with the load center shifted inboard. A t  the 
downstream stat ions ( C  and D )  the spanwise distribution i s  similarly a1 tered but the 
average -CPU i s  somewhat reduced. The Delta (11.7 percent area) fence ( f ig .  6) 
produces more accentuated suction peaks while the vortex footprints in th i s  case are 
not as broad as with the Gothic fence. Nevertheless, the resulting -CPU average i s  
practically equal with both fence configurations. A t  the a f t  s ta t ion,  the pressure 
f ie lds  due to  the Gothic and Delta fences are almost identical.  
The longitudinal variation of -CPU AVERAGE presented i n  figure 7 clearly shows 
the augmented apex suction due to  both fences a t  alpha = 10 deg, Just the opposite 
effect  is  evident a t  alpha = 30 deg (representing the high-alpha case),  when the 
apex suction is  reduced below the basic wing value, Accordingly, a nose-up moment 
increment a t  low alpha and a nose-down effect  a t  high alpha are t o  be expected due 
to  fence deployment, as pootul ated, This trend was encountered i n  varying degrees 
with a1 9 the fence configurations tested. 
Oi 1 - F1 ow Study 
Typical oil-flow photographs of the basic wing and the wing with the delta fenee 
on a t  ALPHA = 9.5 deg on the force model are presented in Figure 8. In th i s  
comparison, the o i l  streaks in the apex region are longer and more highly curved in a 
spanwise direction, indicating a significantly stronger vortex with the fence on. An 
inboard s h i f t  of the fence vortex i s  evident downstream and a separate leading-edge 
vortex appears, as observed in the foregoing pressure resul ts .  
Balance Resul t s  
The Gothic and Delta fences studied on the semi-span pressure model were 
i n i t i a l l y  tested on the balance model. The l i f t  and pitching moment characteristics 
are compared with the basic model i n  f igure 9. The 1 i f t  increment due to  fences i n  
the low-alpha range i s  evident, as i s  the nose-up pitching moment anticipated from 
the foregoing pressure resul ts .  Between the two fence shapes compared, the Gothic 
generates higher pitching moment increments; however, since t h i s  fence was a1 so nearly 
60 percent larger in area than the De1 La, i t  was decided t o  study the area effect  in 
some detail  on these two fence shapes. 
The original Gothic fence area was reduced se r i a l ly  in two steps: the height 
was reduced a t  constant length, and then the length was shortened. The resul t  of 
height reduction ( f ig .  10) shows vir tual ly  no change in 1 i f t  characteristics and a 
relat ively small reduction in moment; length reduction resu l t s  in a vis ible  drop in 
1 i f t  and a more pronounced reduction in the pitching moment. 
The Delta fence was cut in length in two successive steps. The resul ts  ( f ig .  11) 
show a roughly proportional drop in 1 i f t  as well as pitching moment in the low-alpha 
range, the moment increments narrowing towards higher angles of attack. 
To obtain a broader picture of the effect  of fence area, the l i f t  increments 
with various fence configurations a t  a constant angle of attack of 12 deg, with and 
without trailing-edge f lap  deflection for  trim, are compared with the basic model (or 
fence-off case) in figure 12.  Included in th i s  comparison i s  a Double-Gothic fence 
shape, i n  which the rear half was tapered down to  zero width. Most of the fences 
increased the untrimmed 1 i f t ,  with the exception of the smallest fences in each shape 
family which showed a l i f t  loss a t  t h i s  angle of attack. However, a l l  fences 
irrespective of s ize and shape produced marked increases in the trimmed 1 i f t  due t o  
down-deflected t r a i l  ing-edge f laps (as  indicated by the blackened portion of the 
bars). Generally, reduction of fence area also reduced the trimmed 1 i f t  increment. 
In an attempt to  separate out the fence shape and area effects  on the trimmed 
l i f t  capability, the incremental l i f t  a t  ALPHA 1 2  deg i s  plotted versus fence area 
ra t io  for  the three shape families in figure 13. An almost l inear  increase of 
trimmed l i f t  coefficient with fence area i s  evident, an outstanding exception being 
the large Double-Gothic fenee. Note tha t  the smaller Double-Gothic fence was no t  
geometrically similar, having a convex a f t  taper in contrast t o  a concave taper of 
the larger Double Gothic. While the present data are quite inadequate t o  draw 
conclusions regarding the Double-Gothic fenee, the i r  potential as an area-efficient 
fence shape i s  worthy s f  further investigation. 
As already mentioned, the vortex load on the apex fences produces a drag 
component. While drag increment in combination with l i f t  augmentation i s  a desired 
feature during approach and Sanding, i t  i s  of in te res t  t o  examine the aerodynamic 
efficiency of apex fences as a trimming device, This may be done by comparing the 
L / D  a t  a constant l i f t  coefficient with and without the fences (see Table 1). The 
corresponding trailing-edge f lap  deflections for  trim and angle of attack are also 
given. Because the basic delta wing requires an up-deflected trailing-edge f lap t o  
trim with a positive s t a t i c  margin, the angle of attack must be increased to  obtain 
the same 1 i f t  coefficient.  In contrast, fence deployment allows a down deflection 
of t r a i l  ing-edge f lap f o r  trim and therefore the angle of attack can be reduced for  
the same approach speed. For example, the Gothic fence provided a nearly 6 deg 
reduction in angle of attack from ALPHA = 18 deg o f t h e  basic delta.  The consequent 
wing drag reduction compensates for  the fence drag to  a large extent, as indicated 
by the relat ively small decrease in L/D.  
The foregoing resul ts  pertained to  ver t ical ly  deployed apex fence, i .e. B F  = 
90 deg; in practice, the hinged fences may be actuated t o  a smaller or a larger 
angle. The effect  of varying fence deflection on e i ther  side of 90 deg i s  presented 
in figure 14 fo r  the case of the large Double-Gothic fence. The resu l t s  indicate 
tha t  the fence angle controls the pitching moment in an almost l inear  fashion. 
In some t e s t s  the high-alpha range was explored to  observe the apex fenceeffect 
on pitching moment. A typical resu l t  i s  shown in figure 15 using Gothic fences, 
where a reversal of the longitudinal moment i s  evident a t  high angles of attack. 
Thus the apex fence can be viewed as a natural alpha-limiting device. 
CONCLUSIONS 
Exploratory low-speed wind tunnel investigations were conducted to  evaluate the 
effects  of apex fences on a 60 deg delta winglbody configuration. An i n i t i a l  t e s t  
program surveyed upper surface pressures on a semi-span model including the apex 
region between the fences, fo l l  owed by bal ance measurements on a geometrical ly  
similar full-span model with t r a i l  ing-edge flaps.  The scope of the investigation 
covered varying fence shape, area and defl ection angles. 
The apex fences produced opposite effects  over the wing apex region in the low- 
alpha and high-alpha regimes. A t  low angles of attack fence vortices augmented the 
suction level over the apex, whereas a t  high angles of attack the apex suction was 
reduced from the basic wing case. Balance data showed corresponding l i f t  increase 
together with a nose-up pitching moment a t  low alpha, and l i f t  loss with a nose-down 
moment a t  high alpha. 
In combination with down-defl ected t r a i l  ing-edge f laps,  fences in the low a1 pha 
range produced marked increases in the trimmed 1 i f t  capabi 1 i ty of the configuration. 
The trimmed l i f t  increment was essentially proportional to  fence/wing area r a t io  in 
case of Gothic and Delta fences. An exception was the Double-Gothic fence of 8.8 
percent area, which indicated an area efficiency almost twice as high as the others. 
Varying fence deflection angle (on ei ther  side of the nominal 90 deg position) 
was found to  control the pitching moment in an almost-9 inear fashion, showing the 
apex fence t o  be a promising pitch control and trimming device. The effectiveness 
of asymmetri c fence depl  oynsnl i n  1 ateral and di rectisnal control i s  current1 y being 
eval uated. 
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Table 1 
FENCE TYPE 
FENCE OFF 
GOTHIC FENCE 
DELTA FENCE 
TRIMMED CL = 0.82 
AREA RATIO 
FENCE WING %E,ELEvAToR - L/D ALPHA 
APEX FLAP (RAo, BUTER, 1983) APEX FENCE 
INCREASED L I F T  
HYPOTHESIZED AT LOW ALPHA 
VORTEX PATTERNS 
I N  APEX REGION : 
WITH LEFT FENCE DOWN, 
RIGHT FENCE UP 
AT HIGH ALPHA 
F i  g. 1. Apex fence concept. 
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SUMMARY 
An extension of the vortex f lap  concept was explored with the aim of providing 
high-a1 pha f l  ight control capabi 1 i t y  coup1 ed with maneuver drag reduction fo r  highly 
swept wing configurations. A retractable lower surface f l  ap mounted on a t ranslat ing 
hinge i s  proposed, allowing chordwise extension as well as deflection, the two move- 
ments being independently control 1 ed. The frontal cavity formed by the partial  ly 
extended and deflected f lap  captures a vortex above a certain angle of attack. The 
cavity vortex downwash a1 1 eviates the effective incidence of the wing 1 eading edge, 
thus modulating vortex l i f t ;  a t  the same time, the induced suction in the cavity 
generates thrust .  These postulated aerodynamic features of the cavity f lap were 
validated through low-speed tunnel pressure and visualization t e s t s  on a 65 deg 
swept oblique wing model, which a1 so provided i n i t i a l  trends of the leading edge 
vortex a1 leviation and cavity suction with respect t o  f lap  extension, deflection and 
angle of attack. Force t e s t s  on a 60 deg delta model further showed the cavity 
f lap LID performance to  compare favorably with the conventional vortex flap. A two- 
segment f l  ap arrangement with independently control 1 ed segments was envisaged for 
exploiting the vortex modulation capability of the cavity f lap for  pitch, ro l l  and 
yaw control, in addition t o  drag reduction a t  high angles of attack. 
INTRODUCTION 
The f i r s t  wind tunnel demonstration of the vortex f lap concept took place nearly 
seven years ago ( re f .  1). The extensive experimental and theoretieal research 
carried out since then ( re f .  2 )  has concentrated on the application of vortex f lap 
thrust  recovery for drag reduction of highly swept wings a t  maneuver 1 i f t  coeffi- 
cients. Recent design studies re1 ated to  advanced f ighters  have under1 ined the need 
to  extend aerodynamic control effectiveness to  increasingly high angl es of attack. 
Accordingly there i s  considerable in te res t  in evaluating vortex management ideas for  
improved high-a1 pha control. 
Effective aerodynamic control of highly swept, slender vehicles a t  high angles 
of attack basically requires the ab i l i t y  to  modify the onset, growth and shedding 
characteristics of large-scale vortices originating from forebody and wing leading- 
edge separation, and thereby t o  rapidly modulate the vortex 1 i f t  and reposition i t s  
point of action relat ive to  c.g. Although vortex l i f t  modulation capabili ty hasbeen 
shown to  be inherent to  the vortex f lap concept, i t s  potential has not yet been 
explored in de ta i l ,  This paper discusses an advanced vortex f lap  system, called the 
cavity f lap ,  conceived for  the purpose of obtaining high-alpha control as well as 
drag reduction from the same s e t  of aerodynamic surfaces, Some resul t s  are presented 
of low-speed wind tunnel experiments undertaken to  verify the aerodynamic basis o f  
the cavity flap and to  compare i t s  drag reduction performance with t h a t  of a conven- 
tional vortex f l ap .  
CAVITY VORTEX FLAP 
The conventional (or leadingeedge) vortex f lap aims t o  contain the vortex and 
i t s  peak suction over the f lap ( f ig .  1 ) .  Drag reduction then i s  a combined resu l t  of 
thrust  recovery on the forward-sloping f lap  and reduced suction on the aft-sloping 
wing surface. 
With increasing alpha the f lap frontal projected area decreases and i t s  d i rec t  
contribution to  drag reduction tends to  zero. A 30-deg deflected f lap on a 60-deg 
delta wing, for  example, becomes essent ial ly  aligned with free-stream a t  14 deg 
angle of attack (or  CLs 0.65), beyond which i t  i s  the re-attached flow on the wing 
rather than the f l ap  vortex force tha t  yields  a drag reduction. 
If  the f lap  hinge were to  be moved some distance a f t  of the leading edge under 
the wing and a vortex trapped in the resulting cavity, the frontal area under vortex 
suction can be largely recovered. The leading-edge overlap now covers a large part 
of the f lap plan area and therefore reduces i t s  own vortex l i f t  contribution. This 
cavity f1 ap arrangement promises a substantial vortex 1 i f t  modul ation capabi 1 i ty  
by independently varying the f lap  projection and deflection a t  a given angle of 
attack. In the l imit ,  an optimum cavity vortex leading to  a fu l ly  attached flow on 
the wing will essent ial ly  el iminate vortex 1 i f t .  Additional cavity f lap  advantages 
envisioned are i t s  applicabili ty to  sharp or blunt leading edges, plus a structurally 
superior attachment to  the wing in comparison with the leading-edge hinged flap. 
Figure 2 suggests a practical implementation of the cavity flap.  The retracted 
f lap  i s  fu l ly  conformal to  the wing lower surface contour. The f lap  hinge s l ides  on 
internal tracks, the extension and deflection angl e being actuated independently. 
Pure extension of the f lap projects a sharp edge which can be used to  augment vortex 
1 i f t  on blunt 1 eading-edge wings ( re f .  3 ) .  Partial extension plus deflection yields 
the cavity f lap configuration. A t  the forward l imit  of extension the f lap  functions 
essent ial ly  as a conventional vortex flap. A t  a large deflection angle with the 
hinge a t  i t s  a f t  l imit ,  a vortex will form behind the f lap,  making i t  an effective 
drag brake. 
OBLIQUE WING TESTS 
The key hypothesis underlying the cavity f lap  concept, namely the capture of a 
s table  cavity vortex and i t s  use to  modulate vortex 1 i f t  on the wing, was tested on 
a highly swept oblique wing model ( f ig .  3) .  The variable-sweep oblique wing was 
chosen to  f a c i l i t a t e  future study of the sweep-angle effect  on the cavity vortex 
s tab i l i ty .  In the in i t i a l  t e s t s  reported here, however, the wing was set a t  the 
maximum sweep of 65 deg. 
The wing section perpendicular Lo leading edge was a 12-percent thick, conven- 
tional subsonic type a i r fo i l  with a f l a t  undersurface. Two chordwise pressure 
stat ions were incorporated in the wing, one on the Pore panel and one on the a f t  
panel, A t  each s tat ion,  taps were provided on the upper surface and over the f i r s t  
95 percent chord on the lower surface, 
A constant chord, f l a t  plate f lap  was tested on the forward wing panel. Three 
deflection angles (10, 20 and 30 deg), and three hinge positions a t  each angle 
including the leading-edge position, were investigated. The t e s t s  were carried out 
in the North Carolina State  Subsonic Tunnel a t  a free-stream velocity of 100 fps. 
The vortex characteristics of oblique wings are  not well known. Therefore, the 
oblique wing model was f i r s t  tested with f lap off in order to  establish i t s  sui tabi l -  
i t y  fo r  evaluating the cavity f lap.  Figure 4 shows typical oil-flow and pressure 
distribution resul ts .  The oi l  pattern a t  a = 16 deg reveals independent leading- 
edge vortices on the fore and the a f t  wing panels. The upper surface pressures a t  
four angles of attack (10, 12,  14 and 16 deg) show the evolution of the vortex 
suction peak. Comparison of the fore and a f t  pressure s ta t ions with increasing angle 
of attack shows the forward wing vortex to  develop continuously, whereas on the a f t  
wing the suction peak i s  gradually smeared out due t o  the locally thickened boundary 
layer (resulting from a spanwise outflow as on a swept-back wing). These t e s t s  
showed that  the fore panel of the oblique wing generated a leading-edge vortex flow 
representative of swept wings, thus providing a proper aerodynamic environment fo r  
validation of the cavity f lap  concept. 
Typical f lap  effects  on the forward wing pressures a t  an angle of attack 16 deg 
will now be discussed. Figure 5 shows the e f fec t  of moving the f lap  hinge forward 
with the f lap  angle held constant a t  20 deg. The sketches on the r ight  interpret  the 
corresponding vortex patterns. 
A t  the a f t  hinge position, the f lap  hardly affects  the upper surface suction 
character is t ics ;  on the lower surface, however, an increased suction suggests that  a 
cavity vortex i s  a1 ready formed. No change in vortex 1 i f t  due t o  f lap  deployment can 
be expected i n  t h i s  case a1 though some drag reduction should be obtained. 
Moving the f lap  hinge to  the mid-position i s  seen to  produce a marked reduction 
in the vortex suction on the wing upper surface. A t  the same time, the cavity 
suction i s  almost doubled. This position of the f lap  appears to  come close to  the 
postulated cavity vortex flow with attached flow on the wing. Substantial l i f t  
reduction can therefore be anticipated in th i s  case, together with enhanced drag- 
reduction. 
A t  the leading-edge position of the f lap the vortex appears t o  be partly spil led 
onto the wing. Due to  the fu l ly  exposed f lap area in t h i s  case, l i f t  reduction on 
the wing i s  l ike ly  to  be largely compensated by the vortex l i f t  on the flap.  The 
drag reduction capability will be degraded due to  the negligible frontal area pro- 
jected by the flap. 
The pressure resul ts  in figure 6 show the effect  of increasing f lap  angle a t  a 
constant hinge position. A progressive decrease in the vortex suction on the wing 
upper surface i s  noted. There i s  l i t t l e  change in the cavity suction level with 
increasing f lap  angle; however, since the associated frontal area i s  increasing, the 
drag reduction should improve, 
By integrating the upper surface pressures a local normal farce coefficient i s  
obtained, This upper-surface normal force d i r e c t b  re f lec ts  the changes in the 
vortex suction characteri s t i c s  and i s  therefore useful for  presenting the trends 
with respect t o  f lap  angle and hinge l ine  position. I t  i s  seen in figure 4 tha t ,  a t  
a l l  three f lap anqles, a forward extension of cavity f l a p  resuf t s  ?n proqressive and 
marked reduction i n  the wing normal force a t  angles of attack above 8 deg, 
Typical cavity suction characteristics are shown in figure 8 fo r  the mid-posi- 
t ion of the. f lap hinge, Also shown for  reference i s  the pressure a t  the same lower 
surface tap with the f lap  off.  I t  i s  evident tha t  with increasing f l ap  angle, the 
onset of cavity vortex i s  delayed. A t  higher angles of attack, however, a l l  three 
f lap angles approach the same cavity suction levels.  
6C-DEG DELTA FORCE TEST 
Force measurements to  evaluate the cavity f lap  were conducted on a 60-deg de l ta  
model ( f ig .  9 )  during a brief investigation in the NASA Langley 12-Foot Low-Speed 
Tunnel. The object of these i n i t i a l  t e s t s  was t o  compare the drag reduction capabil- 
i t i e s  of leading-edge f lap and cavity f lap a t  constant flap angles of 20 deg and 
40 deg. 
The leading-edge thrust  due to  a f lap  i s  most sensit ively indicated in the 
balance axial force component. Figure 10 plots the axial force versus normal force 
coefficients and includes the flap-off data for  reference. The vertical  gap bet- 
ween the flap-on and flap-off data ( i . e .  a negative ACA) indicates the aerodynamic 
thrust  attained. A t  20 deg flap angle, the cavity f lap i s  seen to  generate more 
thrust  than the leading-edge flap throughout the CN range. A t  40 deg deflection, 
the onset of cavity vortex i s  delayed to  a higher angle of attack, and as a resu l t  
the cavity f lap  begins to  show an advantage only above CN = 0.6. 
Figure 11 presents the corresponding drag reductions. On the l e f t  i s  absolute 
ACD and on the r ight ,  ACD as a percentage of the basic drag ( i  .e. f lap  o f f ) .  I t  i s  
noted tha t  the 40-deg cavity flap advantage appears a t  higher angles of attack when 
the percentage drag reduction has a1 ready peaked and i s  rapidly decl i ni ng . I t  i  s 
reasonable to  expect therefore that  a more moderately deflected cavity f lap  (say a t  
30 deg) might be advantageous in the region of peak percentage drag reduction. 
Note also tha t  the hinge l ine  position remains t o  be optimized in combination with 
flap deflection, which should yield additional improvement in the cavity f lap  per- 
formance. 
Since both the leading edge and cavity f laps produce reductions in 1 i f t  as well 
as in drag, the final evaluation must be in terms af L/D  r a t io  as a function of 1 i f t  
coefficient. Figure 1 2  shows the 20-deg cavity f lap t o  be advantageous across 
(L/D)max. The 40-deg cavity flap evidently i s  over-deflected, b u t  catches u p  
with the leading-edge flap a t  CL = 0.7 and thereafter yields the same LID improve- 
ment. The L / D  resul ts  again suggest that  f lap angles between 20 and 40 deg deserve 
investigation and tha t  a coordinated study of hinge-] ine position should also be 
conducted. 
CAVITY FLAP FOR HIGH ALPHA CONTROL 
I t  i s  interesting to  speculate on the ways of exploiting the vortex I i f t  modula- 
t i s n  c a p a b i l i t y  o f  t he  c a v i t y  f l a p  for high-alpha control ( f i g ,  1 3 ) -  A spanwise 
segmented c a v i t y  f l a p  system i s  envisaged w i t h  two segments per  lead ing  edge, each 
f l a g  segment being under independent con t ro l ,  For maximum drag reduct ion,  a l l  f o u r  
$1 ap segments w i  11 be deployed; the at tendant  1 ass i n  vo r tex  1 i f t  i s  proposed do be 
compensated by the  use o f  a trailing-edge flap. By deploy ing the  i nne r  segments on ly ,  
t he  vo r tex  l i f t  forward o f  t he  c.g, w i l l  be reduced thus generat ing a nose-down 
moment f o r  accelerated recovery from h igh  alpha, When both segments are  deployed on 
the  r i g h t  lead ing  edge only, t he  excess o f  vo r tex  1 i f t  p r e v a i l i n g  on t h e  l e f t  wing 
panel w i l l  produce a r i g h t  r o l l  . A t  t he  same time, a s ide  f o r c e  component towards 
the  r i g h t  w i l l  be generated by the  f l a p  th rus t ,  favorab le  i n  a r i g h t  t u rn .  The i nne r  
l e f t  and o u t e r  r i g h t  segments deployed a t  t h e i r  maximum t h r u s t  s e t t i n g  w i l l  
develop a n o s e - l e f t  yawing moment. Not inc luded i n  t h i s  f i g u r e  i s  t h e  a d d i t i o n a l  use 
of t he  c a v i t y  f l a p  f o r  aerodynamic brak ing  a t  low angles o f  a t tack .  
CONCLUSIONS 
A c a v i t y  vor tex  f l a p  has been pos tu la ted  i n  which t h e  forward extension and 
d e f l e c t i o n  a re  independently con t ro l  1 ed t o  a1 low vo r tex  1 i f t  modulat ion w h i l e  producing 
th rus t .  
The c a v i t y  vor tex  pos tu la te  was v e r i f i e d  on a 65-deg ob l ique wing, demonstrating 
d l l e v i a t i o n  o f  the  leading-edge vor tex e f f e c t  on the  wing and generat ion o f  c a v i t y  
suc t i on  through a range o f  f l a p  extension, d e f l e c t i o n  and angle o f  a t tack .  
Balance t e s t s  on a 60-deg d e l t a  wing i nd i ca ted  t h a t  the  c a v i t y  f l a p  was a t  
l e a s t  equal t o  t he  convent ional leading-edge f l a p  i n  LID improvement and could be 
b e t t e r  w i t h  opt imized combinations o f  extension and de f l ec t i on .  High-alpha p i t c h ,  
r o l l  and yaw con t ro l  p o s s i b i l i t i e s  o f  t he  c a v i t y  f l a p  concept, as w e l l  as i t s  
effect iveness as a drag brake, should be evaluated i n  f u t u r e  i nves t i ga t i ons .  
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SUMMARY 
An experimental study was conducted to quantify the hysteresis 
associated with various vortex flow transition points and to deter- 
mine the effect of planform geometry. The transition points observed 
consisted of the appearance (or disappearance) of trailing-edge 
vortex burst and the transition to (or from) flat plate or totally 
separated flows. Flow visualization with smoke injected into the 
vortices was used to identify the transitions on a series of semi- 
span models tested in a low-speed tunnel. The planforms tested 
included simple deltas (55 deg t o  80 deg sweep), cranked wings with 
varying tip panel sweep and dihedral, and a straked wing. High-speed 
movies at 1000 frames per second were made of the vortex flow visual- 
ization in order to better understand the dynamics of vortex flow, 
burst and transition. 
INTRODUCTION 
Recent interest in flying at very hig gles Of attack bey0nd 
the static stall conditions has been kindled by proposals to exploit 
this flow regime to improve fighter aircraft maneuverability (refs. 1 
and 2). Herbst's concept - to fly into the post-stall regime to 
achieve quicker turns (ref. 1) and the use of unsteady aerodynamics 
at high incidence discussed by Lang and Francis (ref. 2) open a 
Pandorags box of new aerodynamic problems. Because these ideas 
require flying at incidences as high as 90 deg or beyond, a single 
maneuver could cover vortex and burst vortex flows as well as totally 
separated flows. Also, because of the maneuver dynamics, pitch rate 
and time history effects could be very important. The understanding 
of these flow fields and the dynamic effects represents a quantum 
jump over current aerodynamic technology. Thus, as a first step 
toward this goal, a need exists to 
and their characteristics as well a 
to another and the associated h 
The upper surface flow fields that exist over slender, highly 
swept or straked wings at high angles of attack may take on various 
foms, These foms may be broadly classified as three types sum- 
marized in Figure 1: 
(a) Vortex flows (stable leading edge or s t r a k e  vortex) 
(2) Burst vortex flows (unsteady but still vsrtical) 
(3) Flat plate flows (unsteady, completely separated) 
The normal force cune slope for type 1 flows is wite high compared 
to that of the attached flow region which generally exists below 5 
deg. to 8 deg. incidence as illustrated in figure 1. The slope is 
reduced once vortex bursting begins to occur over the wing but normal 
force still increases with increasing incidence. Once the flow 
breaks down to the final stage of flat plate flow, normal force 
remains about constant, even up to 90 deg. incidence. The transition 
to flat plate flow is generally quite abrupt and may be accompanied 
by a loss in normal force or a destabilizing change in pitching 
moment with increasing incidence. Another very important property of 
these transitions is the hysteresis effect that results from transi- 
tions occurring at different incidences depending on whether the 
angle is increasing or decreasing. ~uantification of this hysteresis 
and the determination of the effect of planform geometry on its 
characteristics are the objectives of this paper. 
In order to accomplish these objectives, an experimental program 
was conducted in which a series of delta and cranked flat plate wings 
were tested. Flow visualization techniques were used to determine 
the transition points and the associated hysteresis. The tests were 
conducted in a small low speed tunnel at General Dynamics* Fort Worth 
Division using smoke for the flow visualization. The smoke generator 
was a special design that was evolved at General Dynamics for testing 
vortical flows at very high incidence. The models were semi-span 
models cut from flat aluminum plate with rounded leading edges. The 
planforms tested included simple deltas, cranked wings with varying 
tip panel sweep, a cranked wing with varying tip panel dihedral, and 
a straked wing. Data taken during the test for increasing and de- 
creasing incidence included angles of the appearance of vortex burst 
at the wing trailing edge and transition to or from flat plate flow. 
High speed movies were made of the vortex flows to reveal the spiral 
nature of vortex burst and other unsteady phenomena. 
TEST SETUP AND PROCEDURE 
The small continuous low speed wind tunnel at General Dynamics1 
Fort Worth Division was used f r this investigation. The tunnel has 
a 0.356 x 0.356m2 (14 x 14 in.') test section with a splitter plate 
installed on one wall and clear glass on the other three walls for 
viewing flow visualization experiments. Test velocities used were 
held approximately constant at 30m/sec (98 ft/sec) which previous 
experience has shown to yield reliable vortex flow characteristics 
and good flow visualization using smoke, 
The semi-span models were cut from $%at aluminum plate s tock ,  
0 ,160 crn ( 0 , 0 6 3  in) thick, and mounted sn a bracket attached to a 
shaft extending outside the t unne l  as shown in figure 2. Angle s f  
incidence was set by rotating the shaft which was attached to a cali- 
brated plate with angle marks. The settings were made manually so 
that very slow and smooth approaches ts flew transition p o i n t s  could 
be achieved. Angle readings were made visually and recorded by hand, 
The smoke generator was also installed on the wing mounting 
bracket as shown in figure 2 to permit injection of smoke as close as 
possible to the nose so as to provide maximum visualization of the 
leading-edge vortex, The smoke generator consisted of 0.05 em ID 
(0.02 in.) stainless-steel tubing through which kerosene was forced 
from a pressurized vessel as shown in figure 3. A 23 cm (9 in.) 
section of the tubing near the nozzle was heated with DC current at 
about 10 amps. The heated kerosene vaporized when it exited from the 
nozzle in a reasonably steady flow. Pulsation was minimized. by 
adjusting current and kerosene flow. 
The semi-span models tested are shown in figure 4 with specifi- 
cations listed in table 1. The leading edges were rounded such that 
they were semi-circular with a diameter of the thickness of the 
plate, 0.160 cm (0.063 in,). This was done to avoid adding any lead- 
ing-edge camber that would result from having a sharp edge with a 
flat upper surface and also to simplify model fabrication. The 
cranked wing planforms all had a common inboard leading-edge sweep of 
70 deg with the crank placed at 70% span. Only the tip panel sweep 
was varied from 30 deg to 70 deg and the tip panel dihedral varied 
from -90 deg to +90 deg with a fixed tip sweep of 30 deg. The 
straked wing planform was tested to provide insight as to the charac- 
ter of strake flows as opposed to simple delta and cranked wings. 
All sweep and dihedral were measured and recorded after fabrication. 
The test procedure was very simple once the optimum conditions 
for smoke visualization were established. The wings were attached to 
the mounting bracket, the tunnel started, then the smoke turned on. 
The test was conducted on a continuous basis for each wing. The 
determination of transition angles was made as an average of at least 
three observations for each point. For increasing incidence, the 
angle was always lowered far below the transition point and then 
slowly increased until the transition occurred. For decreasing inci- 
dence, the reverse procedure was followed. In all cases fully 
established flow was obtained just before transition. 
Calibration of test set-up was accomplished by comparing measur- 
ed transition points with existing data for planforms of similar 
geometries. The items checked were wall interference and gap between 
the splitter plate and model root chord. Wall interference was about 
10% at an incidence of 45 deg for the cranked wings and the delta 
wings for an incidence less than 70 deg. To check this effect, the 
angEe far trailing-edge burst was compared with data published in 
reference 3, %his comparison shown in figure 5 indicates t h a t  the 
correlation is wite good. Another check on interference was a 
~ a l i t a t i v a  assessment 0% vortex burst development downstre= of the 
model. Progression of the burst point toward the wing was very 
mifc?m and controllable with wing incidence. 
The idea of leaving a small gap between the splitter plate and 
wing root chord was to prevent contamination of the vortex develop- 
ment by the wall boundary layer,  his problem is unique to semi-span 
testing. The gap was set at the estimated displacement thickness of 
the wall boundary layer, 0.16 ern (1/16 in.). Variation of this gap 
to zero was shown to have little effect on the trailing-edge (TE) 
vortex burst angle but a profound effect on the transition to flat 
plate (FP) flow, Data available from a large-scale full span low- 
speed test of a General Dynamics research model similar to the 70 
deg/50 deg cranked wing indicated that the transition to FP flow 
should occur at about 43 deg - 47 deg incidence. With the gap set 
at 0.16 cm, this transition occurred at about 45 deg - 46 deg but 
with zero gap, it occured at about 55 deg - 60 deg. Therefore the 
gap was maintained at the 0.16 cm value for all models tested. 
RESULTS AND DISCUSSION 
he objective of this test was to quantify the hystereses asso- 
clated with various vortex flow transition points and determine the 
effect of planform geometry on their characteristics. The transition 
points observed consisted of the appearance (or disappearance) of 
trailing-edge (TE) vortex burst and transition to (or from) flat 
plate (FP) flows. Flow visualization with smoke injected into the 
vortices was used to identify the transitions that occurred over a 
series of flat plate models that included a set of deltas, a cranked 
wing with varying tip panel sweep or dihedral, and a straked wing 
(see fig. 4). Finally, high-speed movies were made to reveal the 
spiral nature of vortex breakdown and other dynamic effects. 
the figure are data from other sources (reference 3) that indicate 
good agreement with the present data, nysteresis could not be de- 
tected during the test for the TE vortex burst; in fact, when the 
angle was held steacly at the TE vortex burst point, the burst would 
slowly move back and farth with a range of only about 5% of the wing 
root chord. TIE vortex burst f o r  the delta wings was highly stable, 
Results for FP flow transition f o r  the delta wings are shown in 
f i gu re  6 The influence of sweep is similar to that for the TE vor- 
tex bur s t  angle i n  figure 5 ;  however, a definite hysteresis e f f e c t  is 
present, Amplitude of the hysteresis is about constant at 3 to 4 
deg for all sweeps with the exception of 70 deg which is only about 
2 deg. These points were re-cheeked for several wings but results 
were still the same. A possible explanation is that it appears that 
vortex assymmetry develops in the incidence range of 45 deg for 70 
deg delta wings (ref. 4). If this is the case, then the higher 
swept wings would also be in the asymmetric vortex range and semi- 
span testing which enforces symmetry of these models could be ques- 
tionable. Although this subject requires further investigation with 
full span models, it is felt that the hysteresis trends as a function 
of wing sweep are reasonable because the variation over the test 
range is orderly and closely parallels that of TE vortex burst. 
The influence of tip sweep angle on TE vortex burst for the 
cranked wing with 70 deg inboard sweep is shown in figure 7. The 
reduction of hysteresis with increasing tip sweep was expected. It 
is interesting that the maximum angle for increasing incidence was 
very close to that of the simple 70 deg delta wing at 29 deg and is 
essentially independent of tip sweep. A more interesting observa- 
tion, however, is that when TE burst appeared, it would not occur at 
the trailing edge - instead it would develop with the usual orderly 
upstream progression on the wake vortex and upon reaching the trail- 
ing edge would immediately jump forward to a point just upstream of 
the axial location of the wing crank (approximately 79% of the root 
chord). When vortex burst reached the trailing edge with decreasing 
incidence, however, it did so in an orderly fashion as observed for 
the delta wings but then jumped from the trailing edge to a point 
further downstream as it passed the trailing edge. 
The observed hysteresis of TE vorex burst on the cranked wings 
is attributed to flow conditions on the tip panel just prior to TE 
vortex burst. With increasing incidence, the tip panel flow fields 
are well behaved and dominated by the inboard panel leading-edge 
vortex; hence, forward progression of burst in the wake is fairly 
insensitive to the tip panel presence or geometry. When burst 
reaches the trailing edge, the tip upper surface flow field suddenly 
collapses with a resulting rise in pressure that forces burst to 
abruptly move forward of the wing crank axial location. With de- 
creasing incidence, the opposite process takes place. In this case 
the lower sweep panel does not re-establish its flow as quickly 
because its starting point is burst vortex flow. Aft progression of 
the burst with decreasing incidence is similar to that of a lower 
swept wing. For example, TE vortex burst for decreasing incidence on 
the cranked wing with tip sweep of 30 deg occurs at about 21 deg as 
shown in figure 7. This compares favorably with the angle of TE 
vortex burst for a delta wing with a sweep of about 64 deg as shown 
i n  f i gu re  5 ,  Upon reaching the trailing edge, however, the  tip 
panel %$ow fields are then fully re-established and the burst nust 
jump abruptly downstream to a point corresponding to that which would 
occur during the case of increasing incidence but at the lower angle 
of attack. 
A second variation of tip panel geometry which affects TE vortex 
burst hysteresis is tip panel dihedral. Results for this investiga- 
tion, shown in figure 8, indicate that changing the dihedral with a 
fixed tip sweep of 30 deg has a profound effect on the hysteresis. 
In general, positive dihedral reduces hysteresis from 8 deg at zero 
to 0.5 deg at 45 deg. At 60 deg dihedral, the hysteresis has dis- 
appeared and the TE vortex burst point angle has increased to 30 deg. 
A further increase to 90 deg dihedral results in a drop of TE vortex 
burst angle to 27.5 deg but has not introduced any hysteresis. 
Negative dihedral for -30 deg to -90 deg shows a large reduc- 
tion in hysteresis but it also shows a reduction in TE vortex burst 
angle to an average of about 26 deg for all dihedral angles. The 
reasons why tip dihedral has these effects on TE vortex burst are not 
clear; however, several possibilities will be discussed. 
Changing of the tip panel dihedral does at least two things: 
(1) it changes the leading-edge sweep with angle of attack, and (2) 
it changes the orientation of the tip leading edge relative to the 
local upwash fields, ie., positive dihedral leads to a more spanwise 
flow whereas negative dihedral leads to a more perpendicular or two 
dimensional flow. With positive dihedral, these two changes tend to 
improve the tip panel flow fields at higher angles of attack; hence, 
with increasing dihedral, the hysteresis disappears. In the case of 
60 deg dihedral, the TE vortex burst angle was actually increased 
over that of the 70 deg delta. Going too far, however, to 90 deg 
results in adverse effects which lower the TE vortex burst angle but 
still do not introduce any hysteresis. At this high dihedral, the 
spanwise flow must make an abrupt turn when it encounters the verti- 
cal tip panel and hence a corner vortex forms that precipitates 
premature burst of the main wing vortex. With exception of the 90 
deg dihedral, the main vortex structure and path seemed to be little 
affected by the dihedral. 
Negative dihedral has the interesting effect of lowering the TE 
vortex burst angle but also reducing the hystesis. In fact, this 
dihedral direction was more effective at reducing hystesis than posi- 
tive dihedral. It is suspected, however, that the reduction in 
hysteresis was bought at the price of premature separation of the tip 
panel due to both decreased sweep and higher upwash angles at the 
leading edge. Therefore, it appears that configuration designs based 
on cranked wings with large negative tip dihedrals would not be very 
efficient at high angles of attack. 
The transition to and from FP flows for the cranked wings was 
found to be relatively unaffected by the wing t i p  geometry, Results 
shown in figure 9 indicate the influence of tip panel sweep on the FP 
flow transition. Hysteresis amplikudes and %he angles show very 
little variation, in fact 30 deg and 7 0  deg have identical values. 
Data obtained for tip dihedral effects also exhibited the same char- 
acteristic and hence are not shown, The reasons attributed to this 
observation are based on the fact that the large inboard part of the 
cranked wing is the dominant geometric feature that governs the flow 
fields near FP flow transition. Thus, radical changes in the small 
tip have very little effect on this transition. 
The straked wing shown in figure 4 represents a variation of 
cranked wing planforms where the outboard t1tipt8 panel is dominant. 
This wing was tested because: (1) it is representative of the F-16 
planform, and (2) a force and pressure model of this same geometry 
will be tested at a later date by General Dynamics, High-speed movies 
were also made of the vortex flow visualizations for this model which 
will be discussed in the next subsection. Test results for the 
straked wing were: 
TE vortex burst = 18 deg increasing incidence 
FP flow transition = 48 deg increasing incidence 
FP flow transition = 43.5 deg decreasing incidence 
TE vortex burst = 18 deg decreasing incidence 
For a strake sweep of 76 deg, the delta wing TE vortex burst angle 
would be about 34 deg as shown in figure 5. In the presence of the 
large outboard 40 deg panel, this was reduced to 18 deg which il- 
lustrates the effect increasing the tip panel size for cranked wing 
geometries. In the case of the cranked wings discussed earlier, the 
observation that TE vortex burst angle for increasing incidence was 
little affected by tip sweep or positive dihedral was attributed to 
small tip panel size. In that case, the inboard panel vortex domi- 
nated the outboard panel flow fields prior to burst. For the straked 
wing, earlier breakdown of the large outboard panel due to lower 
sweep led to early breakdown of the strake vortex. The FP flow tran- 
sition angle was likewise reduced to 43.5 - 48 deg from the range of 
about 52 - 55 deg shown in figure 6 for a 75 deg delta wing. The 
idea of straked wing designs, however, is not to achieve the high 
incidence characteristics of the strake but to extend the incidence 
range of lower swept higher aspect-ratio wings which have better 
efficiencies than highly swept delta wings (refs. 5 and 6). 
The absence of hysteresis for TE vortex burst on the straked 
wing is puzzling but the 4.5 deg amplitude for FP flow transition is 
in -line- with -those amplitudes shown in figure 6 .  The angle for TE 
vortex burst of 18 deg correlates quite well with the observed lift 
curve break at 18 deg for the YF-16 at low speeds (ref. 6); there- 
fore, the basic flow field properties are probably correct, A p ~ s -  
sible explanation is that the outboard panel exhibits orderly growth 
of trailing-edge separation and since i% dominates the strake,  the 
strake vertex likewise bursts in an orderly fashion, In this ease 
the outboard panel dominates f o r  both increasing and decreasing in- 
cidence and hence little or no hysteresis appears in the TE vortex 
burst point, For the case of the cranked wings discussed earlier, 
the hysteresis was a result of differing dominance with incidence 
direction; with increasing incidence, the inboard panel leading-edge 
vortex dominated the tip panel flow fields, and with decreasing inci- 
dence, the separated flow on the wing tip dominated itself. 
High-Speed Movie Results 
High-speed movies at 1000 frames per second were made of the 
vortex flow visualization in order to better understand the dynamics 
of the unsteady separated flows. A schematic of the flow visualiza- 
tion is shown in figure 10 to orient the reader with the photos to be 
discussed. These discussions will be based on conclusions arrived at 
from viewing the movies, thus the writer will verbally add the dyna- 
mic effects to the individual frames taken from the movies. 
The frames shown in figure 11 are taken from a high-speed movie 
made of a slow pitch sweep up to 55 deg incidence for the straked 
wing that was just discussed in the previous subsection. The only 
difference between the movie configuration and that above was the 
flat extension just aft of the wing as noted in figure 10. At about 
15 deg (figure lla) the strake vortex is about to burst as noted by 
a kink that developed just aft of the trailing edge. At about 20 
deg (figure llb) the vortex has burst and the movie is already show- 
ing the swirling pattern associated with spiral burst. Also, in the 
movie it is evident that significant spanwise flow outboard along the 
trailing edge is occurring which is attributed to trailing-edge sepa- 
ration as discussed previously for the straked wing. At about 28 
deg (figure llc) the burst has progressed to a point just aft of the 
wing/strake intersection. The spiral vortex breakdown as well as the 
spanwise trailing-edge flow are now more evident. At about 35 deg 
(figure lld), the burst has moved forward and developed further but 
is similar in appearance to that at 28 deg. At about 45 deg (figure 
lle), the outer wing panel has transitioned to FP flow as indicated 
by absence of smoke over that region. As shown in the movie, this 
transition was very abrupt. At about 55 deg (figure llf), the flow 
picture has not changed much from that at 45 deg. In both figures 
lle and llf, the strake flow forward of the outboard panel leading 
edge is completely burst but still vertical. 
Figure 12 show ilar sequence of frames taken from a high- 
speed movie made of a slow pitch sweep up to about 60 deg for a 
cranked wing with 68,s degj21.5 deg leading-edge sweeps. The wing 
planfom, also shown in figure 12, is similar to but slightly dif- 
ferent than that discussed in the previous subsection sf this paper, 
Nevertheless, the basic flow f i e l d  characteristics are similar, A t  
about 2 8  deg (figure 12a) the vortex is well famed, Burst occurs 
at about 24-25 deg as shown i n  f igure  12b which correlates well with 
the data in figure 5 fo r  a 68.5 deg swept delta. The burst is lsca- 
ted just fornard of the wing crank right after its initial appear- 
ance. The high-speed movie shows a very rapid movement of the burst 
from the trailing edge to the point shown in figure 12b which is part 
of the hysteresis mechanism discussed previously. At about 35 deg 
(figure 12c) the burst has further developed and is very close to the 
wing vertex. This frame very clearly shows the spiral vortex burst. 
At about 45 deg (figure 12d) the vortex is completely burst but the 
flow is still vortical just prior to FP flow transition. At about 55 
deg (figure 12e) FP flow, or total separation, is shown for which 
the transition occurredvery abruptly at about 46-47 deg. During the 
reverse pitch sweep back to zero incidence as shown in the movie, 
hysteresis for the FP flow transition is not as clear as that for TE 
vortex burst. The angle for the TE vortex burst with decreasing inci- 
dence is about 16-17 deg, thus the hysteresis amplitude of about 8-9 
deg can be easily detected in the movie. Also, the different speed 
of vortex burst movement near the trailing edge for increasing and 
decreasing incidence is clearly evident. 
The high-speed movies of vortex flow visualization have provided 
valuable insight to the dynamics of vortex flows, burst, and transi- 
tions. With a shutter speed of 1/3000 sec at 1000 frames per second 
and flow velocities of about 30 m/sec, the spiral motion of vortex 
burst was stopped. Vortex burst movement on the cranked wing during 
initial development was slowed down to show that even though the 
dewel-opment was very rapid, it was orderly. Also spanwise trailing- 
edge flow during vortex burst on the straked wing was shown to be a 
possible explanation for the absence of TE vortex burst hysteresis 
for that wing. FP flow transitions were shown to be very rapid for 
all wings for either increasing or decreasing incidence. 
CONCLUDING REMARKS 
An experimental study was conducted to quantify t 
associated with various vortex flow transition points and determine 
the effect of planfom geometry on their characteristics. The 
transition points observed consisted of the appearance (or disappear- 
ance) of trailing-edge (TE) vortex burst and transition to (or from) 
flat plate (FP) flows. Flow visualization with smoke injected into 
the vortices was used to identify the transitions that occurred on a 
series of semi-span models tested in a low-speed wind tunnel at about 
30m/sec. The planfoms tested consisted of simple deltas (55 to 80 
deg sweep), cranked wings with varying Lip pa sweep and dihedral, 
and a straked wing, High-speed movies a t  1088 frames/sec were made 
of the vortex flow visualization in order to better understand %he 
dynamics of vortex Flow and burst as well as the transition from one 
flow type to another, 
Results were obtained for the hysteresis characteristics of both 
TE vortex burst and FP flow. Delta wings were first tested for a 
series of leading-edge sweeps of 55, 60, 65, 70, 75 and 80 degrees. 
TE vortex burst angles were determined and good correlation with 
o t h e r  publ i shed  d a t a  v e r i f i e d  t h e  test s e t u p  and procedure; however, 
little or no hysteresis was observed. Particular attention was paid 
to the semi-span test techniques. FP flow transition angles were 
found to increase with leading-edge sweep in much the same way as TE 
v o r t e x  burs t ;  however, a hysteresis was observed which was constant 
at about 3-4 deg. This transition consistently occurred at higher 
angles for increasing incidence than for decreasing incidence. 
Test results for the cranked wings exhibited very interesting 
effects of tip panel geometry on the hysteresis characteristics. For 
a f i x e d  inboard sweep o f  70 d e g ,  varying t h e  outboard sweep from 30 
to 70 deg showed a reduction of TE vortex burst hysteresis from 8 
deg at 30 deg sweep to 0 deg at 60 deg and 70 deg sweeps. Vary- 
ing  t i p  panel  d i h e d r a l  from -90 to +90 deg f o r  t h e  70 deg/30 deg 
cranked wing also showed a reduction of TE vortex burst hysteresis. 
For d i h e d r a l  varying from 0 to 90 deg,  t h e  h y s t e r e s i s  was reduced 
from 8 deg at 0 deg dihedral to 0 deg at 60 deg dihedral where the 
a n g l e  f o r  . T E  v o r t e x  b u r s t  was a l s o  s l i g h t l y  i n c r e a s e d .  A t  90 deg 
dihedral, the hysteresis was zero;  however, the TE vortex burst angle 
was lowered significantly. For negative dihedral, the hysteresis was 
again reduced, but the TE vortex burst angle was consistently lower 
for all values. The influence of tip panel geometry was found to be 
insignificant for the transition to FP flows. This characteristic 
was about the same as that for the 70 deg delta. 
The s traked wing t e s t e d  with  76 deg/40 deg leading-edge sweep 
was similar to an idealized F-16 and represented a variation on 
cranked wings where the outboard panel was the dominant surface. The 
absence of TE vortex burst hysteresis was attributed to the orderly 
development of t r a i l i n g - e d g e  separation on the 40 deg panel as 
observed in the high-speed movies. Hysteresis was observed for FP 
flow transition and was associated with total separation of the 40 
deg panel. This separation was obsewed in the high-speed movies to 
be very abrupt. 
The high-speed movies provided valuable insight to the dynamics 
of vortex flows, burst and transition. The spiral motion of vortex 
burst was stopped and the very rapid initial movement of the burst 
point on the cranked wings was shown to have an orderly development. 
Spanwise flow a long  t h e  t r a i l i n g  edge f o r  vortex burst on t h e  straked 
wing was  shown to be a possible explanation f o r  the absence o f  TE 
vortex burst hysteresis f o r  that wing. Fina l ly ,  the transition to FP 
flow was found to be very abrupt, even at 1080 %rames/secs for all 
wings for either increasing or decreasing incidence. 
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TABLE 1 Model specifications 
Root Leading Edge Tip Panel Tip Panel Location of 
Chord, cm Sweep, Deg Sweep, Deg Dihedral, Deg Crank, % Span 
DELTA WINGS 
22.9 cm 55O - - - 
CRANICED WINGS 
3 0 . 5  cm 7 o0 3 o0 o0 7 0 %  
STRAKED WING 
26 cm 7 6O 4 o0 o0 2 5 %  
ALPHA 
Figure 1 Regimes of Vortical Flow Development. 
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V I S C O U S  VORTICAL FLOW CALCULATIONS OVER D E L T A  WINGS 
G ,  Blom, 3 ,  C, Wai, and H, Yoshihara 
~ o e i  ng M i  1 i l a r y  A-i r p l ane  Company 
Sea t t l e ,  Washington 
SUMMARY 
Two approaches t o  c a l c u l a t e  t u r b u l e n t  v o r t i c a l  f l ows  over  d e l t a  wing 
c o n f i g u r a t i o n s  a re  i l l u s t r a t e d .  The f i r s t  i s  f o r  a  s imple d e l t a  wing a t  low 
speeds us ing  the  boundary l a y e r  approx imat ion t o  t r e a t  t h e  e f f ec t s  of t h e  
secondary separat ion.  The second i s  f o r  t h e  supersonic case of a  gener ic  
f i g h t e r  u s i n g  t h e  NASA Ames parabo l i zed  Navier IStokes method. Tes t l t heo ry  
comparisons a re  g iven  i n  bo th  cases. 
The concept o f  c o n t r o l  l e d  separat ions due t o  D. ~bchemann ( r e f .  1) p lays  
an impor tan t  r o l e  i n  t h e  h i gh  l i f t  performance o f  advanced combat a i r c r a f t .  
Here t h e  sharp l e a d i n g  edges o f  t h e  h i g h l y  swept wing r e q u i r e d  f o r  supersonic 
performance a re  pa r l ayed  i n t o  produc ing s t a b l e  l i f t - g e n e r a t i n g  leading-edge 
separa t ion  vo r t i ces .  Such v o r t i c e s  can f u r t h e r  serve as t h e  base f o r  a  
p o t e n t i a l l y  power fu l  fas t - response c o n t r o l  system. 
I n  t h e  f o l l o w i n g ,  two cases o f  t u r b u l e n t  v o r t i c a l  f l ows  a re  ca l cu la ted .  
I n  t h e  f i r s t ,  t h e  low-speed f l o w  over a  s lender  f l a t  p l a t e  d e l t a  wing a t  a  
l a r g e  angle o f  a t t a c k  i s  considered, Here t h e  f l o w  separates a long  t h e  sharp 
l e a d i n g  edges fo rming  t h e  fami l i a r  pr imary separa t ion  v o r t i c e s .  T h e i r  e f f e c t ,  
t o  a  good approximat ion, can be t r e a t e d  by an i n v i s c i d  theory .  The p r imary  
v o r t i c e s  i n  t u r n  impress an adverse pressure g rad ien t  on t h e  upper surface 
boundary l a y e r  caus ing i t  t o  separate when t h e  angle o f  a t t a c k  i s  s u f f i c i e n t l y  
l a rge .  The consequence o f  these secondary separa t ions  i s  t o  suppress s i g n i f -  
i c a n t l y  t h e  s u c t i o n  peaks generated by t h e  p r imary  v o r t i c e s .  Our o b j e c t i v e  i s  
t h e  c a l c u l a t i o n  o f  t h e  displacement e f f e c t s  o f  t h e  secondary separat ion,  
coup l i ng  t h e  3D i n t e g r a l  boundary l a y e r  method w i t h  t h e  leading-edge vo r t ex  
panel  method. The problem t h a t  must be reso lved  i s  t h e  p roper  f o rmu la t i on  
(and s o l u t i o n )  o f  t h e  boundary l a y e r  problem and i t s  convergent coup l ing  w i t h  
t h e  i n v i  s c i  d  problem. 
I n  t h e  second case, t h e  supersonic f l o w  over  a  gener ic  f i g h t e r  (Model 
-350) a t  l a r g e  angles o f  a t t a c k  i s  considered, Here a s i g n i f i c a n t l y  more 
complex system o f  separa t ion  v o r t i c e s  a r i s e s  which i s  shed f rom t h e  wing and 
fuse lage nose, For  t h i s  complex f l o w  t h e  boundary l a y e r  approach used i n  t h e  
f i r s t  case i s  no l onge r  expedient.  The f l o w  i s  t r e a t e d  g l o b a l l y  us i ng  t h e  
parabol  i z e d  Mavier/Stokes (PNS) equat ions w i t h  a m i x i ng  l e n g t h  tu rbu lence  
model, 
THE BOUNDARY LAYER LIMIT LOW-SPEED DELTA WING* 
The 30 i n t e g r a l  boundary l a y e r  method used was developed by t ,  Wigton 
( r e f ,  3) and i s  e s s e n t i a l l y  t h a t  o f  P, D. Smith ( r e f ,  4) .  Here t h e  p l ana r  
Green's l a g  e n t  r a i  nment equat ions a r e  embedded i n t h e  s t  r e a m i  se d i  r ec t i on ,  
and t h e  t r ansve rse  equat ions are d e r i v e d  assuming Mager's c ross - f  low v e l o c i t y  
p r o f i l e .  The r e s u l t i n g  system o f  equat ions i s  composed o f  f o u r  f i r s t - o r d e r  
p a r t i a l  d i f f e r e n t i a l  equat ions c o n t a i n i n g  s i x  unknowns, It must be presumed 
t h a t  these equat ions become f u l l y  determinate when coupled t o  t h e  equ i va len t  
i n v i s c i d  f l o w  problem. Since i t  i s  d i f f i c u l t  t o  so l ve  t h e  problem i n  t h i s  
g l o b a l  fo rmu la t ion ,  t h e  s o l u t i o n  i s  sought by an i t e r a t i v e  procedure c o u p l i n g  
t h e  boundary l a y e r  and i n v i s c i d  f lows.  
The r e s u l t i n g  boundary l a y e r  problem i s  made determinate by ass ign ing  t h e  
values o f  two o f  t h e  s i x  unknowns. The cho ice  o f  t h e  two i n p u t  f unc t i ons  must 
be such t h a t  t h e  r e s u l t i n g  boundary l a y e r  problem can be so lved  e x p e d i t i o u s l y  
f o r  t h e  separated case and t h a t  a  convergent coup l i ng  w i t h  t h e  i n v i s c i d  f l o w  
can be achieved i n  a  systemat ic  fash ion.  We s h a l l  use t h e  d i r e c t  f o rmu la t i on  
o f  t h e  boundary l a y e r  problem where t h e  i n v i s c i d  su r f ace  v e l o c i t y  components 
a r e  used as inpu ts .  By t h i s  cho ice  t h e r e  i s  a  d i r e c t  i n p u t / o u t p u t  compati- 
b i  l i t y  between t h e  boundary l a y e r  and i n v i s c i d  f l o w  problems, The r e s u l t i n g  
s e t  of equat ions i s  f u l  l y  hype rbo l i c  p e r m i t t i n g  a  f i n i t e - d i f f e r e n c e  marching 
when t h e  i n i t i a l  data l i n e s  a re  space- l ike,  l r re l i m i t i n g  and i n v i s c i d  sur face  
s t reaml ines  form two o f  t h e  f o u r  c h a r a c t e r i s t i c s  which de f ine  t h e  domain of 
dependence, 
F o r  t h e  problem o f  t h e  secondary separa t ion  f o r  t h e  d e l t a  wing, we s h a l l  
use t h e  x  = cons tan t  l i n e s  ( x  i s  i n  t h e  streamwise d i r e c t i o n )  which a re  p roper  
i n i t i a l  data l i n e s .  The i n i t i a l  da ta  t o  be assigned a r e  n o t  known i n  advance 
and must be determined by a  "march/step back" procedure assuming t h e  f l o w  i n  
t h e  w ing  apex reg ion  t o  be con ica l .  Once t h e  i n i t i a l  da ta  a re  es tab l i shed ,  a 
streamwise f i n i t e - d i f f e r e n c e  marching i s  c a r r i e d  ou t  u s i n g  a  f i r s t - o r d e r  ex- 
p l i c i t  d i f f e r e n c i n g ,  b i a s i n g  t h e  l a t e r a l  d e r i v a t i v e s  t o  cover t h e  
c h a r a c t e r i  s t i  c  domain o f  dependence. 
Fo r  severe ly  separated cases (H 2 2.5) an i 11-condi t i o n i n g  o f  one of 
Green's equat ions a r i s e s  caused by t h e  d e r i v a t i v e  of t h e  fo rm f a c t o r  f u n c t i o n  
R = R(R1) becoming very l a r g e  ( r e f .  5) .  Th is  i l l - c o n d i t i o n i n g  has been e r r o -  
neously a t t r i b u t e d  t o  t h e  appearance of  separa t ion  w i t h  i t s  envelope o f  
l i m i t i n g  s t reaml ines  as w e l l  t o  t h e  Go lds te i n  s i n g u l a r i t y ,  b u t  i t  i s  c l e a r l y  
due t o  t h e  Fl = R(R1) model ing r e q u i r e d  f o r  t h e  c losure .  The ill- 
c o n d i t i o n i n g  can be c i  rcumvented by r e c a l  l i n g  t h a t  severe ly  separated boundary 
l a y e r s  assume an e q u i l i b r i u m  s t a t e  whereby t h e  form f a c t o r  fl i s  g iven d i r e c t l y  
i n  terms o f  t h e  pressure g rad ien t  ( r e f .  6) .  The e r r a n t  d i f f e r e n t i a l  equa t ion  
i s  then rep laced by b lend ing  i n  t h e  e q u i l i b r i u m  f l o w  as t h e  i l l - c o n d i t i o n i n g  
a r i ses ,  Such l a r g e  values o f  fl occur  f o r  example i n  t h e  shock-induced and a f t  
separa t ions  a r i s i n g  i n  t h e  t h e  t r a n s o n i c  f low over swept wings, bu t  t hey  w i l l  
no t  a r i s e  i n  t h e  present  case o f  t h e  low-speed secondary separat ion.  
For  t h e  low-speed case considered, t h e  leading-edge v o r t e x  panel method i s  
used f o r  t h e  equ i va len t  i n v i s c i d  f low,  Here t h e  leading-edge sepa ra t i on  
v o r t i c e s  a re  paneled as a  p o t e n t i a l  v o r t e x  sheet, and t h e i r  l o c a t i o n s  a re  
determined by an i t e r a t i v e  procedure, S ince t h i s  panel method d i d  n o t  have 
p r o v i s i o n s  f o r  v iscous t r a n s p i r a t i o n  v e l o c i t i e s ,  t h e  upper su r f ace  viscous 
displacements were ha lved  t o  approximate a  wing camber change, 
The f i r s t  case cons idered was a  f l a t  p l a t e  d e l t a  w ing  o f  76O s  eep (aspect t r a t i o  = 1) a t  11° angle of a t t a c k  and a  Reynolds number o f  35 x  10 based on 
t h e  7.3 meter r o o t  chord. Boundary l a y e r  measurements were ob ta ined  by East 
( r e f .  7 ) .  For t h i s  case, o n l y  t h e  boundary l a y e r  was c a l c u l a t e d  i n p u t t i n g  t h e  
measured sur face  v e l o c i t y  and f l o w  d i r e c t i o n .  I n  f i g u r e  1 t h e  c a l c u l a t e d  
boundary l a y e r  v a r i a b l e s  a re  compared w i t h  t h e  measurements, w h i l e  i n  f i g u r e  2 
t h e  l i m i t i n g  s t r eam l i ne  s lopes a re  shown toge the r  w i t h  a  comparison o f  t h e  
c a l c u l a t e d  and measured secondary sepa ra t i on  l i n e s .  Good agreement i s  seen i n  
b o t h  f i gu res. 
To i 1  l u s t r a t e  t h e  i n v i s c i  d / v i s c i d  f l o w  coupl ing,  we have nex t  cons idered 
t h e  low-speed f l o w  over  t h e  same f l a t  p l a t e  d e l t a  w ng a t  20.5' angle o f  A a t t a c k  and a t  a  sma l l e r  Reynolds number o f  0.9 x  10 based on t h e  0.75-meter 
r o o t  chord. Wind t unne l  t e s t s  were c a r r i e d  ou t  f o r  t h i s  case by Hummel 
( r e f .  8). Four i t e r a t i o n s  between t h e  panel method and t h e  boundary l a y e r  
s o l u t i o n s  achieved a  reasonable convergence. The r e s u l t i n g  pressure d i s t r i -  
b u t i o n  a t  two chordwise s t a t i o n s  a r e  shown i n  f i g u r e  3. Though t h e  t e s t /  
t heo ry  comparison i s  o n l y  f a i r ,  t h e  t heo ry  appears t o  have y i e l d e d  t h e  general  
e f f e c t s  o f  t h e  v iscous displacement under t h e  s u c t i o n  peak. The undes i rab le  
reexpansion near t h e  l e a d i n g  edge i s  most probably  due t o  t h e  inadequate 
p a n e l i n g  o f  t h e  f r e e  sheet ad jacen t  t o  t h e  l e a d i n g  edge. Here convergence of 
t h e  v o r t e x  s o l u t i o n  cou ld  no t  be achieved when a  more r e f i n e d  pane l i ng  o f  t h e  
f r ee  sheet was used. The agreement o f  t h e  pressures i n  t h e  i nboa rd  reg ion  
might be improved by i n c o r p o r a t i n g  t h e  f u l l  t r a n s p i  r a t i o n  v e l o c i t y  e f f e c t s .  
W i th  t h e  r e l a t i v e l y  poor exper ience w i t h  t h e  leading-edge v o r t e x  panel method, 
i t  would be d e s i r a b l e  t o  repeat  t h e  c a l c u l a t i o n s  u s i n g  t h e  E u l e r  equat ions 
w i t h  t h e  p roper  v iscous t r a n s p i  r a t i o n  v e l o c i t i e s .  
I n  f i g u r e  4 t he  l i m i t i n g  s t r eam l i ne  s lopes a re  shown. Good t e s t l t h e o r y  
agreement i n  t h e  secondary sepa ra t i on  l i n e  i s  found. Here a l s o  an o i l - f l o w  
p i c t u r e  f rom reference 8 i s  shown. It should be noted t h a t  t h e  Reynolds 
number was inadequate i n  t h e  exper iments t o  achieve n a t u r a l  t u r b u l e n t  flow. A  
r a d i a l  boundary l a y e r  t r i p  was r e q u i r e d  as shown i n  f i g u r e  4. The ca l cu la -  
t i o n s  were however c a r r i e d  ou t  assuming t h e  boundary l a y e r  t o  be f u l l y  
t u r b u l e n t ,  
PNS CALCULATIONS-SUPERSONIC MODEL- 350 FIGHTER 
The c a l c u l a t i o n s  f o r  t h e  Model-350, shown i n  f i g u r e  5, were c a r r i e d  ou t  
under a  NASA AmesIBoeing coopera t i ve  study. Other r e s u l t s  from t h i s  e f f o r t  
were presented e a r l i e r  by Dr, D, Chaussee ( r e f ,  9 ) ,  The Model-350 was 
se lec ted  s i nce  pressure d i s t r i b u t i o n  and boundary l a y e r  p r o f i l e  measurements 
were a v a i l a b l e  ( r e f ,  1 0 ) ,  
The Ames PNS code was o r i g i n a l l y  developed by L ,  S e h i f f  and J, Steger  
r e f  1 )  The PNS equat ions a re  t h e  steady t h i n - l a y e r  Reynolds-averaged 
Nav ie r lS tokes  equat ions i n  which t h e  p ressure  i s  assumed t o  be i n v a r i a n t  
across t h e  subsonic p o r t i o n  o f  t h e  boundary l aye r ,  The r e s u l t i n g  equat ions 
can be marched i n  t h e  s t r e a m i s e  d i r e c t i o n  when t h e  i n v i s c i d  f l o w  i s  
supersonic,  
The bow shock from t h e  fuse lage  nose i s  f i t t e d ,  b u t  a l l  i n t e r i o r  shocks 
a r i s i n g  f a r t h e r  downstream a re  cap tu red  as f o r  example t h e  K u t t a  shock f rom 
t h e  t r a i l i n g  edge o f  t h e  wing ( f i g .  6 ) .  P K u t t a  shock and an expansion 
f an  a r e  t h e  dominant mechanisms by which t h e  d i f f e r i n g  upper and lower  
sur face  f l ows  a d j u s t  t o  form t h e  wake. There i s  a l s o  a  weaker "Ku t t a  
adjustmeri t"  th rough  t h e  subsonic sub layer  embedding t h e  t r a i  l i n g  edge which i s  
d i s t o r t e d  by b o t h  t h e  sub layer  approx imat ion i n  t h e  boundary l a y e r  and t h e  
o v e r l a y i n g  unphysi  c a l  l y  th ickened shock ( f i  g. 6 ) .  The consequence of t h i  s  
d i s t o r t i o n  i s  l o c a l  and should no t  a f f e c t  t h e  o v e r a l l  l i f t .  
The c a l c u l a t i o  s  were c a r r i e d  o u t  f o r  a  Mach number o f  2.2 and a  Reynolds 1 number of 4.3 x  1 0  based on t h e  2.4 f o o t  mean wing chord. Angles o f  a t t ack  
of 4', l o 0 ,  14', and 18' were ca l cu la ted ,  b u t  o n l y  t h e  r e s u l t s  f o r  14O a r e  
presented. I n  f i g u r e  7 i s  shown t h e  mesh a t  a  wing s t a t i o n  generated by an 
e l l i p t i c  method. There a re  45 p o i n t s  i n  t h e  r a d i a l  d i r e c t i o n  and 91 p o i n t s  
a long  t h e  h a l f  c i rcumference. I n  f i g u r e  8 t h e  c a l c u l a t e d  p ressure  d i s t r i b u -  
t i o n s  a t  14' ang le  o f  a t t ack  a re  compared w i t h  t h e  measured d i s t r i b u t i o n s  a t  
severa l  streamwise s t a t i o n s .  Good agreement i s  seen here cons i s ten t  w i t h  t h e  
comparisons found a t  t h e  o t h e r  angles o f  a t t ack .  I n  f i g u r e  9 we compare t h e  
corresponding p i t o t  pressure p r o f i l e s  i n  t h e  boundary l a y e r  a t  severa l  
l o c a t i o n s  i n  a  streamwise cu t .  The agreement i n  t h e  p r o f i l e s  i s  reasonably 
good except  where an inadequate ly  r e f i n e d  mesh was used as a t  S t a t i o n  A. The 
inadequacy o f  t h e  mesh here becom15s ev iden t  by n o t i n g  t h e  steepness o f  t h e  
measured v e l o c i t y  g rad ien t  i n  t h e  sub layer  r e l a t i v e  t o  t h e  mesh used. The 
c a l c u l a t i o n s  have f u r t h e r  y i e l d e d  d e t a i l s  o f  t h e  p r o f i l e  as t h e  "wigg le"  a t  
t h e  fuse lage  s i d e  ( S t a t i o n  C )  and on t h e  w ing  ( S t a t i o n  G) caused by a  stream- 
wise vo r t ex  which was de tec ted  f rom t o t a l  p ressure  and v o r t i c i t y  maps. Thus 
t o  improve t h e  o v e r a l l  t e s t l t h e o r y  match o f  t h e  p i t o t  p r o f i l e s ,  one must 
r e f i n e  t h e  mesh i n  t h e  sublayer,  perhaps i n s e r t i n g  a  w a l l  f u n c t i o n  t o  moderate 
t h e  r e s u l t i n g  computer cost.  
I n  f i g u r e  1 0  t h e  streamwise v o r t i c i t y  and Mach number contours  i n  a  
t r ansve rse  p lane  a t  a  wing s t a t i o n  a re  shown, w h i l e  i n  f i g u r e  11 t h e  co r re -  
sponding t r ansve rse  v e l o c i t y  vec to r  map i s  given. Here t h e  fuse lage  and wing 
v o r t i c e s  a re  ev iden t .  It i s  f u r t h e r  seen t h a t  t h e  separa t ion  on t h e  w ing  
o r i g i n a t e s  no t  a long  t h e  l e a d i n g  edge b u t  a t  f a r t h e r  downstream po in t s .  
CONCLUDING REMARKS 
Two l e v e l s  o f  computing t h e  v iscous v o r t i c a l  f l ows  over  d e l t a  wing c o n f i g -  
u r a t i o n s  a t  l a r g e  angles o f  a t t ack  were demonstrated, In t h e  f i r s t ,  t h e  
boundary l a y e r  method was used t o  determine t h e  v iscous displacement e f f e c t s  
of t h e  secondary separa t ion  over  a f l a t  p l a t e  d e l t a  wing a t  low speeds. Here 
t h e  equ i va len t  i n v i s c i d  f l o w  c o n t a i n i n g  t h e  p r imary  separa t ion  v o r t i c e s  was 
caScuSated us ing  t h e  leading-edge vor tex  panel method w i t h  the  separat ion l i n e  
f i x e d  a long the  lead ing  edge, The r e s u l t s  i n d i c a t e d  t h a t  t h e  formulat ion o f  
t he  boundary l a y e r  problem i n  the  d i r e c t  mode and t h e  s o l u t i o n  procedure were 
sound f o r  t he  secondary s q a r a t i o n  bu t  the  leading-edge vor tex  panel method 
f o r  t he  equ iva len t  i n v i s c i d  f l ow  was inadequate, Here the  s u b s t i t u t i o n  o f  the  
Eu ler  code w i t h  p rov is ions  fo r  viscous t r a n s p i r a t i o n  v e l o c i t i e s  would be de- 
s i rab le .  The d i r e c t  mode i n v i s c i d / v i s c i d  f l o w  coup l ing  d i d  not  o f f e r  any 
d i f f i c u l t i e s ,  
I n  t h e  more complicated case o f  t h e  Model-350 f i g h t e r  a  more g loba l  
approach w i t h  the  PNS method was used. Reasonable tes t / t heo ry  match was 
obta ined f o r  t he  surface pressure d i s t r i b u t i o n s  and fo r  t h e  boundary l aye r  
p i t o t  pressure p r o f i l e s  when an adequately r e f i n e d  mesh was used. Remarkably 
t h e  a1 gebraic  Baldwi n/Lomax turbulence model ( b a s i c a l l y  t h e  two- layer  Cebeci / 
Smith model) cont inues t o  be a  v iab le  framework t o  t r e a t  complex viscous f lows 
as t h e  present one. There c l e a r l y  i s  no immediate need t o  t u r n  t o  more funda- 
mental, though not  necessari l y  more accurate, t ranspor t  equat ion models t h a t  
g r e a t l y  increase the  computer time. 
The more w ide ly  recognized advantage of t he  PNS method r e l a t i v e  t o  the  ARC 
3D method i s  t he  g rea t l y  reduced computing t ime due t o  the  reduct ion  o f  an 
unsteady problem t o  a  steady one. A l ess  obvious though a  more important  ad- 
vantage f o r  complex conf igura t ions  as t h e  Model -350 w i t h  nace l les  and a f t  
s t a b i l i z i n g  surfaces i s  t he  r e s u l t a n t  s i m p l i f i c a t i o n  o f  t h e  mesh generat ion 
from a  30 t o  a  2D problem. 
These s i  gni f i c a n t  advantages must be weighed against  t h e  shortcomings o f  
the  PNS method which preclude reversed flows and d i s t o r t  t he  e l l i p t i c  i n f l u -  
ence mechanism through t h e  t h i n  subsonic p o r t i o n  of t he  boundary layer .  The 
consequences o f  the  l a t t e r  however should no t  be of s i  gni f icance except where 
abrupt streamwise con f i gu ra t i on  slope changes ar ise,  as a t  t he  l ead ing  edge o f  
the  wing roo t  sec t ion  o r  along the  wing t r a i l i n g  edge, where l a r g e  streamwise 
pressure gradients as shock waves are  produced. Here t h e  upstream in f l uence  
through t h e  subsonic p o r t i o n  of the  boundary l a y e r  w i l l  be l o c a l i z e d  f o r  t u r -  
bu len t  f lows i n  t he  absence of separat ion. 
The experience w i t h  the  two l e v e l s  of t r e a t i n g  viscous v o r t i c a l  f lows 
suggests genera l l y  t h a t  t he  g lobal  approach w i t h  the  Navier/Stokes method 
i s  t he  s impler  more s t ra igh t fo rward  method f o r  t he  user. Computer costs, 
p a r t i c u l a r l y  w i t h  the  ARC 3D code, w i l l  cont inue t o  be a  s i g n i f i c a n t  issue f o r  
some time. The boundary l aye r  method w i l l  thus have i t s  r o l e  o f  t r e a t i n g  t h e  
s imp ler  separated f lows as those considered herein. 
F i n a l l y  we would l i k e  t o  express our g r a t i t u d e  t o  D r .  L. Sch i f f  and Dr. D. 
Chaussee o f  NASA/Ames fo r  i n d o c t r i n a t i n g  us on the  PNS code. 
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S 
This paper describes the current capabilities and the future plans for a three- 
dimensional Euler Aerodynamic Method. The basic solution algorithm is based on the 
finite-volume, Runge-Kutta ' pseudo-time-stepping scheme of FLO-57. Several 
modifications to improve accuracy and computational efficiency have been incorporated 
and others are being investigated. The computer code is used to analyze a cropped 
delta wing at 0.6 Mach number and an arrow wing at 0.85 Mach number. Computed 
aerodynamic parameters are compared with experimental data. In all cases, the 
configuration is impulsively started and no Kutta condition is applied at sharp 
edges. The results indicate that with additional development and validation, the 
present method will be a useful tool for engineering analysis of high-speed aircraft. 
INTRODUCTION 
The simulation of three-dimensional vortices interacting with lifting surfaces is of 
considerable importance to aircraft designers. This problem is of special 
significance for supersonic-cruise aircraft which have highly swept slender wings. 
At moderate-to-high angles of attack, the flow invariably separates from the leading 
edges resulting in the formation of free vortices above the wing. Significant 
improvements in aerodynamic performance can be derived, as shown in Figure 1, by 
careful generation and control of these vortices. At the present time, a designer 
has to rely on extensive and costly wind/tunnel tests. The development of accurate, 
efficient, and reliable computational methods will provide a more economical means of 
designing aerospace vehicles. 
ch on leading-edge-separated-flow simulation has produced a variety of 
computational methods. At one end of the spectrum are the vortex-lattice (Refs. 1-4) 
and free-vortex-sheet methods (Refs. 5 , 6 ) .  Since they are based on a linearized 
potential-flow formulation, rotational vortex flow cannot be predicted as part of the 
solution. The leading-edge vortex has to be explicitly modeled either indirectly 
using the suction analogy of Polhamus (Ref. 7) or directly using singularity 
distributions (Refs, 4 , 5 ) .  At the other end of the spectrum are the finite-difference 
methods based on the Reynolds-averaged Navier-Stokes equations (Ref. 8) which provide 
an essentially complete f luid-dynamic model. Their use offers the major advantage 
that the leading-edge vortices result as a part of the solution. However, the 
available methods are not suitable for routine practical applications due to the 
exorbitant requirements of computational resources and the lack of a suitable 
universal turbulence modeli 
Weeent advances in numerical algorithms to solve the Euler  equations (Refs. 9,101 
provide an attractive and cost-effective alternative to using Navier-Stokes codes. 
Their ability to automatically capture regions of r o t a t i o n a l  flows has been 
demonstrated by several investigations (Refs, 11-15), I n  this paper,  the  current 
status and planned development of a three-dimensional Euler Aerodynamic Method (TEAM) 
and its application to model leading-edge separated flow about a cropped-delta wing 
and an arrow wing are presented. 
TEAM represents a modular computational system being developed by the Eockheed- 
California Company for analyzing complete aircraft configurations. A schematic of 
the system is shown in Figure 2. This development is being partially funded by the 
U. S. Air Force Wright Aeronautical Laboratory (AFWAL)/Flight Dynamics Laboratory 
(FDL) under a three-year contract (F33615-84-C-3005). The basic features of the 
method are described in the next section. 
THREE-DIWENSIONAL EULER AERODYNAMIC METHOD 
The explicit pseudo-time-stepping, finite-volume algorithm of Jameson et al. (Ref, 
9), modified by Lockheed-California Company over the past three years, forms the 
core of the TEAM code. Jamesonfs original wing-alone code is widely known as FLO-57. 
The region surrounding a given configuration is subdivided into small cells. In each 
of the cells, the time-dependent Euler equations (in integral equation form), 
representing the mass, momentum, and energy conservation, are integrated in time 
using a multi-stage Runge-Kutta scheme. To accelerate convergence to the steady 
state, local rather than global time steps are used. Implicit residual smoothing 
(Ref. 16) further reduces the number of time steps required to reach the steady 
state. Appropriate non-reflecting boundary conditions based on Riemann invariants 
(Ref. 16) are used at the far-field boundaries and no-normal-flow conditions are used 
on the solid surface. 
The finite-volume formulation essentially decouples the flow solver from the grid 
generator. The grids can be constructed in any convenient manner; only the Cartesian 
coordinates of the nodal points are required by the solver. This aspect of the basic 
algorithm has been exploited to build the TEAM system for analyzing complete aircraft 
configurations. An overview of the four major modules (Figure 2) constituting the 
system is presented in this section. 
TEAn PREPROCESSOR MODULE 
This module will provide a capability to process geometry-definition data supplied by 
a designer in order to construct an accurate geometrical model of a configuration and 
a suitable grid on its surface. The designer-supplied data typically contain a 
series of cross-sectional curves defining various components. In some instances, the 
configuration may be geometrically defined for some other aerodynamic analysis code. 
Constructing a model that accurately reflects the information contained in this form 
is the crucial first step. A surface grid on this model forms the key input for any 
grid-generation method. Appropriate interfaces are being developed to accomplish 
these tasks using the Configuration Data Management System (CDMS), which Lockheed - 
Georgia Company is developing for the U.S. Air Force under contract F33615-84-C-3001, 
OR MODULE 
A variety of techniques, both algebraic and differential, are included in the grid- 
generator module, as shown in Figure 3. This is essential because, at the present 
time, there is no single method that can be used to generate suitable grids for a l l  
configurations. The current capabilities of the various methods are summarized in 
Figure 4. Their desirable features are also compared in the same figure. For 
instance, the algebraic Trans-Finite Interpolation ( T F I )  method is computationally 
efficient and powerful but requires considerable user interaction to generate 
suitable grids as compared to the differential-equation methods, such as the Boundary 
Integral Grid (BIG) generation method (Ref, 2 9 ) .  This automation is achieved at the 
expense of computational efficiency. The Parabolic Conformal Mapping with Shearing 
(PACMAPS) technique (Ref. 18) is computationally e f f i c i e n t  and easy  t o  use; however, 
the grids must be sf 6-H topology. The C-H grid topology is illustrated in Figure 5. 
Two diagnostic tools are crucial to the grid-generator module: Lockheedfs PLOT3D 
program for interactively displaying grids and an analytical grid checking program. 
The grid checker can automatically locate regions where the grid lines either cross 
or are highly skewed. These regions are then further examined using PLOT3D and 
modified as necessary. 
TEAn FLOW SOLVER HODULE 
As mentioned above, the flow solver is based on the finite-volume, pseudo-time- 
marching algorithm of Jameson et al. (Ref. 9). Since the mathematical and numerical 
features of the basic scheme are adequately described in References 9 and 19, they 
will not be repeated here. Several modifications have been and are being 
incorporated by Lockheed to enhance the capabilities of the solver as summarized in 
Figure 6. These modifications are briefly described below. 
Flux Computation. -- The cell-centered finite-volume scheme used for spatially 
discretizing the Euler equations expresses the time-rate of change of a flow quantity 
in a cell as the net flux through the surfaces of the cell. A variety of 
approximations can be used to numerically compute this flux. The current version of 
the code uses a strongly conservative formulation. It is compared with the original 
FLO-57 formulation in Figure 7. Quantitative improvement in accuracy is under 
investigation. 
Numerical Dissipation. -- The present finite-volume scheme reduces to a central- 
difference scheme on a uniform grid. To suppress the well-known tendency for odd and 
even point decoupling of such schemes, and to limit the generation of wiggles and 
overshoots near shock waves, blended second and fourth differences have to be added. 
The coefficient of the second-order terms is proportional to the local pressure 
gradient. Therefore, these terms are turned on only where larger amounts of 
dissipation a r e  needed,  e.g., near shocks and stagnation points. Elsewhere, the 
fourth-difference terms keep the dissipation small. 
The dissipation terms are approximated by central-difference formulas for all cells 
except those near the boundaries. In the original FLO-57 code, the contribution of 
bdirection terms (normal to the surface) was ignored for cells adjacent to the 
boundaries. This approach, designated Scheme 1 here, leads to an erroneous 
production of entropy. To eliminate this deficiency, alternative schemes have been 
incorporated. 
All those cells that do not abut the solid surface (including the ones aft of the 
trailing edge) were treated like any other interior cell. For those adjacent to the 
solid boundary, four schemes are available. The order of approximation of the Q- 
direction differences for these schemes is compared in Figure 8. An extensive 
evaluation is in progress in order to select one of these schemes for the solver, 
For the results shown in this paper, Scheme 2 is used. 
Surface Bomdary Conditions, -- On a solid surface, the no-narmal-flow boundary 
condition is imposed by setting aPX convected flux quantities to zero. Only the 
pressure on the solid surface contributes to the momentum f l u x  balance. Since 
pressure is  calculated at the cell center, one is forced to estimate its value a% the 
actual surface, This is accompLished by computing the derivative of pressure normal 
to the surface using the momentum equation: 
a 
- - 
p V, (11-8) n = n,V p 
where: V, n, and p are the fluid velocity, surface normal, and pressure, respect- 
ively. This derivative and the cell-centered values are then combined to determine 
the surface pressure. A precise implementation requires that all metric 
quantities and flow variables occurring in the equation above be evaluated right on 
the surface. In the original FLO-57 program, this was not done; the cell-center 
values were used instead. In the present version of the solver, three additional 
approaches may be used to obtain the desired flow variables on the actual surface: 
(1) A Taylor series expansion about the cell center, (2) Lagrange two-point 
extrapolation along the local normal direction, and (3) Averaging the cell-center 
values for cells next to the surface in the flow domain and ghost cells outside of 
the flow domain, An extensive evaluation of the different approaches is under way. 
Grid Topologies. -- The present version of the solver can accommodate single global 
grids of various topologies. The original FLO-57 solver was limited to isolated 
wings having C-H grids, whereas the 0-0 and C-0 types offer improved resolution (Ref. 
20). If a C-H mesh is used, adequate resolution near the wing tip can be obtained 
only by increasing the number of cells in the spanwise direction. It must be noted 
that none of these topologies is as suitable as the H-H when detailed flow field 
about all sections of a wing-body or wing-body-tail configuration is desired. With 
these considerations, the solver was modified to accommodate 0-0, C-0 and H-H grids, 
in addition to the C-H. 
Patched Zonal Solver. -- The development of a zonal solver is motivated by the need 
to analyze complex geometries and to improve computational efficiency. For complex 
geometries, e.g., a complete aircraft, it becomes extremely difficult to generate a 
single global grid. The difficulty is further aggravated by the necessity to cluster 
cells in regions of large flow gradients. These problems can be largely alleviated 
by dividing the flow domain into a number of zones and by constructing the grid in 
each zone independently. 
A significant improvement in computational efficiency may be achieved by using 
refined meshes in zones where large gradients in flow variables are expected and 
using relatively coarse meshes elsewhere. Work is presently under way to develop a 
solver that can accommodate patched zonal grids. The feasibility of this approach 
has been demonstrated for two dimensions by Rai (Ref. 21). 
TEAn POSTPROCESSOR NODULE 
This module is composed of sub-modules to accurately determine forces and moments 
using the flow variables computed by the solver and to graphically display surface 
pressure distributions, flow-field velocity vectors, and iso-parametric contours. 
The surface-pressure integration method for computing forces and moments is currently 
used in the code. T h i s  method is only accurate when a relatively fine grid is used. 
Small errors in surface pressures and geometry ean lead to  large errors in drag, 
Also, this approach cannot give an estimate of how the total drag  is split into lift- 
induced and wave drag. Alternative approaches are being pursued. 
For graphically displaying data, appropriate interfaces w i l l  be developed for linking 
the TEAM code with CBMS, 
A number of configurations have been analyzed using the TEAM code during its 
development to date. Results for a cropped delta wing and an arrow wing are 
presented here. For each case, the entire region is initialized to free-stream 
conditions. This is equivalent to impulsively starting the configuration. No Kutta 
condition is explicitly applied at the sharp edges. 
CROPPED DELTA WING 
This wing has a leading-edge sweep of 63 degrees, a taper ratio of 0.1, and an aspect 
ratio of 1.64. Its cross section is a NACA 63A002 airfoil. It was analyzed using the 
TEAM code at a Mach number of 0.6 and angles of attack of 8, 16, and 24 degrees. Two 
grids were used, one having 24,576 (96x16~16) cells and the other having 98,304 
(96x32~32) cells. Both were topologically C-H. The airfoil sections are defined by 
30 cells on both the upper and lower surfaces (for both grids). In the spanwise 
direction the wing is described by 10 cells for the coarse grid and 20 cells for the 
finer grid. Between the wing and the far-field, there are 16 and 32 cells for the 
two grids respectively.  he-C-curves are clustered around the wing using a control 
curve (Ref. 18). 
The computed aerodynamic forces and moments are compared with the experimental data 
(Ref. 22) in Figure 9. The overall agreement between the predictions and the 
measurements is good. The code is able to model the nonlinear nature of the flow. 
The differences between the predictions can be traced to the differences in flow 
resolution provided by the two grids. This is illustrated by cross-plane surface 
pressure distributions at x/c = 0.6 and 0.9 (where c is the root chord) shown in 
Figure 10 and the corresponding velocity vectors in Figure 11 for the 16-degree 
angle-of-attack case. The presence of a leading-edge separated vortex is clearly 
shown in Figure 11. 
One aspect of this particular configuration deserves special attention. The 
convergence history plot for the coarse mesh presented in Figure 12 shows that the 
average error (net mass-flux) is reduced by 4 orders of magnitude for all the cases. 
The fine mesh results also converge for the 8 and 16 degrees angle-of-attack cases, 
as shown in Figure 13. 
However, the fine mesh results clearly do not converge at 24 degrees angle of attack. 
It is interesting to note that the experimental data (Figure 9) shows a definite 
break in the lift-curve slope above approximately 20 degrees angle of attack; and, as 
shown by the horizontal line in Figure 9, the predicted lift oscillates about the 
experimental data. In the absence of detailed experimental data on the flow field, 
one can only speculate on the flow phenomena involved here, The leading-edge vortex 
bursting and/or massive viscous separation could be responsible. The set of computed 
cross-plane pressure distributions and velocity-vector plots shown in Figure 14 
indicate that the leading-edge vortex is essentially stable after 680 cycles at 
x/e=0.5 eross-plane; but, as shown in Figure 15, its structure and location are 
changing continuously at x/c=0.9 csoss-plane. This la t ter  f a c t  is responsible f o r  
the lack sf convergence seen in Figure 13. It would be most interesting to obtain 
more detailed experimental data and compare them to these numerical results in order 
t o  validate the pred ic t ions  o f  the code. Of course, the time histories shown here 
cannot be taken iiterally since pseudo-time marching was used and they are not time 
accurate, 
It is quite obvious from the studies to date that a refined grid is essential to the 
slmulatlsn of leading-edge vortex flows even for relatively simple wings. Additional 
studies are needed to answer the obvious question: "How refined should a grid be?" 
Lockheed is conducting such studies under an on-going cooperative program with NASA 
Langley Research Center. Since the TEAM code is being developed to analyze entire 
aircraft configurations, studies such as these will help determine the number of 
cells required to adequately predict leading-edge vortex flows on complex 
configurations. 
ARROW WING 
The next set of results is for an arrow wing with a leading-edge sweep of 71.2 
degrees, a taper ratio of 0.1, and an aspect ratio of 1.4. The wing was analyzed at 
0.85 Mach number and -4, 8, and 16 degrees angle of attack using a C-H grid having 
98,304 (96x32~32) cells. 
The computed normal force and pitching moment coefficients are compared with 
experimental data (Ref. 23) in Figure 16. Cross-plane surface pressure distributions 
are compared to experimental data for four locations in Figure 17. Velocity vector 
plots for the same locations are shown in Figure 18. Measured velocity vectors are 
not available for this configuration. However, recent advances in Laser-Doppler 
Velocimetry (Ref. 24) now make it possible to compare measured and predicted velocity 
vectors for complicated three-dimensional flow fields. 
Additional studies are under way to use even more refined grids to determine the 
source of discrepancy between the theory and measurements. Two possible sources are: 
(1) the experiments were conducted for a wing-body configuration whereas the 
computations are for an isolated wing, and (2) the present wing has a rounded leading 
edge and the point of separation may not be correctly located by the present code. 
These issues will be addressed in future studies. 
CONCLUDING RE 
The current status and proposed development of a three-dimensional Euler Aerodynamic 
Method (TEAM) were presented in this paper. Correlations of computed aerodynamic 
parameters and surface pressure distributions with experimental data indicate its 
ability to capture leading-edge separated vortices. Unlike the procedures based on 
velocity potential, it is not required to explicitly model these vortices. In 
addition, the same code can be used for analysis throughout the subsonic, transonic, 
and supersonic flight regimes. The results presented in this paper point to a need 
for more extensive validation. A number of questions, especially related to the 
effect of grid density and numerical dissipation on the solution, remain to be 
answered. With continuing development and validation, it promises to provide an 
effective engineering tool for analyzing nonlinear flows containing both shock waves 
and leading-edge-separated vortices. 
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SUMMARY 
The Euler code FL057 has been applied to a blunt nose smooth surface 
missile body shape. A range of angle of attacks was analyzed at Mach numbers 
of 0.55 and 2.0. A Mach number sweep from 0.55 to 2.0 was run for 12 degrees 
angle of attack. Experimental force and moment data were compared to Euler 
results at all Mach numbers and surface pressure data were compared at Mach 2.0. 
The Euler code agreed with the experimental data over the linear portion of the 
Mach 0.55 data and over the entire angle-of-attack range at Mach 2.0. 
INTRODUCTION 
The capability to predict aerodynamic characteristics of smooth surfaced 
missile bodies is required by weapons designers. Missile body prediction 
techniques need to be able to analyze subsonic, transonic, supersonic flows, 
subsonic pockets in supersonic flow and vortex flow. At present there is no 
available numerical method to analyze these flow regimes within reasonable time 
and cost limits. The Navier-Stokes equations are the most logical choice to 
perform the analysis, but at present, computers and algorithms are too slow to 
make the analysis practical. The Euler equations have been successfully 
applied to the Mach range in question, but viscous effects are not accounted 
for and therefore vortex flow prediction may be inaccurate. Other techniques 
are available which have a more limited range of application, such as full- 
potential, parabolized Navier-Stokes and free vortex sheet theory. 
This paper presents the results of applying the Euler code FL057 to an 
elliptical missile body for a Mach number range of 0.55 to 2.0. The motivation 
behind the work was to determine if FL057 could be used to predict the aero- 
dynamic characteristics of simple missile shapes at low supersonic speeds, 
where subsonic pockets exist at blunt noses and vortex flow exists at moderate 
angles of attack. At present only hybrid methods are used to analyze these 
flow conditions in a reasonable time limit. In addition to investigating the 
use of FL057 for low supersonic Mach numbers, subsonic and transonic Mach 
numbers were also considered. 
A Missile body semi-major axis at a given body X-station 
Aa, Angle of attack 
A Missile body base semi-major axis 
max 
B Missile body semi-minor axis at a given body X-station 
B Missile body base semi-minor axis 
max 
C~ Axial force coefficient 
c~ Pitching moment coefficient 
Normal force coefficient 
C Coefficient of pressure 
P 
1, J, K Grid coordinates 
L Missile body length 
M, Freestream Mach number 
X Missile body station measured relative to nose 
3-D Three dimensional 
CONFIGURATION 
The missile body is a simple shape built and tested for the purpose of 
developing and validating aerodynamic prediction methods. The missile body was 
one of three built with elliptical cross sections along the entire length of 
the model. The missile body used in this study had a 2.5 to 1.0 major to minor 
axis ratio (Figure 1). The two other missile bodies built had 2.0 to 1.0 and a 
3.0 to 1.0 cross-section ratios. The semi-major axis varied along the body by 
the square root law 
and the semi-minor axis varied along the body by the square root law 
h, and hx were the base semi-mjor and semi-minor axes  and L w a s  the 
missile body length, These missile bodies were tested in four stages, Stage 
one produced surface pressure d a t a  from eleven rows sf spanwise pressure taps 
at Mach numbers from 1.5 to 5.0. During stage two, force and moments were 
taken for Mach numbers of 1,76 to 5.0. Stage three was a force and moment test 
for Mach numbers of 0.4 to 1.3.  Stage four dasa were not available at the time 
of this analysis and were the Mach numbers 0.4 to 1.3 pressure tests. All 
testing was done at Arnold Engineering Development Center. References 1 and 2 
contain detailed information of the test results, 
EULER GRID AND now SOLVER 
The grid used for the Euler calculations was originally developed for 
predicting flow fields about delta wings and was modified for use on the test 
missile body shape. The grid topology is intended to provide adequate grid 
resolution at the missile nose while positioning the grid singularity on the 
plane of symmetry and out of regions of high flow gradients (Figure 2). The 
topology can best be thought of as a sheared 0-H grid. Indicated in Figure 3 
are the coordinate directions on the missile surface and a cut through the 3-D 
grid. The 0 portion of the 0-H grid is formed by the I indexing grid lines 
that start on the lower plane of symmetry aft of the grid singularity and 
followd a path along the missile surface, around the leading edge and back to 
the upper plane of symmetry. The J indexing lines start at the missile surface 
and proceed outward to the far field. The K indexing lines start on the plane 
of symmetry forward of the grid singularity and follow paths along the missile 
going aft. Figure 4 is the downstream exit grid or maximum K grid layer. The 
base of the missile was extended downstream with solid surface boundary condi- 
tions being applied to the extension's outer surface. This extension does not 
resemble the wind tunnel model, but was required to perform the computations. 
The grid had 49 grid points in the I or wrap-around direction and 44 points in 
the K direction on the missle surface. There were 25 J layers of grid points 
extending outward from the surface to the far-field boundary. 
The flow solver used was FL057 without any special treatment for vortex 
flows (Reference 3). FL057 has been applied previously to round and sharp 
leading-edge delta wing vortex flow problems for both subsonic and transonic 
Mach numbers. No attempt was made in generating the missile grid to align the 
3-D grid with the bow shock shape. The bow shock is dependent on the configura- 
tion angle of attack (AL) and freestream Mach number. The Euler solution scheme 
uses centered difference approximation to the flux terms. Shock smearing will 
occur when the bow shock is unaligned with the grid, introducing an unknown 
amount of error in the solution. At the immediate nose of the configuration 
the shock should approximate the shape of the blunt nose and therefore align 
with the grid at moderate supersonic Mach numbers. 
FORCE mD MOMENT RESULTS 
GN Versus Alpha, M, =: 0-55 
FL057 predic ted  lower C N i s  a t  -Mach 0 ,55  (Figure 5 j  than were measured i n  t he  
wind tunnel  t e s t  i n  t h e  nonl inear  po r t ion  of the  CN versus  t h e  Alpha curve. A t  
t h e  low angle-of-attack range (0.0 - 6.0 degrees)  t h e  Euler  and wind tunnel  t e s t  
r e s u l t s  are i n  e x c e l l e n t  agreement. It appears  t h a t  t h e  Euler  method i s  n o t  
p r e d i c t i n g  vo r t ex  flow t h a t  i s  p re sen t  i n  t h e  wind tunne l  d a t a  a t  t h e  h igher  
ang le s  of a t t a c k .  
CA Versus Alpha, M, = 0.55 
The a x i a l  f o r c e  c o e f f i c i e n t  w a s  no t  measured d i r e c t l y  i n  t h e  wind tunne l  
t e s t  bu t  was c a l c u l a t e d  by s u b t r a c t i n g  t h e  measured base  a x i a l  f o r c e  from t h e  
ba lance  measured t o t a l  a x i a l  fo rce .  Two wind tunne l  d a t a  p o i n t s  a r e  p l o t t e d  a t  
each 2.0 and 4.0 degrees on Figure  6 corresponding t o  p l u s  and minus ang le s  of 
a t t a c k  and i n d i c a t e  t h e  degree of unce r t a in ty  of t h e  wind tunnel  a x i a l  f o r c e  
c o e f f i c i e n t s .  The Euler  r e s u l t s  a r e  i n v i s c i d  and do no t  r e f l e c t  s k i n  f r i c t i o n  
a x i a l  fo rce .  To permit  d i r e c t  comparisons of t h e  wind tunne l  and Euler  r e s u l t s  
t h e  wind tunne l  C A 1 s  have been s h i f t e d  t o  match t h e  Euler  r e s u l t s  a t  0.0 
degrees ang le  of a t t a c k .  This  s h i f t i n g  of wind tunne l  is  only u s e f u l  i f  t h e  
a x i a l  f o r c e  due t o  s k i n  f r i c t i o n  i s  cons tan t  a t  a l l  angles  of a t t a c k  f o r  a 
given Mach number. The wind tunnel  CA a t  0.0 degrees angle of a t t a c k  i s  due only 
t o  s k i n  f r i c t i o n .  The predic ted  Euler  r e s u l t s  a r e  i n  gene ra l  agreement wi th  the  
experimental  data .  
CMVersus CN, % = 0.55 
The s lopes  of t he  CM versus CN curves (Figure 7)  a t  CN = 0.0 f o r  the  Euler  
and wind tunnel  da t a  a r e  i n  e x c e l l e n t  agreement. Above a  CN va lue  of 0.7 t h e  two 
curves  a r e  i n  disagreement i n d i c a t i n g  the  vor tex  con t r ibu t ion  t o  CM is not 
p re sen t  i n  t h e  Euler  r e s u l t s .  
CN Versus Alpha, & = 2.0 
The p red ic t ed  Euler  CN values (Figure 8) a r e  i n  e x c e l l e n t  agreement wi th  the  
wind tunne l  da t a  below 6.0 degrees angle of a t t ack .  Above 6.0 degrees t he  curve 
s lopes  of t he  two s e t s  of da t a  a r e  i n  e x c e l l e n t  agreement but appeared t o  be 
s h i f t e d  by approximately 0.5 degrees angle  of a t t a c k .  There a r e  s e v e r a l  p o s s i b l e  
sources  of t h e  Euler  angle-of-at tack s h i f t ,  a l though i t  i s  n o t  c l e a r  as t o  
which f a c t o r  i s  most important.  The Euler  r e s u l t s  a r e  i n v i s c i d  and t h e r e f o r e  
a r e  missing t h e  phys ics  of boundary l a y e r  s epa ra t ion  i n  t h e  vo r t ex  reg ion ,  The 
angle-of-at tack s h i f t  i s  a  de lay  i n  vo r t ex  formation which may be a t t r i b u t e d  t o  
missing v iscous  e f f e c t s .  Another poss ib l e  source of t h e  angle-of-at tack s h i f t  
is the smearing of the bow shock due to rnisa%hgrsment of the POW shock and grid, 
Since FL059 fs inviseid and little L f  any vortex Lift was apparent i n  the 
Mach 0,55 results (Phgure 51, the assumptfon must be made that t he  Mach 2,O 
vortex formatfon f s  due largely t o  entrspy production through the bow shock, 
Any smearing of the bow shock can effect the amount of entropy produced by the 
bow shock and thus shift the CN versus curve. 
CA Versus Alpha, M, = 2.0 
The wind tunnel test CA1s have been shifted to match the Euler CA value at 
0.0 degree of angle of attack (Figure 9). The predicted values and trends of the 
Euler Cvalues are in general agreement with the experimental data. The uncer- 
tainty of the experimental CA's was as great as 0.0056 at 4.0 degrees angle of 
attack. 
CM Versus CN, M, = 2.0 
The Euler CM versus CN curve (Figure 10) is in good agreement with the wind 
tunnel data both in magnitude and in slope. 
CN Versus Mach, Alpha = 12.0' 
The Euler predicted CN values were shown to disagree with the experimental 
data at subsonic and transonic Mach numbers by a large amount. The agreement 
improved as the Mach increased from 1.3 to 2.0 as shown in Figure 11. 
ACN Versus Mach, Alpha = 1 2 0 0 ~  
A 6% parameter is plotted in Figure 12. The ACN is the vortex-induced 
increment or nonlinear addition to the CN due to the vortex. The wind tunnel 
test (aCN Ida) slope at zero angle of attack was multiplied by 12.0 degrees to 
compute a linear value of 5 at 12.0 degrees. The difference between the 
experimental value of and computed linear $ is ACN. The same extrapolation 
was used to compute AC for the Euler results. Several interesting observations N 
can be made by studying Figure 12. The experimental curve can be broken fnto 
two regions based on Mach number range. Region one is the subsonic and low 
supersonic Mach number range where the bow shock is weak, Region two starts 
about Mach 1.25 or 1.30, where the bow shock is strong enough to produce 
entropy. The two regions have different slopes and should be thought of as the 
viscous separation dominated region and bow shock entropy addition region. 
The Euler results appear to have a more strongly Mach number dependent 
shape. At a purely subsonic Mach number of 0.55, ACN is very low and only 
increases a small amount by going to Mach 0.8 in comparison to the experimental 
data. At Mach numbers from 1.3 to 1.75 the Euler curve is considerably steeper 
than the experimental data. Mach 1.3 is the point where entropy levels begin 
to be strongly fnf lueneed by shock strength, It appears that the Euler AerJ is 
predominately a function of bow shock entropy production and not numerical or 
artificial viscosity. The Euler and experimental values of ACE at Mach nuanbers 
of 1.75 and 2.0 appear in reasonable agreement as was previously shown in 
Figure 8. 
CM Versus Mach, Alpha = 12 . O O  
The Euler predicted value of CM is relatively independent of Mach number. 
Only a slight decrease in CM appears at transonic Mach numbers. The wind 
tunnel data indicated a strong dependency on Mach number in the Mach 0.8  to 1.1 
range. Above Mach 1 . 3  the Euler and experimental values of CM are in good 
agreement. A discrepancy in CEf between Euler and experiment appears at a Mach 
number of 2.0 in Figure 13, but is not as apparent in Figure 10. 
SURFACE PRESSURE DATA 
The Euler and wind tunnel C values are plotted against semi-span for four P X-stations in Figures 14-25. The nose of the missile is X = 0.0  station and 
the missile base is X = 36.0 station. The computational grid points did not 
lie precisely on the required X-stations; therefore, all computational grid 
points within a prescribed distance to the required X-station were plotted. 
The method of selecting a computational grid was examined for accuracy and does 
not contribute any discrepancies that may be visible in the C comparison 
plots, Figures 14-25. P 
The 4.0 degree angle-of-attack results indicated an attached "potential 
like" flow over the entire length of the missile (Figures 14-17). The Euler 
results agree in shape with the wind tunnel data, but appear to be shifted in a 
more negative C direction than the wind tunnel results. At 8.0  degrees angle P 
of attack the Euler results still indicate an attached "potential like" flow 
while the experimental data have signs of vortex separation starting at X-station 
16.0 (Figures 18-21). The shift in C of the Euler results still appears and is P 
roughly of the same magnitude. The C shift is constant even at 12.0 degrees 
P angle of attack (Figures 22-25) on the lower surface. The reason for C shift 
is not obvious and may be due to not properly capturing the bow shock. 'A
smeared bow shock can introduce angularity to the flow impinging on the missile 
body and create an apparent angle-of-attack shift. At 12.0 degrees angle of 
attack both the Euler and wind tunnel data indicate vortex separation (Figures 
22-25). The wind tunnel data indicate a more forward separation point than 
does the Euler results. At X-stations 25.6 and 35.2 (Figures 24 and 25) the 
Euler and experimental C 's indicate that the secondary vortex may have a P 
significant effect on the strength and position of the primary vortex. The 
Euler results have a single vortex that has a larger peak pressure and is more 
outboard than the experimental data. The secondary vortex is also visible in 
the experimental data, The effect of a secondary vortex is to move the primary 
vortex inboard and thus reduce the peak pressure of the primary vortex, 
VORTEX FLOW FIELD 
Plotted in Figure 26 is the velocity flow field at the X-station 35.2 for 
Mach 2.0 and 12.0 degrees angle of attack. The vortex region can clearly be 
seen along with the high velocities occurring at the leading edge. To better 
visualize the flow region, a "constrained particle path" plot was made (Figure 
27). At different locations in the X-station 35.2 vertical plane particles are 
released and allowed to trace paths as they are carried along by the cross flow 
velocities. The components of velocity aligned with the body axis are con- 
sidered zero in this process, causing all "particles" to remain in the X-station 
vertical plane. The area of vortex flow is clearly visible. Figure 28 is a 
plot of local static pressure normalized by freestream and should provide 
information valuable to a designer. 
CONCLUDING REMARKS 
The accuracy of the FL057 Euler code is dependent on Mach number for the 
blunt nose smooth surface missile body used in this investigation. The forma- 
tion and strength of the vortex appear dependent on the supersonic nose shock 
and not on surface viscous effects. The code is accurate and useful in the 
linear angle-of-attack range at both subsonic and supersonic Mach numbers. 
Sufficient entropy is produced by bow shocks at Mach numbers of 1.7 and above 
to confidently apply the code at higher angles of attacks for freestream Mach 
numbers above 1.7. 
All Euler calculations presented in this paper were generated on the NASA 
Ames Cray XMP computer using approximately 0.9 million words in core and 1.0 
million words out of core. All out-of-core memory resided on the 16 million 
word SSD using "buffer in" and "buffer out" statements to transfer data. A 
typical case required 500 iterations to converge from an initial guess of 
freestream conditions, which corresponds to approximately 600.0 seconds of CPU 
time and 10.0 seconds of I0 time. Convergence criteria were an average residual 
of 1.0 x 1r5 plus C and C remaining constant for 20 iterations. N A 
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Figure 11 .- Comparison of Euler and Ref. 1, CN versus Mach, 
AL = 12.0 degrees. 
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Figure 12,- Cowasison of Euler  and R e f ,  1 ,  BeH versus &cb, 
AL = 12.0 degrees. 
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Figure  13.- Comparison of Eu l e r  and Ref. 1, CM ve r sus  Mach, 
AL = 12.0 degrees .  
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Figure 14,-  Comparison of EuEer and R e f ,  I ,  C d a t a ,  
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Figure 15.- Comparison of Euler and Ref. 1, C data, 
M& = 2.0, AT-, = 4.0, X = 16.0. P 
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Figure  16,- Comparison of E u l e r  and K e P ,  1 ,  Cp d a t a ,  
Pb, = 2-0, AL = 4 ,09  % -- 25 ,& ,  
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Figure 17.- Comparison of Euler and Ref. 1, Cp data, 
M, = 2.0, A '  = 4.0, X = 35.2. 
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Figure 19.- Comparison of Euler  and R e f .  1 ,  Cp d a t a ,  
M, = 2.0, AL = 8.0, X = 16.0. 
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F i g u r e  20.- Comparison of E u l e s  and R e f ,  I ,  C d a t a ,  
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Figure  21,- Comparison of Euler and Ref. 1, C d a t a ,  
= 2.0, AX, = 8.0, X = 35.2. P 
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Pimre 22,-  Comparison of E u l e r  and R e f ,  1, C d a t a ,  
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Figure 23.- Comparison of Euler  and Ref. 1, C d a t a ,  
M, = 2.0, AL = 12.0, X = 16.0. P 
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F i g u r e  24.- Comparison of E u l e r  and R e f ,  1, C da ta ,  
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Figure  25.- Comparison of Eu le r  and R e f .  1, C data, 
& = 2.0, AL = 12.0, X = 35.2 P 
F i g u r e  26,- Cross-flow velscitles, 
M, -=- 2.0, AL = 12*0,  X = 3 5 * 2 *  
Figure 27.- Constrained particle paths, 
M, = 2.0, AL = 12.0, X = 35.2. 
F i g u r e  28,- S t a t t c  pressure contour  plot, F& = 2 ,0 ,  
hipt = 12.0, X = 35.2. 
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The simulat ion of the  leading-edge vortex flow about a  s e r i e s  of conica l  
d e l t a  wings through solu t ion  of the  Navier-Stokes and Euler equations is 
studied.  The occurrence, the  v a l i d i t y ,  and the  usefulness of separated flow 
solut ions  t o  the  Euler equations a r e  of p a r t i c u l a r  i n t e r e s t .  Central and 
upwind di f ference  solu t ions  t o  t h e  governing equations a r e  compared f o r  a  
series of cross-sect ional  shapes, including both rounded and sharp t i p  
geometries. 
For the  rounded leading edge and t h e  f l i g h t  condition considered, viscous 
solu t ions  obtained with e i t h e r  c e n t r a l  o r  upwind di f ference  methods p r e d i c t  
the  c l a s s i c  s t r u c t u r e  of v o r t i c a l  flow over a  highly swept de l t a  wing. 
Predicted fea tu res  include the  primary vortex due t o  leading-edge separa t ion  
and the  secondary vortex due t o  crossflow separat ion.  Central  d i f ference  
solu t ions  t o  the  Euler equations show a marked s e n s i t i v i t y  t o  g r i d  
refinement. On a coarse g r id ,  the  flow separa tes  due t o  numerical e r r o r  and a 
primary vortex which resembles t h a t  of the  viscous solu t ion  is  predicted.  In  
con t ras t ,  t h e  upwind difference solu t ions  t o  the  Euler equations p red ic t  
at tached flow even f o r  f i r s t -o rde r  so lu t ions  on coarse gr ids .  On a 
s u f f i c i e n t l y  f i n e  gr id ,  both methods agree c lose ly  and cor rec t ly  p red ic t  a  
shock-curvature-induced inv i sc id  separa t ion  near the  leeward plane of 
symmetry. 
Upwind di f ference  solu t ions  t o  the  Navier-Stokes and Euler equations a r e  
presented f o r  two sharp leading-edge geometries. The viscous solu t ions  a r e  
q u i t e  s imi la r  t o  t h e  rounded leading-edge r e s u l t s  with vor t i ces  of s imi la r  
shape and s i z e .  The upwind Euler so lu t ions  p red ic t  at tached flow with no 
separa t ion  f o r  both geometries. However, with s u f f i c i e n t  g r id  refinement near 
t h e  t i p  o r  through t h e  use of more accurate s p a t i a l  differencing,  leading-edge 
separat ion r e s u l t s .  Once the  leading-edge separat ion is es tabl i shed,  the  
upwind solu t ion  agrees with recent ly  published c e n t r a l  d i f ference  solu t ions  t o  
the  Euler equations. 
INTIiODUeTION 
The cur ren t  i n t e r e s t  i n  high angle-of-attack aerodynamics and v o r t i c a l  
flows has focused considerable a t t e n t i o n  on the  numerical simulation of the  
flow about a swept d e l t a  wing a t  moderate t o  high angles of a t tack .  For 
subsonic leading edges which a r e  sharp o r  of small radius  of curvature, t h e  
flow separa tes  a t  the  t i p s  and f o r m  two counter-rotat ing vor t ices  on opposi te  
s ides  of t h e  leeward wing surface-  The presence of t h e  vor t i ces  produces a 
pressure minimum on the  upper surface  and r e s u l t s  i n  an addi t ional  l i f t  
component not predicted by l inea r  theory. 
Interest, here, is restricted to methods whish "capture" the vortex 
rather than modeling it in an approximate manner. Thus, we consider only 
methods which solve the Euler and Navier-Stokes equations. The Havier-Stokes 
equations model all physical mechanisms and provide the most accurate 
results. Vigneron et al. solved the conical and parabolic approximations to 
the Navier-Stakes ewations for the vortical flow about a sharp-edged delta 
wing at supersonic speeds. Fujii and ~utler', solved the three-dimensional 
Navier-Stokes equations for the leading-edge separation about a delta wing 
with rounded edges at subsonic speeds. Rizzetta and Shang4 presented three- 
dimensional Navier-Stokes solutions for a delta wing with sharp edges at 
supersonic and hypersonic speeds. The principal drawbacks of the Navier- 
Stokes equations are the higher computational costs necessary to resolve small- 
scale viscous effects and the need to model turbulence in an approximate 
manner. However, the Navier-Stokes solutions set the standard by which less 
exact solutions must be judged. 
In the last several years, it has been suggested that Euler codes could 
be the method of choice in the simulation of leading-edge vortex flows. In 
contrast to potential methods, the Euler equations provide the correct 
Rankine-Hugoniot shock jump conditions. They also admit rotational flow 
solutions. Indeed, numerous Euler solutions with leading-edge separation have 
been reported for both rounded and sharp leading edges using a variety of 
numerical schemes. A partial list includes the works of Rizzi et a1..6'101 
Raj and Sikora, l1  and Powell, Murman et al. using a finite volume Runge- 
Kutta algorithm; Fujii and 0bayashi13 using a LU factored scheme whose right- 
hand side is identical to the Beam and Warmina scheme: and Manie et a1. l4 and d 
Newsome l using a MacCormack scheme. 
Since flow separation is usually associated with generation of vorticity 
through the no-slip boundary condition in a viscous flow, its occurrence in an 
inviscid solution is of both theoretical and practical importance. Necessary 
conditions for flow separation include the presence of vorticity in the flow 
as well as an adverse pressure gradient. While the Euler equations admit 
rotational solutions through the transport (and for three-dimensional flow, 
stretching) of vorticity, there is only one valid mechanism for vorticity 
generation in an inviscid flow. In accord with Crocco's theorem, the Euler 
equations allow for the generation of vorticity through non-constant shock 
strength (shock curvature, shock intersection, etc. ). Salas16 first 
demonstrated shock-induced inviscid separation for the transonic flow about a 
circular cylinder. Marconi17 published similar results for the supersonic 
flow about circular cones and more recently elliptic cones. l8 
The Euler equations are singular at a sharp tip. This, however, causes 
no particular problem for a finite volume scheme in which cell centered 
quantities are computed. Salas and ~ a ~ w i t t ' ~ ~  in considering conical flow about 
sharp external axial corners, have shown that a limiting form of the inviscid 
equations valid at the singular corner point leads to a conical analog of the 
isentropic Prandtl-Meyer expansion. The maximum Prandtl-Meyer expansion anqle 
corresponds to vacuum pressure. ~t is not clear whether theoretically valid 
attached flow Euler solutions exist for geometries in which the vacuum 
expansion limit is exceeded. For any finite radlus of curvature, the flow 
field is resolvable and a valid EuLer solution must approach the expansion 
firnit as the radius of curvature approaches zero. In a viscous gas, the flow 
separates well before the inviscid expansion limit is reached. Once the 
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into the three-dimensional Navier-Stokes equationsr written in terms of the 
non-dimensional Cartesian variables (x,y,z). Upon simplifying for conical 
flow, the govering equations may be expressed in conservation form as 
A A A  
The inviscid equations are obtained by dropping the terms (G ,HV,SV). 
v 
The general three-dimensional, upwind, Euler/thin layer Navier-Stokes 
code developed by Thomas 2 0 g 2 1  was specialized for conical flow. In the finite 
volume formulation, a single array of crossflow plane volumes was constructed 
such that the inflow and outflow surfaces are scaled by the conical 
transformation, as above. While the code uses a finite volume approach, the 
equations may be written in generalized coordinates as 
At: each iteration, the inflow conditions are updated with the results of the 
A  
previous iteration so that, at convergence, aQ/a( = 0, consistent with the 
conical flow approximation. 
The inviscid and viscous flux vectors in equations ( 1 )  and (2) 
defined as 
A A A  1 F,G,H = - J 
are 
0 
a T  + O S T  S a T  
x x x  y x y  z x z  n 
- 
4 
xx%P Y Y Y  "-5 
a ~  + a ~  + O S T  
X XZ Y YZ 
Although the flux vectors can be written in a common form, they are in 
fact quite different as applied to equations (1) or (2). A general three- 
dimensional transformation between the Cartesian variables (x,y,z) and the 
computational variables is implied in equation (2), so that the flux terms can 
be defined as below: 
In the finite volume formulation, expressions for the transformation 
derivatives and the Jacobain, J, are evaluated geometrically. 
When working with the conical equations (I), it is convenient to work in 
terms of the conical variables, Y and Z. This allows a simpler form for the 
equations using the two-dimensional transformation: 
Since 
it is convenient to define the terms 
so t h a t  the flux terms in equation (3) can be defined as 
1 
The term, - , is absorbed into equation (1) when the Reynolds number and the 
X time scale are defined with respect to the length scale, L, where L is the 
length from the body apex to the crossflow solution plane. 
Upon nondimensionalization in terms of the freestream density, pm and 
sound speed, cwr the shear stress and heat flux terms are defined in tensor 
notation (summation convention implied) as: 
The chain rule is used to evaluate derivatives with respect to (x,y,z) in 
terms of (n,<). When the thin layer assumption is made, only those 
derivatives in the direction normal to the wall ( c )  are retained in the stress 
and heat flux terms. Equations (1) and ( 2 )  are closed by the perfect gas 
equation of state and Sutherland's law for molecular viscosity. All 
calculations are for laminar flow only. 
The conical flow equations (1 ) were solved with the Mac~ormack~~ unsplit, 
explicit finite-difference algorithm. Since the algorithm is well known, a 
detailed description is unnecessary. The method is second-order accurate in 
space and time and is conditionally stable. To control shock oscillations, 
MacCormackgsZ3 pressure damping was incorporated into the scheme. The damping 
term is O(AX~) except in regions of large pressure gradients where the 
pressure gradient switch forces the damping to O(Ax). MacCormack's scheme is 
also naturally dissipative due to unsymmetric differencing in the predictor 
and corrector steps. 
Upwind solutions were obtained with the flux vector splitting algorithm 
* . - A  
develope8 by Thomas. 2 0  The generalized fluxes P ,G, H, representing pressure 
and convection terms are split into forward and backward contributions 
according to the sign of the eigerrvalues of the Jaeobian matrices 
A A A 
aF/aQI ae/ag, aa/aq 
and differenced accordingly. For example, the f l u x  difference in 
the [-direction is 
+ 
where 6- and 6 denote general backward and forward divided difference 5 5 
operators respectively, in the <-direction. In reference 20, van Leer's flux 
vector splitting was extended to three-dimensional generalized coordinates. 
A  
The flux, F, as an example, is split according to the contravariant Mach 
number in the 5-direction, defined as M = u/c, where ; = u/I grad( 5) 1 . For 
supersonic flow, I.5) 2 I 5 
and for subsonic flow, 1M5l < 1 
If mass * 
* - 
f' [kz(-u + 2c)/Y + 
mass 
energy 
F- A +  = -h@d- 
J 
where 
it [kx(-; t 2c)/y + u] 
mass 
f' [ky(-; 2c)/y + v] 
mass 
f + 2 
mass 
= tpc(M5 k 1) /4 
f + 
energy mass 
The surface area of the cell interface in the < direction is Igrad~I/~. the 
cell volume is 1/J, and 
a r e  t h e  d i r e c t i o n  cosines of t he  c e l l  i n t e r f a c e s  i n  t h e  6 d i r e c t i o n .  The 
s p l i t - f l u x  d i f f e r ences  a r e  implemented as a f l u x  balance ac ros s  a c e l l  as 
( f o r  A 6  = A i l  - A< = 1) 
A +  - 
The notation F (Q )i+1/2 denotes a forward flux evaluated using 
the metric terms at the cell interface (i+1/2), with conserved variables 
obtained by an upwind biased interpolation 
where 
- - 
A Qi = Qi+, - Qi v Qi - Qi Qi-1 5 5 
Only fully upwind first or second-order accurate differencing has been used in 
the results that follow: 
45 = 0 (f irst-order upwind) 
45 = ' 1  
= - I  
(second-order upwind) 
Differencing for the diffusion terms representing shear stress and heat 
transfer effects corresponds to second-order central differences in which 
second derivatives are treated as differences across cell interfaces of first 
derivative terms 
where, for example, the term, 
under t h e  t h i n  l aye r  approximation, becomes, 
* 
and is differenced in H as 
v kf 1/2 
where 
The linearized, backward time approximation in delta form for the three- 
dimensional equations is given as 
As described in reference 20, equation (18) is solved by streamwise 
relaxation (<-direction) and approximate factorization in the crossflow plane 
where 
a;+ 
A - 
I aF M = [-- + - - -1 
JAt aQ aQ 
In general, the solution is obtained by alternate forward and backward 
sweeping through the crossflow planes with a nonlinear update of the residual 
R indicated on the right side of (19). For the degenerate conical flow case, 
this corresponds to reinitialization of the inflow plane and update of the 
crossflow plane until convergence is achieved. Since the spatial implicit 
discretizations may be taken as first order with no loss in steady-state 
accuracy, the solution of equation (19) involves the solution of two block 
tridiagonal equations. 
Initial conditions for both central and upwind difference methods 
consisted of freestream conditions. Boundary conditions consisted of 
freestream conditions on the outer boundary, reflection conditions in the 
crossflow symmetry plane and slip or no slip conditions on the body surface 
depending upon whether the viscous or inviscid equations are considered. 
RESULTS 
The E l o w  about several different conical delta wings with a 70° wing 
sweep angle at a Mach nurnber of 2 and 10 degrees angle of attack was chosen 
for study R thin elliptic cone, Fig. 1, with half angles, tan-' (yLE/x) = 
2 0 0 ,  and tan*' (zCL/x) = 1.5'. was used a s  a model f o r  round leading edges with 
small curvature radius .  For sharp t i p s ,  a th inner  conical  body was defined 
with a v e r t i c a l  ha l f  angle, tan-' (zCL/xj = 0. 75O and a t i p  half  angle 
- 1 
angle given a s  t a n  fdz/dyfLg = f O Q .  A s  an extreme case, a zero thickness 
f l a t  d e l t a  wing was a l s o  considered. 
Central  and upwind difference so lu t ions  t o  the  Navier-Stokes and Euler 
equations a re  compared f o r  the  rounded leading-edge wing. Upwind di f ference  
Euler and Navier-Stokes r e s u l t s  a r e  then presented f o r  the  sharp t i p  
geometries. 
ROUNDED LEADING m E S  
Navier-Stokes Solutions 
A comparison of c e n t r a l  and u wind di f ference  ca lcula t ions  was made a t  t Reynolds numbers of Re_ = 0.1 x 10 and 0.5 x 10 6. The g r i d  consisted of 15 1 
po in t s  around and 65 points  normal t o  the  body with an equal minimum s t e p  s i z e  
a t  the  t i p ,  i n  both d i rec t ions ,  As/x = .0002. This minimum s t e p  s i z e  i n  the  
body normal d i r e c t i o n  was relaxed t o  a maximum value As/x = .0006 away from 
the  t i p .  The g r i d  and an enlarged view of t h e  t i p  a re  shown i n  Fig. 2 .  A t  a 
Reynolds number of Re_ = 0.1 x lo6, t h e  windward symmetry plane boundary l aye r  
contained 14 po in t s  and the  leading-edge boundary layer  contained 7 points .  
In general,  c e n t r a l  and upwind di f ference  solu t ions ,  both second-order 
accura te ,  a re  i n  good agreement. A p l o t  of the  crossflow veloci ty  f o r  the  
c e n t r a l  d i f ference  solu t ion  is shown i n  Fig. 3 ( t h e  upwind r e s u l t  is  nearly 
i d e n t i c a l ) .  In  t h i s  and the  r e s u l t s  t o  follow, the  r a d i a l  ve loci ty  component 
has been subt rac ted  out  of the  Cartesian crossflow components. The flow 
separa tes  a t  t h e  leading edge with a l a rge  primary vortex and a smaller 
secondary vortex. A t  t he  higher Reynolds number, Re_ = 0.5 x lo6, t h e  
secondary vortex is  smaller r e l a t i v e  t o  the  primary vortex. A comparison of  
pressure  c o e f f i c i e n t s ,  Fig. 4, f o r  both the  c e n t r a l  and upwind di f ference  
solu t ions ,  shows the  suct ion  peak t o  be s t ronger  f o r  the  higher Reynolds 
number. A t  t h e  higher Reynolds number, minor d i f ferences  appear i n  the  two 
solu t ions  i n  t h e  separa t ion  zone, p a r t i c u l a r l y  near the  leading edge. 
presented experimental da ta  f o r  the  same e l l i p t i c  cone with a 
small c i r c u l a r  centerbody. To v e r i f y  the  viscous ca lcula t ions ,  the  upwind 
scheme was appl ied  t o  the  e l l i p t i c  cone a t  co ld i t ions  corresponding t o  t h e  
experimental da ta  of Squire: M_ = 1.8, Re_ = 2.1 x 1 06. The pressure 
coe f f i c i en t  is  shown i n  f i g u r e  5. The solu t ion  i s  i n  reasonable agreement 
with the  experiment. M i l l e r  and del ineated  seven d i f f e r e n t  flow 
c l a s s i f i c a t i o n s  according t o  leading-edge normal Mach number and angle of 
a t t ack .  The present  r e s u l t s ,  which ind ica te  a primary and secondary vortex 
with no crossflow shock, a r e  i n  agreement with Mi l l e r ' s  c l a s s i f i c a t i o n .  
Since some Reynolds number dependence was found i n  the  previous cases,  a 
wider range of Reynolds n u d e r s  were inves t iga ted  with the  thin-layer upv-rind 
Wavier-Stokes code for laminar flow. Although the  g r id ,  Fig. 2, w a s  n o t  
re f ined with increas ing Reynolds number, t h e  r e s u l t s  a r e  believed t o  be 
generally valid. The pressure coefficient for the various Wynolds n d e r s  is 
shown in Pig. S *  The leeward suction pressure appears to approach a limit 
with increasing &ynolds nmber. The flow fields are similar with the 
exception of the lowest fieynolds number in which the secondary vortex is not 
present- Consistent with the experimental results of reference 26, 
differences with respect to Reynolds number are confined to the size and 
position of the vortex as well as the peak suction pressure. 
-lev Solutions 
The Euler solutions (for conical flow) are characterized by the presence 
of vortical singularities. The entire flow is weakly rotational inside the 
bow shock due to variable shock strength. Since streamlines terminate at one 
of the vortical singularities and each streamline crosses the shock at a 
different location, the flow at the singularities is multivalued. As a 
practical matter, for the present case, the bow shock is extremely weak and 
the entropy variation due to the bow shock is negligible* 
Inviscid solutions for the central and upwind difference methods are 
compared on coarse and fine grids. While the two methods agree closely on 
fine grids, there are dramatic differences on the coarse grid. 
Coarse Grid Euler 
Since a prime motivation in solving the Euler equations is the desire to 
avoid the grid fineness necessary for viscous resolution, a coarse grid 
(75 x 55) was first considered. The minimum step size, As/x = 0.005, qives 
poor resolution at the tip as can be seen in Fig. 7. The crossflow velocities 
for the central difference solution are shown in Fig. 8. Corresponding 
crossflow Mach number and entropy contours are given in Fig. 9. Entropy is 
defined as 
For constant total enthalpy, total pressure loss is given as 
A comparison of the crossflow velocities, Figs. 4 and 8, reveals a large 
primary vortex of similar shape and size. Notably absent is the secondary 
vortex since there is no vorticity generating mechanism on the upper wing 
surface. A comparison of the pressure coefficient, Fig. 10, for the central 
difference inviscid and viscous results, shows surprising agreement with the 
exception of the over expansion at the leading edge. From Fig. 9, it can be 
seen that entropy is generated at the tip and is convected through the 
vortex. The entropy and vortieity at the tip are spurious since there is no 
valid mechanism for their generation in the EuEer equations. In the present 
case, the flow does not separate at the tip but at about 92% of chord on the 
leeward surface. The separation occurs downstream of a small shock at this 
psirit dividi~lg supersonic flows of opposite directions. With less accurate 
boundary condit ions o r  la rge  values of the  damping coef f i c i en t ,  the  point  of 
separa t ion  moves c lose r  t o  the  leading edge. In reference  15, severa l  
d i f f e r e n t  boundary condit ions were t r i e d .  The dawing  coef f i c i en t  was a l s o  
varied over its usual  range of s t a b i l i t y .  With minor exceptions i n  the  
loca t ion  of the  separa t ion  po in t ,  t h e  r e s u l t  was always t h e  same - a l a rge  
primary separat ion vortex. It  should be noted t h a t  a minimm value of t h e  
damping coef f i c i en t  was necessary t o  maintain a s t a b l e  so lu t ion .  Computations 
by E. Murman (Massachusetts I n s t i t u t e  of Technology, p r i v a t e  communication) f o r  
t h i s  case, on a s i m i l a r l y  coarse g r i d  with a f i n i t e  volume Runge-Kutta scheme, 
a l s o  re su l t ed  i n  a leading-edge separa t ion  vortex. 
A b e t t e r  understanding of the  separa t ion  can be gained by a look a t  the  
t r a n s i e n t  development of t h e  vortex. From the  i n i t i a l  condit ion,  the  flow 
quickly expanded about the  leading edge t o  a supersonic crossflow. A 
crossflow shock a l s o  developed on the  leeward surface  with no separat ion 
evident .  Concurrently, the  leading-edge expansion produced large  
ent ropy/vor t ic i ty  e r r o r s  which were convected downstream t o  t h e  developing 
crossflow shock. The i n t e r a c t i o n  of t h e  two produced a separated region a t  
t h e  base of the  shock. The separa t ion  then expanded t o  form the  primary 
vortex and the  shock i s  e i t h e r  absent  o r  confined t o  the  vortex near the  t i p  
a t  the  point  of separat ion.  
F i r s t -  and second-order accurate upwind so lu t ions  were computed on the  
same coarse gr id .  The f i r s t - o r d e r  scheme is  the  most d i s s i p a t i v e  scheme 
considered and does not accurately resolve  t h e  de ta i l ed  flow s t ruc tu re .  
However, a s  can be seen i n  Fig. 11, t h e  flow remains a t tached a t  the  leading 
edge. The second-order so lu t ion  is shown i n  Fig. 12, and the  higher accuracy 
now cor rec t ly  p r e d i c t s  the  shock-induced vortex centered near the  point  
y/x = 0.1. Crossflow Mach number and entropy p l o t s  f o r  t h e  second-order 
accurate so lu t ion  a r e  given i n  Fig. 13. The pressure  c o e f f i c i e n t  f o r  t h e  
f i r s t -  and second-order accurate so lu t ions  is  shown i n  Fig. 14. A s  would be 
expected, t h e  leading-edge expansion and crossflow shock a r e  b e t t e r  resolved 
with the  more accurate differencing.  ~ h a k r a v a r t h y ~ ~  has a l s o  solved the  
present  case with an upwind Euler code on the  same coarse g r id  and found no 
evidence of leading-edge separat ion.  
Fine Grid Euler 
The g r id  used i n  the  viscous so lu t ions ,  Fig. 2,  was a l s o  used fo r  t h e  
inv i sc id  ca lcu la t ion .  The i n t e n t  was t o  reduce the  e f f e c t  of numerically 
induced e r ro r s  through b e t t e r  s p a t i a l  resolu t ion  of the  t i p  region. Second- 
order  accurate c e n t r a l  and upwind di f ference  so lu t ions  a r e  v i r t u a l l y  identical .  
on t h i s  grid.  A s  can be seen i n  Fig. 15, the  c e n t r a l  d i f ference  solu t ion  is  
now at tached a t  t h e  leading edge. I n  both so lu t ions ,  a s  i n  the  coarse g r i d  
upwind solu t ion ,  a small vortex appears downstream from the  crossflow shock. 
The vortex is  due t o  shock generated v o r t i c i t y  and is a v a l i d  Euler 
so lu t ion .  A p l o t  of the  crossf  low Mach numbers, Fig. 16, shows both the  
crossflow shock and the  shock induced wake. In Fig. 17, enlarged views of the  
crossfLow Mach number and entropy contours a r e  given f o r  the  central. 
d i f ference  solu t ion .  Entropy is generated across the  shock according t o  t h e  
loca l  shack s t rength .  It is the  entropy va r i a t ion  normal t o  the  streamline 
whj-ch produces the  v o r t i c i t y  as requi red  by Crocco's theorem and the  
subsequent vortex. On the  f i n e  g r id ,  the  leading-edge expansion i s  
e s s e n t i a l l y  i sen t rop ic .  This can a l s o  be seen i n  Fig. 18 where the  leading- 
edge expansion is noticeably sharper than t h e  upwind solu t ion  on the  coarse 
g r id .  The small bump a t  y/yLE = 0.3 i s  due t o  the  expansion under the  vortex.  
Since boundary condition e r r o r ,  t runcat ion  e r r o r ,  and added a r t i f i c i a l  
d i s s ipa t ion  a l l  go t o  zero i n  the  l i m i t  a s  t h e  g r id  is  refined,  it is r a t h e r  
d i f f i c u l t  t o  a sce r t a in  t h e  p rec i se  cause of t h e  c e n t r a l  d i f ference  
separa t ion .  However, when compared with t h e  upwind r e s u l t s ,  c e r t a i n  
p o s s i b i l i t i e s  can be el iminated.  Both schemes enforce t h e  surface  boundary 
condit ions with equivalent  accuracy. Since t h e  f i r s t -o rde r  upwind so lu t ion  
has the  l a r g e s t  t runcat ion  e r r o r  and y e t  remains at tached on t h e  coarse gr id ,  
the  cause of the  c e n t r a l  d i f ference  separa t ion  is not j u s t  a  matter  of 
inadequate numerical resolu t ion .  The one d is t inguishing c h a r a c t e r i s t i c  
between t h e  upwind and c e n t r a l  d i f ference  methods is  the  added a r t i f i c i a l  
d i s s ipa t ion  model necessary f o r  s t a b i l i t y  and t o  cont ro l  shock o s c i l l a t i o n s .  
Although i n  regions of smooth flow, t h e  added terms a re  of higher order  than 
the  t runcat ion  e r r o r ,  i n  regions of l a rge  gradients ,  the  pressure switch b u i l t  
i n t o  t h e  model causes t h e  scheme t o  r e v e r t  t o  f i r s t  order .  For t h i s  reason, 
it has been widely speculated,  but  not proven, t h a t  the  a r t i f i c i a l  d i s s ipa t ion  
model i s  responsible f o r  spurious i n v i s c i d  separa t ion .  It is  i n t e r e s t i n g  t o  
note,  i n  comparing entropy generation a t  t h e  t i p  between the  c e n t r a l  and 
upwind solu t ions  on the  coarse g r i d  (Figs. 9 and 13) ,  t h a t  although t h e  upwind 
value is lower (0.3) than the  c e n t r a l  d i f ference  value (O.6), t h e  terms a r e  of 
the  same order of magnitude. 
SHARP LEADING KM;ES 
Havier-Stokes Solutions 
A th in- layer  Navier-Stokes so lu t ion  was computed f o r  the  t h i n ,  sharp- 
edged wing a t  a  Reynolds number, Rem = 0.1 x lo6,  using the  second-order 
accurate scheme. The g r id ,  Fig. 19, cons is ted  of 151 x 65 po in t s  with a 
minimum s t e p  s i z e  As/x = 0.0002. The crossflow v e l o c i t i e s ,  Fig. 20, e x h i b i t  
t h e  same primary and secondary vor t i ces  a t  the  same locat ions  a s  the  rounded 
leading edge. Crossflow Mach contours a r e  given i n  Fig. 21. 
PEuLer Solutions 
Since the  upwind code was found t o  be much l e s s  suscept ib le  t o  spurious 
inv i sc id  separa t ion  f o r  rounded leading edges, i ts  behavior f o r  sharp leading 
edges was inves t iga ted .  The e s s e n t i a l  d i f ference  is  t h a t ,  unlike t h e  rounded 
leading edge, t h e  l o c a l  behavior a t  t h e  sharp edge is s ingular .  Both f i r s t -  
and second-order so lu t ions  were computed on coarse and f i n e  gr ids .  Because of 
the  very l a rge  gradients  i n  the  flow near t h e  t i p ,  it was found necessary t o  
use f i r s t - o r d e r  in te rpo la t ion  (equation 13) i n  the  f lux  ca lcu la t ions  f o r  some 
3-4 po in t s  away from and on e i t h e r  s i d e  of t h e  t i p  i n  the  second-order 
so lu t ions .  This type of f l u x  l imi t ing  has been used ( r e f .  28) t o  ensure 
monotone shock p r o f i l e s  f o r  s t rong shocks. The ca lcula t ion  remains f u l l y  
conservative. 
The coarse g r id ,  Fig.  2 2 ,  consisted of 75 x 55 points .  T h e  loca l  t i p  
resolu t ion  is  s i g n i f i c a n t l y  l e s s  than t h a t  of the  sharp t i p  viscous g r id ,  Fig. 
19. On t h i s  g r id ,  both f i r s t -  and second-order so lu t ions  are  at tached a t  t h e  
leading edge. The second-order so lu t ion  p r e d i c t s  a vortex downstream of  t he  
crossflow shock as  can be seen i n  Fig. 23. Crossflow Mach nu&er and entropy 
contours for the  second-order so lu t ion  a r e  given i n  Fig. 24. Despite the  
presence of Xarge entropy e r r o r s  generated a t  the  t i p ,  leading-edge s q a r a t i o n  
does not occur. The pressure  c o e f f i c i e n t ,  Pig. 25, i s  s imi la r  t o  the  rounded 
edge r e s u l t  with a well-defined crossflow shock. 
A zero thickness wing was considered i n  order  t o  determine i f  at tached 
flow solut ions  could be obtained i n  t h i s  extreme case. Powell e t  a1.I 
r ecen t ly  presented leading-edge vortex so lu t ions  f o r  s i m i l a r  
geometries using a f i n i t e  volume c e n t r a l  d i f ference  scheme. The g r id  
dimensions were the  usual  151 x 65 points .  However, a s  seen i n  Fig. 26, the  
l o c a l  resolu t ion  a t  the  t i p  is r e l a t i v e l y  coarse. The f i r s t - o r d e r  so lu t ion  
d id  not  exh ib i t  leading-edge separa t ion .  The crossflow v e l o c i t i e s ,  Fig. 27, 
show a vortex downstream of the  crossflow shock. Crossflow Mach number and 
entropy a r e  given i n  Fig. 28. The second-order so lu t ion  exh ib i t s  leading-edge 
separa t ion ,  a s  i s  evident  i n  Fig. 29. Both solu t ions  a r e  f i r s t - o r d e r  accurate 
a t  t h e  leading edge. Although t h e  (pseudo) t r a n s i e n t  development of the  two 
so lu t ions  was not observed, it is presumed t h a t  the  i n t e r a c t i o n  of the  
crossflow shock with t h e  r o t a t i o n a l i t y  induced a t  t h e  leading edge is  uns table  
i n  the  more accurate ca lcula t ion .  A s  a consequence, the  flow separa tes  a t  the  
base of the crossflow shock and the  separa t ion  bubble grows t o  form the  primary 
vortex. In Fig. 30, it can be seen t h a t  the  crossflow shock has been displaced 
t o  a pos i t ion  above the  vortex near i t s  inboard boundary. The pressure coe f f i -  
c i e n t  f o r  the two so lu t ions  i s  given i n  Fig. 31. The second-order so lu t ion  has 
been compared with the  r e s u l t s  obtained by K. Powell and E. Murman (Massachusetts 
I n s t i t u t e  of Technology, p r iva te  communication). Although the  comparison is  not 
shown, the  two computations a r e  i n  c lose  agreement, including the  l e v e l  of mini- 
mum pressure c o e f f i c i e n t  and the  ex ten t  and shape of the  separa t ion  vortex, 
Fine Grid Wnler 
Upwind W l e r  so lu t ions  were computed f o r  t h e  t h i n ,  sharp-tipped wing 
using t h e  f i n e r  viscous g r id ,  Fig. 19. In con t ras t  t o  the  previous coarse 
g r i d  ca lcula t ions ,  both the  f i r s t -  and second-order so lu t ions  a r e  separated a t  
t h e  leading edge. The f i r s t - o r d e r  so lu t ion  p red ic t s  a very shallow vortex 
extending from the  leading edge t o  the  cen te r l ine .  The second-order so lu t ion  
p r e d i c t s  the  more fami l i a r  separa t ion  vortex. The crossflow veloci ty  p l o t ,  
Fig. 32, reveals  two smaller secondary vor t i ces  near the  leading edge. 
Referencing the  crossflow Mach number p l o t ,  Fig. 33, t h e  secondary vor t i ces  
a r e  t r igge red  by a small crossflow shock embedded i n  t h e  vortex. These 
fea tu res  were not found i n  the  viscous ca lcula t ion ,  Rew = 0.1 x lo6,  Fig. 
20. The inv i sc id  ca lcu la t ion  a l s o  p r e d i c t s  a crossflow shock above the  vor tex  
near the  inboard boundary which i s  not  present  i n  the  viscous r e s u l t .  A t h i n  
l aye r  ( laminar)  viscous ca lcu la t ion  a t  a Reynolds number of Reoo = 50 x lo6 
a l s o  f a i l e d  t o  exh ib i t  the  inv i sc id  shock-induced secondary vor t i ces .  The 
pressure  coe f f i c i en t  a t  the  lower Reynolds number i s  compared with the  viscous 
solu t ion  i n  Fig. 34. 
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Air Force Wright Aeronautical Laboratories 
Kright-Patterson Air Force Base, Ohio 
ABSTRACT 
Steady solutions about a slender sharp-edged delta wing in a supersonic 
freestrean? for moderate and high angles of attack are obtained numerically by 
time integration of the unsteady compressible three-dimensional laminar 
Navier-Stokes equations. The main features of the flow, including primary and 
secondary separation, and vortex position and strength, are adequately simu- 
lated in the numerical solutions. Improved resolution of the computational 
grid in the leading-edge region from a previous solution had considerable 
effect on the accuracy of the solutions. Good agreement between numerical 
solutions and experimental data was obtained for two cases. A local 
timestepping procedure is used to speed convergence by approximately a factor 
of two. 
NOMENCLATURE 
A attachment line 1 
c speed of sound (y~~)' 
pressure coefficient, 2(P-Pm)/pUm 2 
internal specific energy 
total specific energy 
vector fluxes 
model length, mm 
freestream Mach number 
pressure 
Prandtl number, 0.73 for air 
components of heat flux vector 
gas constant 
Reynolds number, based on the root chord 
separation line 
time 
temperature 
Cartesian velocity components in x,y,z directions, respectively 
U,VsW 
vector of mass averaged variables 
Cartesian coordinates in axial, normal, and spanwise directions, 
respectively 
angle of attack 
numerical dampfng coefficient 
r a t i o  s f  s p e c i f i c  heats 
f i n i t e  d i f ference step s i z e  
mo%ecular viscosity coefficient 
transfomed body fitted coordinates 
6, deaal ty  
T ,T T 
XX xy, XZ, 
a a T components of viscous stress tensor yy yz z z  
Subscripts 
aw 
LE 
max 
min 
loc 
T 
Q) 
adiabatic wall value 
evaluated at wing leading edge 
maximum value 
minimum value 
local value 
pitot conditions 
freestream value 
INTRODUCTION 
In recent years, with the advent of the supercomputer, computational 
aerodynamicists have devoted considerable effort to the solution of increas- 
ingly complex three-dimensional separated flows with a view toward the solution 
of airframe design problems. One of the most interesting and most practical 
of these is the separated flow field associated with a slender sharp-edged 
delta wing at angle of attack. Characterized by a pair of leeward spiraling 
vortices emanating from the separated leading-edge flow this inviscid-viscous 
flow problem has been computed using several techniques. Higher order panel 
methods (1-3) have enjoyed some measure of success by modeling the vortex 
roll-up as a sheet of quadratic doublets. However, this method requires the 
presence of a vortex and some awareness of its size and position. These 
restrictions are removed when a 3-D Euler approach is used ( 4 , 5 ) .  The physical 
meaning of such solutions is questionable, however, given the apparent 
dependency on grid resolution (6) and on the use of numerical viscosity. Using 
a conical flow approximation, Vigneron (7) et al. obtained a Navier-Stokes 
solution for a delta wing having a subsonic leading edge. With this approach, 
the location and basic structure of the primary vortex may be accurately 
computed. However, in cases where the adverse pressure gradient in the 
outboard region of the wing, induced by the leading-edge expansion, is of 
sufficient strength to produce a secondary separation, the conical approach 
becomes inadequate as evidenced by the results of Reference 7. Previous 
results presented by Rizzetta and Shang (8) illustrated that by using the full 
3-D compressible laminar Navier-Stokes equations secondary effects may be 
accurately resolved numerically. The current investigation adopts this 
technique for an additional high angle-of-attack case and attempts to enhance 
the results of the previous study by improving the grid resolution and 
leading-edge definition, The present study investigates numerically the 95' 
sweep delta wing studied experimentally by Naonnerie and Werle (9 )  depicted i n  
Figure 1, 
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(13) 
m d  the Sutherland law for the molecular viscosity coefficient p. Freestrem 
values are specified as boundary conditions for all dependent variables at the 
upstream, outboard, upper and lower computationalboundaries, i . e . , , U  6 Urn. At 
the d n g  midspan a plane of ayPmmetrg is imposed which results in: 
On the upper and lower wing surface 
U 6 v = W 6 0  
&' Taw .% 
,0, where n is the unit normal to the surface 
A 
an 
Because only computations corresponding to supersonic freestream condi- 
tions were considered, no formal mathematical downstream boundary conditions 
were needed. However, due to the requirements of the numerical algorithm 
used, values of the dependent variables at the downstream computational 
boundary are obtained by second-order extrapolation from the interior domain. 
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Freestream va lues  were used a s  t h e  i n i t i a l  condi t ions  save  f o r  the 
i n t e r i o r  boundary where s u r f a c e  cond i t i ons  were a p p l i e d ,  Jn order  t o  remove 
t he  i n i t i a l  t r a n s i e n t s ,  t h e  numerical f low f i e l d s  were allowed t o  evolve f o r  
100 time s t e p s  i n  t h e  time accu ra t e  mode with At chosen such t h a t  the maximum 
Courant Fredicks  Lewy (CFL) number was 0 - 5 ,  Subsequently,  t h e  CFL number was 
increased  t o  0.8 and the computation was allowed t o  progress  t o  s teady  s t a t e  
i n  a  l o c a l  t imestepping fash ion ,  where each g r i d  poin t  advances a t  i t s  own 
r a t e  (Atlo corresponding t o  a  CFL number of 0.8) f o r  a  given i t e r a t i o n .  This  
procedure gas  the  advantage of advancing the  s o l u t i o n  t o  a  s t eady- s t a t e  value 
much more exped i t i ous ly  s i n c e  the  more coarse reg ions  of t h e  phys i ca l  domain 
a r e  a b l e  t o  advance more quick ly  than i n  a  time accu ra t e  mode, This  modifi- 
ca t ion  r e s u l t e d  i n  t h e  appearance of t h e  primary and secondary vo r t ex  s t r u c -  
t u r e s  i n  t h e  numerical s o l u t i o n  much e a r l i e r  than  i n  t he  work of r e f e rence  8 ,  
The computations were made on a  Cray 1-S computer u s ing  a  vec to r i zed  
s o l v e r  (12) w r i t t e n  s p e c i f i c a l l y  f o r  t h e  Cray 1 computer. The s o l v e r  advances 
t h e  s o l u t i o n  from one time s t e p  t o  t h e  next  i n  n-5 p lanes  by marching i n  t he  
6-d i rec t ion ,  t hus  minimizing t h e  d a t a  flow t o  and from c e n t r a l  memory. Using 
t h e  p rev ious ly  def ined  computational g r i d ,  approximately 1.124 x 106 de irnal 
words of s t o r a g e  were requi red .  A d a t a  processing r a t e  of 6.9 x lo-' CPU 
seconds pe r  t i m e  s t e p  per  g r i d  p o i n t  was achieved where v e c t o r i z a t i o n  occurred 
i n  t h e  <-d i rec t ion ,  wi th  a  vec to r  l eng th  of 50. 
RESULTS 
Numerical s o l u t i o n s  were generated f o r  t h e  flow about t he  d e l t a  wing 
i l l u s t r a t e d  i n  F igure  1 a t  a Mach number of 1.95 (0.5 normal t o  t h e  l ead ing  
edge) f o r  10" and 20" angles  of a t t ack .  The f r ees t r eam condit ions correspond 
t o  those of the  experimental work of Monnerie and ~ e r l e g ,  t he  s p e c i f i c s  of 
which a r e  given i n  t h e  t a b l e  on Figure 1. A comparison of p i t o t  p re s su re  
contours  from re fe rence  8 t o  t he  cu r r en t  a = 10" s o l u t i o n  i s  given i n  Figure 
4. Both s o l u t i o n s  a r e  a  marked improvement over  t h e  r e s u l t s  of r e f e rence  7 
which employed a  con ica l  approximation and d i d  not  cap tu re  t h e  secondary 
sepa ra t ion .  However, while  t h e  shape and l o c a t i o n  of t h e  primary and 
secondary v o r t i c e s  a r e  roughly the  same, t h e  p i t o t  p ressure  l e v e l s  on the  wing 
upper s u r f a c e  a r e  no t .  The s o l u t i o n  of re ference  8 shows l e s s  evidence of 
p i t o t  p re s su re  l o s s  i n  t h e  primary vo r t ex  reg ion  a s  shown by the  l a r g e  d i s -  
p a r i t y  i n  t h e  PT/PT, = 0.7 pressure  l e v e l s .  This  may be a t t r i b u t e d  t o  the  
improved r e s o l u t i o n  i n  t h e  leading-edge t i p  reg ion  which leads  t o  a  more 
accu ra t e  computation of the  leading-edge expansion, hence the  improved cor re-  
l a t i o n  wi th  experiment a s  shown i n  F igure  5. The expanded g r i d  s i z e  i n  t h e  r~ 
and < -d i r ec t ions  may a l s o  account f o r  some of t h i s  improvement a s  t h e  o u t e r  
boundaries a r e  much f a r t h e r  from t h e  wing. I n  a d d i t i o n ,  t he  increased  
r e s o l u t i o n  of t h e  apex reg ion  by the  a d d i t i o n  of t h e  - X = 0.05 s t a t i o n  improves 
L 
t he  modeling of t h e  flow being en t r a ined  i n t o  t h e  i n v i s c i d  core ,  
The improved resolution in the q or y direction accounts for the in- 
creased c l a r i t y  of the upper surface "oil flow" patterns shorn in Figure 5 ,  
While the position of the primary and secondary lines of separation (S and S2  1 
respectively) and reattachment (A A ) are nearly the same, their sharpness, 1" particularly near the trailing edge, 1s improved. This improvement is attrib- 
uted to a second-order treatment of the downstream boundary condition. However, 
in spite of these differences, the aerodynamic loading perceived on the wing 
is similar as shown in the distributions given in Figure 7. Here the suction 
and are similarly located. 
peaks associated with the mary and secondary vortices are clearly in evidence 
The development of the cross-plane velocity with X is illustrated in 
Figures 8 and 9 for 10' and 20" respectively. Here the growth of the primary 
and secondary vortices and their inboard migration with angle of attack are 
evident and the non-conical nature of the flow field near the apex is re- 
vealed. Interesting to note is the fact that the secondary vortex originates 
at approximately 2 = 0.3 for both cases. These same features are also evident 
L 
in the upper surface "oil flow" pattern given in Figure 10. While the flow is 
non-conical in the apex region, analysis of Figures 7-10 indicates that for 
the majority of the planform the flow is fairly conical. 
The effect of angle of attack on loading is emphasized in the comparison 
of pressure coefficient depicted in Figure 11. The expected increase in 
loading and the inboard shift of vortex-associated surface pressure loss with 
a is evident. From analysis of the pitot pressure contours in Figure 12 one 
can observe the growth of the secondary vortex and its displacement effect on 
the primary. The increased circumferential velocity in the primary vortex 
with angle of attack induces the observed pressure loss in the vortex core. 
Comparison of the 20" solution to the experiment of Monnerie and Werle in 
Figure 13 illustrates the remarkable accuracy of the laminar Navier-Stokes 
computation in spite of the rather high Reynolds number of the experiment. 
CONCLUSIONS AND DISCUSSIONS 
Steady laminar solutions of the full 3-dimensional Navier-Stokes 
equations have been generated for the supersonic (M = 1.95) flow over a 75" 
sweep sharp-edged delta wing at 10" and 20' angles of attack. Comparison with 
experiment and with the Navier-Stokes solution of reference 8 shows the 
following: 
1. For both cases, the flow field solution correlates well with experi- 
ment, The position and strength of the primary and secondary vortices are ac- 
curately predicted. This leads one to believe that a laminar Navier-Stokes 
solution to the leading-edge vortex problem is adequate for obtaining pitot 
pressure, particularly for configurations with a Reynolds number less than 1 x 
6 10 such a s  in the present study, at least until an adequate turbulence model 
is developed f o r  v o r k i e a l  f lows.  
2, An accurate geometrical modeling of the leading edge and considerable 
resolu%.Esn of the tip region appear critfcal to the accurate cornpatation of 
the Leading-edge expansion. The agreement obtalned l z l  the present study is 
a t t r i b u t e d  in part to these two modifications to the grid of reference 8. A 
more accurate treatment of the downstream boundary condition also accounts 
for the improved solution in the trailing-edge region. In addition, the 
expansion of the computational domain in the Q and 5 directions probably re- 
sulted in some improvement in the 10' solution. 
3. Because secondary separation develops axially as well as radially, 
methods employing a conical assumption will not adequately resolve a large 
portion of the flow field. In addition, resolution of the apex region is 
critical due to its highly non-conical structure. 
4. The use of a local timestepping procedure increased the convergence 
rate by roughly a factor of two. It is estimated that each solution of the 
laminar 3-dimensional compressible Navier-Stokes equations presented herein 
required approximately 2 hours of CPU time on a CRAY 1-S computer to reach 
steady state based on a four order of magnitude reduction in L2NORM for all 
dependent variables. 
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M OYERVIEW W mE mIDME#TIU, ERODYWMICS B M C H B S  ESEMCH ACTIVITIES 
IN WING LEWI)IWG-EDGE VORTEX FLOWS AT %PERSONIC SPEEDS 
David S, Miller, Richard Me b o d ,  and Peter  F, CsveBl 
NASA Eangl ey Research Center 
Wampton, V i  rgi n i  a 
For  the  pas t  3 years, a research program p e r t a i n i n g  t o  the  study o f  wing 
leading-edge v o r t i c e s  a t  supersonic speeds has been conducted i n  the Funda- 
mental Aerodynamics Branch o f  the High-Speed Aerodynamics D i v i s i o n  a t  the 
Langley Research Center. The purpose o f  the research i s  t o  p rov ide  an under- 
standing of the f a c t o r s  governing the format ion and the con t ro l  o f  wing 
leading-edge v o r t i c e s  and t o  evaluate the use o f  these v o r t i c e s  f o r  improving 
supersonic aerodynamic performance. The s tud ies  inc lude both experimental and 
t h e o r e t i c a l  i n v e s t i g a t i o n s  and focus p r i m a r i l y  on planform, th ickness and 
camber e f f e c t s  f o r  d e l t a  wings. This  paper w i l l  present  an overview o f  t h i s  
research a c t i v i t y  . 
INTRODUCTION 
Dur ing the l a s t  20 years, aerodynamicists have attempted t o  design a i r -  
c r a f t  wings f o r  e f f i c i e n t  supersonic f l  i g h t  us ing  at tached-f low concepts. For  
c r u i s e  1 eve1 s o f  1 i ft, 1 i nearized-theory w i  ng-desi gn methods ( r e f s .  1 and 2 )  
have successful l y  produced optimum t w i  s ted  and cambered wings. Because o f  t he  
e a r l y  success o f  these methods, the methods have been cont inuously  mod i f ied  
and r e f  i ned t o  i ncl  ude the  e f f e c t s  o f  component-on-wi ng i n te r fe rence  ( r e f .  3) ,  
r e a l  - f l ow  cons t ra i  n t s  ( r e f .  4 ) ,  and a t t a i n a b l e  1 eadi ng-edge t h r u s t  ( r e f .  5 1. 
Example appl i c a t i o n s  o f  t h i s  low l e v e l  -of -1 i f t  w i  ng-design techno1 ogy can be 
found i n  references 6 through 8. 
For  maneuver l e v e l s  o f  1 i ft a t  supersonic speeds, bas ica l  l y  two approaches 
are  a v a i l a b l e  f o r  the  design o f  wings. One approach i s  t o  p rov ide  an 
attached-f low, c o n t r o l l e d  expansion around the wing lead ing  edge and on the 
upper sur face ( r e f s .  9 and 10). This  at tached-f low approach f o r  producing 
e f f i c i e n t  h igh  1 i f t  depends on the abi 1 i t y  t o  accelerate the f l ow  around the  
lead ing  edge t o  s u p e r c r i t i c a l  cond i t ions  on the upper surface and then decel- 
e ra te  the  f l ow  w i thou t  causing separat ion o r  producing st rong shocks. This 
concept has been exper imenta l ly  v e r i f i e d ,  and a summary o f  the  i n v e s t i g a t i o n  
i s  given i n  reference 11. The second approach f o r  ob ta in ing  e f f i c i e n t  high- 
l i ft wings uses a c o n t r o l  l ed, separated, 1 eadi ng-edge vor tex f l ow which no t  
on ly  produces vor tex  l i f t ,  b u t  when the  vor tex  i s  p roper ly  loca ted  on a 
def 1 ected I eadi ng-edge, a1 so produces s i  gni f i cant  1 eve1 s o f  ef f e e t i  ve 1 eadi ng- 
edge thrust. I nves t i ga t i ons  ad su t ransonic speeds (refs, 12 t o  
16) o f  the  fundamental vortex behavior on the leeward surface of wings have 
led t o  the design o f  several unique and novel leading-edge devices (refs* 17 
t o  21) commonly referred t o  as "weex f l a p s * "  "so, t o  a l d  i n  the design o f  
vor tex  f laps,  several computer codes f r e f s o  22 t o  24) w i t h  vary ing degrees o f  
compl e x i  ty are be? ng devel oped t o  p red i  c t  vortex I s e a t i  on, strength, and 
e f f e c t  on the wing. As summarized i n  reference 25, the development o f  t h i s  
new wing-design techno1 ogy has been extensive bu t  has been conf ined mainly t o  
subsonic and t ransonic $1 ows. 
I n  1982, a research e f f o r t  was begun t o  explore the fundamental character- 
i s t i c s  o f  wing l eading-edge vor tex f lows a t  supersonic speeds. A review o f  
t he  l i t e r a t u r e  i nd i ca ted  t h a t  various aspects o f  the  problem had been pre- 
v ious l y  explored; however, there  d i d  n o t  e x i s t  a complete and systematic s e t  
of experimental data from which one could determine the most basic e f f e c t s  
such as Mach number, planform, thickness and camber. To provide t h i s  inform- 
a t ion ,  an experimental program was formulated f i r s t  and c l o s e l y  fo l lowed by a 
complementary t h e o r e t i c a l  e f f o r t .  Th is  paper w i  11 present  an overview o f  t he  
experimental and theo re t i ca l  programs. F o l l  owing the  overview, a discussion 
o f  aerodynamic performance i s  presented. I n  t h i s  discussion, a comparison i s  
made between w i  ngs designed f o r  optimum camber, w i  ngs w i t h  conventional 
l eadi ng-edge f l aps, and wings w i t h  conical  vor tex f l aps. 
NOMENCLATURE 
drag c o e f f i c i e n t  
incremental change i n  drag c o e f f i c i e n t  from the minimum drag o f  a 
f l a t  wing 
l i f t  c o e f f i c i e n t  
vor tex induced normal - fo rce  c o e f f i c i e n t  
pressure c o e f f i c i e n t  
vacuum pressure c o e f f i c i e n t  
model l eng th  
Mach number 
component o f  Mach number normal Lo wing lead ing edge = 
M cos n (1 + s i n 2  a tan2 A ) ~ ' ~  
I ongi  t u d i  nal  d i  stance measured Prom mdel o r i g i n  
V spanwise distance masured from model centerllne 
Y,,, maximum spanwi se model dimension 
a angle of attack, deg 
.. 
"N angle of attack normal to wing leading edge = tan (tan a/cos A )  
B J M2 - 1 and angle of yaw, deg 
f l eadi ng-edge-fl ap deflection angle measured streamwi se,  deg 
A wing leading-edge-sweep angle, deg 
ri fraction of 1 ocal w i  ng semi span 
DISCUSSIOW 
An experimental -theoretical research e f fo r t  i s  under way to investigate 
the fundamental character is t ics  of wing leading-edge vortex flows a t  
supersonic speeds. In order to present a complete overview of the program, 
both completed, ongoing and planned investigations will be included in the 
following discussion. 
Experimental Program 
The primary objective of the experimental program i s  to obtain a complete 
and consistent se t  of data necessary to determine the effects  of wing  plan- 
form, thickness and camber on the character is t ics  of wing leading-edge vortex 
flows. To obtain a consistent s e t  of data for the ent i re  program, an e f fo r t  
was made to  keep the wing planforms, flow conditions and types of data consis- 
ten t  throughout. The specific ingredients for consistency were established in 
the planform investigation which was the f i r s t  part  of the experimental 
research program. 
- Shown i n  figure 1 are planform sketches of 
the 4 wind tunnel models selected for testing. The models had leading-edge- 
sweep values ranging from 52.5' to 75'. In th i s  i n i t i a l  t e s t ,  i t  was- 
desirable to minimize the effect  of a i r fo i l  shape and thickness; therefore, 
the leading edge was made sharp (10" angle normal to leading edge located on 
lower surface) and the upper surface was made f l a t .  Each model had a span of 
12 i n .  and a spanwi se row of 19 evenly spaced pressure or i f ices  located 
approximately 1 in. forward of the t r a i l i ng  edge* 
D W ~ , ,  , , ,,sous + experimental t e s t s  employed only a single type s f  flow- 
v i s u a l i z a t i o n  data with or without pressure data Lo explain the vortex pheno- 
mena. However, as shown -in f i g u e  2, these experimental pressure data were 
obtained along w i  t k  three types of f l ow -v i sua l  i z a t i o n  data .  As shown a t  the 
t op  of the f igure ,  both t u f t  and a i l - f l o w  photographs were used t o  examine the 
f l ow  eka rac te r i  s t i c s  on the model surface, These two techniques g ive s l i g h t l y  
d i f f e r e n t  types o f  in format ion,  Both methods are used t o  determine surface 
f l ow  d i  r e c t i o n  by the a l  ignment o f  the t u f t s  o r  the s t reak ing  o f  the o i l  ; 
however, the t u f t s  tend t o  r e f l e c t  the v e l o c i t y  d i r e c t i o n  a t  the edge o f  the 
boundary layer ,  and the  d i r e c t i o n  o f  o i l  s t reak ing  i s  i n f l uenced  n o t  only by 
the  sur face v e l o c i t y  b u t  a lso  by the pressure d i s t r i b u t i o n .  
Only the vapor-screen f l o w - v i  sual i z a t i o n  technique prov ides f l o w - f i e l d  
in fo rmat ion  on the  size, shape, and l o c a t i o n  o f  the  vor tex as shown i n  the  
lower r i g h t  s ide o f  f i g u r e  2. The dark areas i n  the  photographs are regions 
having l e s s  vapor than the l i g h t  areas and thus, the  dark areas correspond t o  
the h i g h l y  r o t a t i o n a l  vor tex- f low regions i n  which the  vapor p a r t i c l e s  have 
been displaced. Examples and d iscussion o f  these var ious types o f  data and 
t h e i r  re1  a t i  onship w i t h  1 eadi ng-edge vor tex  behavior are given i n  reference 
26. Each model was tes ted  a t  Mach numbers o f  1.7, 2.0, 2.4 and 2.8 f o r  angles 
o f  a t tack  ranging from 0" t o  20". 
I n  a previous study, Stanbrook and Squire ( r e f .  27) suggested t h a t  the 
f l o w  cond i t ions  normal t o  the  lead ing  edge, s p e c i f i c a l l y  normal angle o f  
a t tack  ( ) and normal Mach number (MN), govern the  type o f  f l ow  which 
ex i s t s .  ?tanbrook and Squire i n i t i a l l y  repor ted t h a t  near MN = 1 a boundary 
ex i s ted  d i v i d i n g  the flow i n t o  two d i s t i n c t  regions: f o r  MN < 1 the f l ow  was 
charac ter ized by a lead ing  edge, separated, r o l  led-up vor tex- type f l ow  and f o r  
MN > 1 the  f l ow  was charac ter ized by an attached f l ow  w i t h  poss ib le  shock- 
induced separat ion. The c l a s s i f i c a t i o n  i n t o  j u s t  two types o f  f l ow  provided 
by the Stanbrook-Squire boundary was rev i sed  by Ganzer, Hoder and Szodruch 
( re f .  28); however, t h i s  l a t t e r  e f f o r t  was based on a s i n g l e  leading-edge- 
sweep angle o f  73" and f l ow  cond i t ions  o f  MN > 1. A complete review o f  t h i s  
work was presented by Szodruch and Peake ( r e f .  29). I n  the present planform 
study, four leading-edge-sweep values were used t o  examine the type o f  f l ow  
f o r  cond i t ions  which l i e  above and below the MN = 1 Stanbrook-Squire boundary. 
Using p r i m a r i l y  vapor-screen in format ion,  the types o f  f l ow  observed i n  
t h i s  t e s t  were d i v ided  i n t o  the  seven categor ies as shown i n  f i g u r e  3. A 
d e t a i l e d  d iscussion o f  each o f  these f l ow  types can be found i n  reference 
26. I n  f i g u r e  4, a l l  o f  the  t e s t  data are summarized according t o  one o f  the 
seven f l ow  types. The aN - MN space i s  c l e a r l y  d i v ided  i n t o  regions where the 
f low type i s  i nd i ca ted  by the vapor-screen sketch placed i n  each region. As 
an added fea ture  t o  p rov ide  add i t i ona l  i nformation, the open symbols i d e n t i f y  
f lows w i t h  shocks; t he  c losed symbol s  i dent i  fy shock1 ess f lows; the  c i  r c u l  a r  
symbols i d e n t i f y  f lows w i t h  pr imary and secondary vo r t i ces ;  the  square symbols 
i d e n t i f y  f lows con ta in ing  separat ion bubbles; the  diamond symbols i d e n t i f y  
f lows w i t h  shock induced separat ion; and the t r i a n g l e  symbols i d e n t i @  f lows 
w i t h  no separat ion. As shown by the s o l i d  t r i a n g l e s  i n  the f i gu re ,  the only  
f l o w  cond i t i ons  which produced shockless attached f lows were angles o f  a t tack  
of zero ( %  = 0 ) ;  however, t h i s  occurs only because the next smallest angle of 
a t tack  i n  the t e s t  m a t r i x  was 4", Because the two most e f f e c t i v e  types s f  
separated' Flow be1 ng consi  dered f o r  aerodynamic performance enhancements are 
the shockless bubble and shockless vortex, i t  i s  i n t e r e s t i n g  Lo note t h a t  
these two types o f  f low occupy the m a j o r i t y  o f  the reg ion  f o r  MN l e s s  than 
u n i t y ,  AS so above 20" normal angle o f  at tack,  the upper boundary o f  the 
reg ion  decreases towards MN = O w i t h  increas ing  uN. 
- The experimental wing planform i n v e s t i -  
ga t i on  was conducted w i t h  wind tunnel wing models designed t o  minimize the  
e f f e c t s  o f  a i r f o i l  shape and thickness; i .e., the  leeward wing sur face under 
i n v e s t i g a t i o n  was made f l a t .  However, ca l cu la ted  Eu ler  code resu l t s ,  obta ined 
by the method described i n  reference 30, a re  shown i n  f i g u r e  5 and i n d i c a t e  
t h a t  the est imated e f f e c t s  o f  thickness can be s i g n i f i c a n t .  Mach number 
contours a re  shown f o r  two d e l t a  wings each having 70' leading-edge-sweep 
angle b u t  w i t h  d i f f e r e n t  a i r f o i l  sect ions. One wing has a zero- th ick  a i r f o i l  
sec t i on  t o  represent  a f l a t  wing and the o the r  wing has a 7-percent-thick 
c i r c u l  ar-arc a i  r f o i  1 sect ion.  A1 though the c a l c u l a t i o n s  f o r  both wings were 
made a t  exac t l y  the  same f l ow  cond i t ions  o f  M = 2.5 and a = 180, the Mach 
number contours i n d i c a t e  t h a t  the types o f  f l o w  were completely d i f f e r e n t .  
The f l ow  over the l ees ide  o f  the zero- th ick  wing i s  charac ter ized by a we l l -  
developed leading-edge vo r tex  w i t h  a shock l oca ted  on top  o f  the vortex; the  
zero- th ick  wing f l ow  cond i t i ons  correspond t o  MN = 1.13 and aN = 44O and, as 
shown i n  the  aN - MN graphic, agree w i t h  the type o f  f l o w  exper imenta l ly  
observed i n  the  f l  at -wi  ng p l  anform study p rev ious l y  d i  scussed. I n  cont ras t ,  
f l ow  over the  l ees ide  o f  the 7-percent c i r c u l a r - a r c  t h i c k  wing i s  char- 
a c t e r i z e d  by a cross- f low shock w i t h  no signs o f  separat ion o f  any type. As 
i n d i c a t e d  i n  f i g u r e  4, t h i s  type o f  f l ow  would be expected t o  occur a t  a value 
o f  MN g rea te r  than u n i t y  and a value o f  aN l e s s  than 12'. Because the  wing 
leading-edge l o c a l  angle o f  a t tack  i s  cont inuously  vary ing  along the span due 
t o  the  nonconical geometry, i t  i s  no t  c l e a r  how t o  c a l c u l a t e  the  aN and MN 
values i n  o rder  t o  apply the  f l ow  c l a s s i f i c a t i o n  c h a r t  o f  f i g u r e  4. For  t h i s  
p a r t i c u l a r  th ick -w ing  example, reducing the wing angle o f  a t tack  o f  18" by 8' 
(which corresponds t o  one-half  the value o f  t he  t o t a l  th ickness angle o f  t he  
7-percent pa rabo l i c  arc a t  the lead ing  edge) r e s u l t e d  i n  a a,,, = 27O and a MN = 
0.95 as shown f o r  the t h i c k  wing l o c a t i o n  on the  a, - MN c h a r t  i n  f i g u r e  5. 
This  l o c a t i o n  corresponds t o  the boundary o f  several regions which a l l  should 
have some type o f  separated f low. Obviously a d d i t i o n a l  in fo rmat ion  i s  needed 
t o  understand the e f f e c t s  o f  thickness on the  lees ide- f low c h a r a c t e r i s t i c s .  
To prov ide  a s e t  o f  th ick-wing data t o  compare w i t h  the  f l a t - w i n g  data, a 
s e t  o f  e i g h t  wind tunnel  wing models has been constructed. The models have 
d e l t a  planforms i d e n t i c a l  t o  the f l a t  wings w i t h  leading-edge sweep angles o f  
52.5", 60°, 67.5" and 75". One se t  o f  models has 7-percent- th ick c i r c u l a r - a r c  
a i r f o i l  sec t ion  and the  o ther  se t  o f  models has 7-percent- th ick diamond 
a i r f o i l  sec t ions  (see f i g .  6). A1 though both wing se ts  have the same t h i c k -  
ness-to-chord r a t i o  s f  7 percent, t h e i r  Seading-edge th ickness angles are 
consi derably  d i f f e r e n t .  The circul ar-arc al" r f o i l  has a leading-edge th ickness 
ha1 f angle s f  approximately 8" and the diamond airfoil has a leading-edge 
thickness h a l f  angle o f  4", The t e s t  plans i nc lude oil flow, t u f t  and vapor 
screen f% ow-vi sual i f a t i o n  data which w i  P 1 be correlated w i t h  the $1 at-wing 
f l o w - v i s u a l  i z a t i o n  data $0 i d e n t i f y  "ythickness effects- 
- The purpose o f  the wing-camber study was t o  
exper imenta l ly  determine the e f f e c t s  o f  wing leading-edge camber on both the 
aerodynamic forces and tnoments as we l l  as the  wing's l ees ide  f l ow  character-  
i s t i c s .  The camber was represented by a de f l ec ted  leading-edge f l a p  on an 
otherwise uncambered wing having a f l a t  upper surface. Two se ts  o f  del  ta-wing 
models were constructed. One s e t  had a leading-edge-sweep angle o f  67.5", and 
the o the r  se t  had a leading-edge-sweep angle o f  75". Each s e t  had a leading-  
edge f l a p  w i t h  i t s  hinge l i n e  loca ted a t  70 percent  o f  the l o c a l  span; the  
leading-edge f l a p  cou ld  be de f l ec ted  down 0°, 5", 10" o r  15". The f l a p  
d e f l e c t i o n  angle i s  measured streamwise. As shown i n  the photograph o f  f i g u r e  
7, the models have a minimum-body balance housing which i s  con ica l  back t o  
approximately two- th i rds  o f  the model l eng th  a t  which p o i n t  t he  body balance 
housing becomes c y l  i n d r i c a l  . As a r e s u l t  o f  t h i s  design, a1 l model con f i g -  
u r a t i o n s  tes ted  had con ica l  lees ide  sur face geometries forward o f  t he  c y l i n -  
d r i c a l  p o r t i o n  o f  the  body balance housing. For  each o f  the  two sets o f  
wings, a removable fuselage forebody was constructed so t h a t  data cou ld  be 
obta ined w i t h  and w i t h o u t  fuselage forebody e f f e c t s .  The fuselage forebodies 
extended approximately 5 i n ,  beyond the wing apex and had a f i neness - ra t i o  2.5 
c i  r c u l  ar-arc nose and a 2.0-in .-diameter c y l  i n d r i c a l  c i r c u l a r  a f t  sect ion.  
Tes t ing  of the n = 75O wing w i t h  the fuselage forebody removed has been 
completed. Data were obta ined f o r  the same f l ow  cond i t ions  as those o f  the 
planform study, i .e. Mach numbers from 1.5 t o  2.8 and angles o f  a t tack  from 0" 
t o  20". Figure  8 i l l u s t r a t e s  the behavior o f  the l ees ide  f l o w  c h a r a c t e r i s t i c s  
a t  M = 1.7. S i m i l a r  behavior was observed a t  the  o the r  Mach numbers. For  the 
range o f  f l a p - d e f l e c t i o n  angles (6 f )  and angles o f  a t tack  (a) tested, th ree  
d i s t i n c t l y  d i f f e r e n t  f l ow  types were observed. The f l ow  type i s  charac ter ized 
by the existence, o r i g i n  and l o c a t i o n  o f  the  vor tex  and i s  denoted by the 
sketches on the  f i g u r e .  The sketch i nd i ca tes  the character  o f  both the vor tex 
and the associated surface pressure d i s t r i b u t i o n .  The shaded reg ion  corre-  
sponds t o  the  s i t u a t i o n  i n  which the  vor tex  o r i g i n a t e s  a t  t he  wing l ead ing  
edge and i t s  pr imary i n f l uence  i s  conf ined t o  the  leading-edge f l ap ;  t h i s  i s  
the  i d e a l  s i t u a t i o n  f o r  the operat ion o f  a vor tex f l a p .  For  angles o f  a t tack  
between 0" and l o a ,  the  shaded reg ion  has both upper and lower boundaries, 
For  a g iven angle o f  at tack,  t he  upper boundary denotes the f l a p - d e f l e c t i o n  
angle above which the  f o w  i s  attached on the  f l a p  bu t  separates a t  the  hinge 
l ine. Fo r  a given f l a p - d e f l e c t i o n  angle, the lower boundary denotes the  angle 
of a t tack  above which the vor tex  i s  no longer  conf ined t o  the l e a d i  ng-edge 
$1 ap but  extends beyond the hinge 1 ine, There a1 so e x i s t s  a p o i n t  where the  
upper and lower boundaries o f  the shaded region i n t e r s e c t .  Th is  p o i n t  def ines 
the maximum f lap-deflection angle a% w h i c h  the leading-edge f l a p  could be made 
$0 a c t  as a vertex f l a p *  It remains t o  be seen how the f o rce  and moment data 
c o r r e l  a t e  w i t h  the  l e e s i  de P I  ow charac te r i s t i cs .  
Because a d e f i n i t e  i n t e r a c t i o n  was observed beween the h inge- l ine  vor tex 
and the leadi ng-edge vortex, an experimental study o f  h i  nge-1 i n e  separat ion i s  
planned, As i l l u s t r a t e d  i n  f i g u r e  9, the h inge- l i ne  study w i l l  i nvo l ve  the 
t e s t i n g  o f  three hinge-l  i n e  models mounted on a spl f t t e r  p1 ate. The m d e l  s 
w i  11 have d i  f f erent  1 eadi ng-edge-sweep angl es o f  0" , 50°, and 70' and 1 eadi ng- 
edge f l a p  d e f l e c t i o n  angles ranging from 0' t o  40'. Each model w i l l  be 
instrumented so t h a t  pressure d i s t r i b u t i o n s  can be measured both streamwise 
and normal t o  the hinge l i n e .  As i nd i ca ted  i n  the  f igure ,  f low f i e l d  
pressures w i l l  be measured using a f l ow  survey pressure probe. 
Theoretical Program 
The o b j e c t i v e  o f  the theo re t i ca l  program was t o  explore the use o f  compu- 
t a t i o n a l  methods f o r  p r e d i c t i n g  the  l e a d i  ng-edge vor tex  c h a r a c t e r i s t i c s  o f  
wings a t  supersonic speeds. Two methods were examined. A modi f ied  
l inear ized- theory  method was found t o  adequately p r e d i c t  the  f l ow  character- 
i s t i c s  o f  f l a t  wings b u t  was no t  adequate f o r  p r e d i c t i n g  the  f l ow  over 
cambered wings. An Eu ler  s o l u t i o n  technique was found t o  adequately p r e d i c t  
the general c h a r a c t e r i s t i c s  o f  both f l a t  and cambered wings. The fo l l ow ing  
d iscussion w i  11 b r i e f l y  describe each method and high1 i g h t  resul  t s  obtained 
w i t h  each method. 
- A supersonic 1 i nearized-theory aero- 
dynamic p r e d i c t i o n  method has been modi f ied t o  account f o r  both nonl inear 
attached-f low e f f e c t s  ( p r i m a r i l y  a windward sur face phenomena) and nonl i nea r  
separated-flow e f f e c t e d  ( p r i m a r i l y  a leeward surface phenomena) ( r e f .  31). 
The leading-edge separated f l ow  i s  represented by a technique which uses the 
Polhamus suc t ion  analogy ( r e f .  32) t o  determine the  leading-edge vortex- 
induced fo rce  and then modi f ies  the  upper sur face attached-f low pressures t o  
d i s t r i b u t e  t h i s  add i t i ona l  f o rce  over the wing upper surface. The vortex- 
induced fo rce  i s  d i  s t r i  buted about a "vor tex a c t i o n  p o i n t "  1 ocated downstream 
of the wing leading edge. The l o c a t i o n  o f  the vor tex ac t i on  p o i n t  i s  
determined from an empi r ica l  r e l a t i o n s h i p  t h a t  i s  a func t i on  o f  angle o f  
a t tack  only. The method a1 so l i m i t s  the leeward surface pressures t o  values 
greater  than those correspondi ng t o  vacuum condi t ions.  
The a b i l i t y  o f  t h i s  modi f ied  l inear ized- theory  method t o  p r e d i c t  wing 
vor tex c h a r a c t e r i s t i c s  was evaluated f o r  the se r ies  o f  f l a t  d e l t a  wings used 
i n  the  prev ious ly  d i  scussed experimental p l  anform inves t iga t i on .  A d e t a i l e d  
discussion of t h i s  eva luat ion  i s  given i n  reference 26, and t y p i c a l  r e s u l t s  
are presented i n  f i g u r e  10. The resul t s  shown i n  the  f i g u r e  are f o r  an 
uncambered d e l t a  wing w i t h  75' o f  l e  d i n  -ed e sweep; the  Mach numbers and 
= f g g  
angle o f  a t tack  correspond t o  cond i t ions  which l i e  w i t h i n  the  c lass i ca l  vor tex 
region depicted i n  the upper p o r t i o n  of the f i gu re ,  The vortex-induced 
normal-force c o e f f i c i e n t ,  CN , represents the vor tex s t rength  and the spanwise 
surface pressure d i s t r i  k u t i o b  i nd i ca tes  bath vor tex s t rength  and locat ion ,  As 
shown across the bottom s f  the figure, t he  agreement between t heo re t i ca l  and 
expertmental resu l  %s i s  suff3"cl"eu3t for prel $minary design appl teat tons s f  the 
modi f ied  1 i nearized-theory method, 
The m t h o d  was next  evaluated f o r  wings w i t h  def lec ted leading-edge 
f laps .  A t  the  t ime o f  t h i s  eval uat ion, the  experimental data had no t  been 
obtained on the  conical  w i n g - f h p  modek described i n  the "'Wing Camber 
Inves t iga t i on "  sec t ion  o f  t h i s  paper; however, data from references 33 and 34 
were s u f f i c i e n t  t o  evaluate the method. A comparison o f  t h e o r e t i c a l  and 
experimental forces and surface pressures can be made from the  r e s u l t s  shown 
i n  f i gu re  11. A1 though the  pressure resul  t s  were obtained a t  s l  i g h t l y  
d i f f e r e n t  cond i t ions  than the fo rce  data, the  f low c h a r a c t e r i s t i c s  which 
produced the  fo rce  data a t  CL 0.3 c lose ly  correspond t o  the  f l ow  character- 
i s t i c s  o f  the pressure d i s t r i b u t i o n  shown i n  the f igure .  Discrepancies 
between the  experimental data and the computed r e s u l t s  are found i n  both the 
drag pol a r  and pressure d i  s t r i  buttons. The theo re t i ca l  drag pol a r s  i n d i c a t e  
t h a t  f o r  values o f  l i f t - c o e f f i c i e n t  above 0.2 the wing w i t h  the 16" f l a p  
d e f l e c t i o n  produces less  drag than the wing w i t h  zero f l a p  de f lec t i on ;  
however, the experimental data show t h a t  d e f l e c t i n g  the l eadi ng-edge f l  ap 16' 
resu l  Led i n  a drag increase w i t h  respect t o  the  wing w i t h  z e r o - f l  ap 
de f lec t i on .  An explanat ion f o r  t h i s  discrepancy i s  c l e a r l y  shown i n  the 
spanwise pressure d i s t r i b u t i o n s .  The t h e o r e t i c a l  spanwise pressure d i s t r i -  
bu t i on  shows the presence o f  a small vor tex i t s  induced pressure a c t i n g  on the 
leading-edge flap; t h e o r e t i c a l l y  t h i s  i s  the i dea l  s i t u a t i o n  f o r  achiev ing 
performance b e n e f i t s  employing a vor tex f l a p .  However, the experimental 
pressures i n d i c a t e  both a small leading-edge vor tex and a much l a r g e r  hinge- 
l i n e  vortex. Because the  h inge- l ine  vor tex induced pressures dominate and l i e  
on the  undef lected f l a t  surface inboard o f  the  hinge l i n e ,  no drag reduct ion  
would be r e a l i z e d  as a r e s u l t  o f  d e f l e c t i n g  the  leading-edge f l a p  16'. 
From t h i s  discussion i t  i s  c l e a r  t h a t  the modi f ied- l inear ized theory 
method i s  no t  capable o f  analyz ing the f l ow  over sharp leading-edge wings 
havi ng d e f l  ected l e a d i  ng-edge f l  aps. 
Euler code mlhod. - Because the  modi f ied- l inear ized method f a i l e d  t o  
p r e d i c t  the  l ees ide  f low over del t a  wings w i t h  def lec ted l e a d i  ng-edge f laps,  
i t  was decided t o  explore the use o f  more complex codes such as Navier-Stokes 
and Eu ler  codes. A number o f  researchers have appl ied Navier-Stokes codes and 
Eul e r  codes t o  the  ca l  c u l  a t i  on o f  w i  ng 1 eadi ng-edge-vortex f l ows a t  supersonic 
speeds; and both methods have produced encouraging r e s u l t s  f o r  t he  f l ow  over 
f l  at,  uncambered wings ( r e f .  35). The Navier-Stokes equations model both the 
viscous and i n v i s c i d  mechanisms and would be expected t o  provide the  most 
accurate resu l t s .  However, because Navier-Stokes methods have very h igh  
computational costs and because Euler  ntethods have been shown t o  produce the  
general c h a r a c t e r i s t i c s  c f  vor tex f lows, i t  was decided t o  look ff r s t  a t  t he  
c a p a b i l i t i e s  o f  Euler codes, In  selecting a partieul ar Eul er code the choice 
ranged f rsm large,  csmpl ex 3-0, we1 4 -developed codes t o  a sma7 9 , simple 2-D 
c o n i c a l  code under development for the s p e c i f i c  purpose o f  c a l c u l a t i n g  wing 
k e d i  ng-edge vor tex fhews. A code o f  the 'I atter  type, s p e c i f f c a l ~  the  
conical E u l  er code by Perez and Powell e t  a.9,  I refs. 36 and 371, was selected 
because o f  the code developers h e p r e s s e d  i nte res t  i n  t h i s  p a r t i c u l a r  problem, 
A complete descr ip t ion  o f  the code has been reported prev ious ly  i n  
reference 38 and only a b r i e f  desc r ip t i on  i s  presented herein. The basic 
s o l u t i o n  technique employs a f i n i t e  volume s p a t i a l  d i s c r e t i z a t i o n  o f  the 
unsteady Eu ler  equations i n  conservat ion form which i s  solved using a Runge- 
Ku t ta  type method as discussed i n  reference 39. The bow shock i s  f i t t e d ,  and 
both second and f o r t h  order damping are employed t o  capture i n t e r n a l  shocks 
and y i e l d  smooth solut ions.  The g r i d  i s  generated us ing  a Joukowski trans- 
format ion i n  which the  zero- th ick wing surface becomes a c i r c l e .  For a l l  
c a l c u l a t i o n s  shown, the  g r i d  densi ty  consisted o f  128 r a d i a l  l i n e s  i n  the  h a l f  
plane and 128 po in ts  on each r a d i a l  l i n e .  The wing i s  represented by zero- 
t h i c k  impermeable surface. 
To compare w i t h  the Eu ler  code solut ions,  e i g h t  cases were selected from 
the data obtained i n  the experimental program. The cases were selected t o  
provide a l a rge  v a r i e t y  o f  wing lees ide f low charac te r i s t i cs .  I n  a l l  e i g h t  
cases, the geometry was a d e l t a  wing w i t h  75' o f  leading-edge sweep. Four o f  
the  cases compare r e s u l t s  f o r  a f l a t  wing, and f o u r  o f  t he  cases compare 
r e s u l t s  f o r  a wing w i t h  a de f lec ted  leading-edge f l ap .  
The compari sons between experiment and theory inc lude both f l  ow-f i e l  d and 
surface data. The ca lcu la ted  f l o w - f i e l d  data cons is t  o f  p l o t s  o f  the cross- 
f l ow  v e l o c i t y  vectors and the  measured f l o w - f i e l d  data cons is t  o f  vapor screen 
photographs. The f l o w - f i e l d  data are presented i n  a plane perpendicular t o  
the  free-stream v e l o c i t y  vector.  The ca l  cu l  ated and measured surface data 
cons is t  o f  spanwise pressure d i s t r i b u t i o n s .  
Experimental and theo re t i ca l  r e s u l t s  f o r  a f l a t  wing a t  12' angle o f  
a t tack  are shown i n  f i gu res  12 and 13 f o r  Mach numbers o f  1.7 and 2.8, respec- 
t i v e l y .  A t  both Mach numbers, the  experimental and t h e o r e t i c a l  f l  ow-fie1 d 
data show leading-edge separat ion which r e s u l t s  i n  a well-developed primary 
vor tex  located above the lees ide surface o f  the wing. The most notable 
d i f f e rence  between the  theo re t i ca l  and experimental r e s u l t s  i s  the  absence o f  
the  secondary vor tex i n  the  Eu ler  resu l t s .  This i s  found f o r  a l l  cases 
because the  secondary vor tex i s  a viscous phenomena which cannot be pred ic ted 
by an i n v i s c i d  Euler  code. Otherwise, the agreement between the  experimental 
and t h e o r e t i c a l  resu l  t s  i s  very good. Both resu l  t s  i n d i c a t e  the  f l a t t e n i  ng 
and inboard movement o f  the primary vor tex as Mach number i s  increased from 
1 - 7  t o  2,8. A t  Mach numbers o f  1,7, the experimental and theo re t i ca l  spanwise 
pressure d i s t r i b u t i o n s  are i n  good agreement except f o r  the  in f luence o f  the  
.=.A,= a ~ ~ o n d a r y  vor tex,  The experimental pressures shoirr. "co pi*essui*e peaks, one 
near GO-percent span and another near 85-percent span; the t h e o r e t i c a l  
pressure d i s t r i b u t i o n s  show a single s l i g h t l y  higher pressure peak located a t  
approximately the 30-percent span s ta t ion*  Al though the higher Mack number 
2,8 resu l  t s  sf  f i g u r e  12 s t i  9 3 conta i  n a secondary vortex, there i s  l i ttl e or  
no i n f l uence  o f  t h i s  secondary vor tex on t h e  sur face pressure d i s t r i b u t i o n .  
This  observat ion seems t o  be t y p i c a l ,  and i t  can be general ly  s ta ted tha t  
e f f e c t  o f  the secondary vor tex on the wing upper surface pressures diminishes 
w i t h  increas ing Mach number. 
Results f o r  a f l a t  wing a t  12' angle o f  a t tack  and a t  8' angle o f  yaw are 
shown i n  f igures 14 and 15 fo r  Mach numbers o f  1.7 and 2.8, respect ive ly .  As 
seen i n  the  f igures ,  f l o w - f i e l d  and surface-pressure data are shown f o r  both 
the l e f t  s ide (y/ymax negative) and the  r i g h t  s ide (y/yma? p o s i t i v e )  o f  the  
wing. For t h i s  yawed o r ien ta t i on ,  the  l e f t  s ide o f  the wing has a windward 
lead ing edge and the  r i g h t  s ide has a 1 eeward 1 eading edge. Because vapor- 
screen photographs were not  taken f o r  the yawed wings, the  only f l o w - f i e l d  
data shown are p l o t s  o f  the  t h e o r e t i c a l l y  computed c r o s s f l  ow v e l o c i t y  
vectors. I n  both f i gu res  14 and 15, the asymmetry o f  the f low due t o  yaw i s  
c l e a r l y  shown i n  both the  flow f i e l d  and sur face pressure data. For the low 
Mach number o f  1.7, t he  cross-f low v e l o c i t y  contours show t h a t  leading-edge 
separat ion occurs on both the  windward and leeward edges. The windward-edge 
separat ion develops i n t o  a separat ion bubble which l i e s  c lose t o  the  wing 
surface and the  1 eeward-edge separat ion develops i n t o  a c l a s s i c a l  vortex. 
These two considerably d i f f e r e n t  f l ow  types resul  t i n  d i f f e r e n t  surface 
pressure d i s t r i b u t i o n s  shown a t  t he  bottom o f  f i g u r e  14. The separat ion 
bubble r e s u l t s  i n  a more negative pressure extending over a l a r g e r  p o r t i o n  o f  
the wing span as compared t o  the pressures r e s u l t i n g  from the c l a s s i c a l  
vortex. I n  f i g u r e  15, the  h igher Mach number 2.8 r e s u l t s  i n d i c a t e  t h a t  t he  
f l ow  i s  attached on the  windward edge and separated on the  leeward edge. The 
at tached f low produces a plateau-type pressure d i s t r i b u t i o n  over the outboard 
75 percent o f  the  l e f t  wing span; the  pressure d i s t r i b u t i o n  on the r igh t -w ing 
span i s  t y p i c a l  o f  t h a t  produced by a c l a s s i c a l  vortex. For both Mach 
numbers, the Eul er-code pred ic ted pressures are i n  excel 1 en t  agreement w i t h  
the  measured pressures. 
Resul ts  from the experimental conical -wing- f lap study i nd i ca ted  t h a t  f o u r  
types o f  f l ow  were observed t o  occur. The type o f  f low depends on the  angle 
o f  a t tack  and the  wing leading-edge f l a p  angle. To evaluate the  a b i l i t y  o f  
Eu ler  code t o  p r e d i c t  the  f l ow  over the  wings w i t h  def lec ted leading-edge 
f laps, four combinations o f  a and tif were selected t o  correspond t o  each o f  
t he  four observed types o f  f low. These f o u r  a-tif combinations are shown i n  
f i g u r e  16 and are labe led as p o i n t s  A, B, C, and D. The f l o w - f i e l d  r e s u l t s  
and surface pressure d i s t r i b u t i o n s  corresponding t o  po in ts  A, B, C, and D are 
shown i n  f i gu res  17 t o  20 respect ive ly .  
I n  f i gu re  17, r e s u l t s  are shown f o r  a = 
40 and 
= so. According t o  the  
l o c a t i o n  of t h i s  cond i t i on  on f i g u r e  16 ( p o i n t  A ) ,  t e f l ow  should be charac- 
t e r i z e d  by a c l  ass ica l  leading-edge vortex. The experimental pressure d i s t r i -  
bu t i on  does indeed show a lower pressure reg ion on the upper surface o f  t h e  
leading-edge f l ap ,  whfck could r e s u l t  from the presence o f  a weak vortex. 
However, the experimental f l ow- f i e1  d data do no t  show a vortex; t h i s  i nd i ca tes  
t h a t  the vapor screen techniques may not  be sens i t i ve  enough t o  de tec t  weak 
vortex cond i t i ons  or tha t  condensation e f f e c t s  may have a l t e r e d  the f l ow  
condi ti ons t o  del ay vortex formation Mote a9 so t h a t  ne i  %her the  t h e e r e t i  ca l  
pressure dl" s t r i b u t i o n  nor  t h e  " e m r e t i c a l  f l ow- f i e1  d da"e exkibl' t signs o f  a 
leading-edge vortex. These c o n f l i c t i n g  abservat iens i n d i c a t e  t h a t  the  char- 
a c t e r i s t i c s  o f  a weak vortex are very sens i t i ve  t o  the  f l ow  condi t ions.  
I n  f i g u r e  18, r e s u l t s  are shown f o r  u = 120 and sf = 50. These r e s u l t s  
correspond t o  p o i n t  B i n  f i g u r e  16. The experimental and theo re t i ca l  r e s u l t s  
c l e a r l y  show a primary vortex which o r ig ina tes  a t  the  wing lead ing edge and 
extends we l l  inboard of the f l a p  hinge 1 i nee The experimental and t h e o r e t i c a l  
pressures are  i n  good agreement and both r e f l e c t  t he  presence o f  the  pr imary 
vortex. The theo re t i ca l  f l  ow-fie1 d data unexpectedly i n d i c a t e  the  presence o f  
a secondary separat ion region l y i n g  on the leading-edge f l  ap; t h i s  secondary 
separat ion i s  produced as the outboard f low passing under the  primary vor tex  
encounters the  hinge l i n e  and separates. A1 though no t  c l e a r l y  shown i n  the  
experimental f l o w - f i e l d  data, both the  experimental and theo re t i ca l  pressure 
d i s t r i b u t i o n s  e x h i b i t  the signs o f  t h i s  secondary separation. 
Results f o r  a = 4O and = 15O are shown i n  f i g u r e  19; these r e s u l t s  
correspond t o  p o i n t  C on f i g u r e  16. The theo re t i ca l  f l o w - f i e l d  data show t h a t  
a l a rge  f l a p  d e f l e c t i o n  and small angle o f  at tack produce two primary 
vor t ices .  One o f  these vo r t i ces  o r ig ina tes  from the lead ing edge and l i e s  on 
the lower surface of the leading-edge f lap; t h i s  lower surface vor tex cannot 
be seen i n  t h e  experimental f l o w - f i e l d  data because the  l i g h t  source i s  
blocked by the  leading-edge f l a p .  The o ther  primary vor tex  i s  produced when 
the  attached f low on the f l a p  upper surface separates a t  the  f l a p  hinge-l ine; 
t h i s  vor tex  l i e s  inboard o f  the  f l a p  hinge l i n e  and i s  c l e a r l y  v i s i b l e  i n  both 
the  experimental and theo re t i ca l  f l  ow-f i e l  d data. A1 though the vor tex- i  nduced 
pressures on the  1 eeward wing sur face are t h e o r e t i c a l l y  p red ic ted  s l i g h t l y  
lower than those experimental ly measured, the  general agreement between theory 
and experiment i s  very good. The t h e o r e t i c a l l y  p red ic ted pressure d i  s t r i  - 
bu t ion  shows the  st rong in f luence o f  the windward primary vor tex  as a reduced 
pressure reg ion on the windward ( lower)  w ing- f l  ap surface; un for tunate ly ,  
lower sur face pressures were no t  measured and a comparison between experi-  
mental and t h e o r e t i c a l  pressures could no t  be made. 
The f o u r t h  and f i n a l  set  o f  cambered del ta-wing r e s u l t s  are shown i n  
f i g u r e  20. These r e s u l t s  correspond t o  a = 12O and s f  = 15O which i s  p o i n t  D 
on f i g u r e  16. Both the  experimental and the t h e o r e t i c a l  r e s u l t s  i n d i c a t e  
s imi  1 a r  l ees ide  fl ow charac ter i  s t i c s .  Both show lead i  ng-edge separat ion and 
h inge- l ine  separat ion which r e s u l t  i n  two regions o f  vor tex- type f low. The 
l eadi ng-edge vor tex resul  t s  i n  the  most outboard suc t ion  pressure peak and the  
h i  nge-1 i ne vor tex  resu i  t s  i t j  the l argest  suct f  on pressure peak l ocated 
s l i g h t l y  inboard of the hinge line. The major d i f f e rence  between the exper i -  
mental and thecareti cal r-esul t s  i s  the ex ten t  of the  1 eadi ng-edge vortex. The 
experimental  r e s u l t s  show a separation-bubble type vor tex  f low wkich extends 
over the  e n t i r e  l eng th  o f  t he  f l a p  and produces the p la teau type pressure 
d i s t r i b u t i o n s  shown i n  the fl 'gure, The t h e o r e t i c a l  resul  t s  a lso  show a 
separation-bubble type vor tex  f l ow  which begins a t  the  wing lead ing  edge and 
reat taches on the f l a p  a t  approximately h a l f  way between the lead ing  edge and 
the  hinge 1 ine; i n  the t h e o r e t i c a l  d i s t r i b u t i o n  t h i s  f l ow  reattachment 
produces the compression reg ion  between the two suc t ion  pressure peaks. 
Aerodynarni c Perfomance 
I n  t h i s  sect ion, the measured aerodynamic performance f o r  a con ica l  
v o r t e x - f l  ap wing and the performance o f  a convent ional a t tached- f l  ow leading-  
edge f l a p  wing are  presented. These performance r e s u l t s  are compared w i t h  
each o the r  and w i t h  a " p r a c t i c a l  performance goal ' estab l ished from data 
measured on a se r ies  o f  optimum t w i s t e d  and cambered wings. 
Aerodynamic performance r e s u l t s  f o r  a vo r tex - f l ap  wing are presented i n  
f i  yure 21. These r e s u l t s  were obta ined a t  M = 1.7 on the  A = 750 d e l t a  wing 
w i t h  leading-edge f l a p s  def lected 0°, 5", 10' and 15'. Experimental values o f  
d rag -due - to - l i f t  parameter are presented as a f u n c t i o n  o f  l i f t  c o e f f i c i e n t .  
For  reference purposes, t he  l inear ized- theory  0-percent t h r u s t  and 100-percent 
t h r u s t  boundaries are a l so  shown; these boundaries do n o t  vary w i t h  l i f t  
c o e f f i c i e n t .  The data show t h a t  s i g n i f i c a n t  drag reduct ions can be achieved 
a t  supersonic speeds by the  management o f  wing leading-edge vor t i ces .  
Compared t o  the 5" f l a p - d e f l e c t i o n  data, which d i d  n o t  experience hinge-1 i n e  
separat ion, the  data f o r  the  10' and 15' leading-edge f l a p  d e f l e c t i o n  show a 
l o s s  i n  performance due t o  h inge - l i ne  separat ion. However, a l l  f l a p  
de f l ec t i ons  r e s u l t e d  i n  a drag reduct ion  compared t o  the  f l a t  wing. 
Aerodynamic performance r e s u l t s  f o r  a wing us ing  a convent ional attached- 
f low leading-edge f l a p  were ex t rac ted  from data obta ined i n  the experimental 
study ( r e f .  40) depicted i n  f i g u r e  22. As i n d i c a t e d  i n  the  f igure ,  the study 
i nvo l ved  t e s t i n g  f o u r  sets o f  f l a p  planforms on a t rapezo ida l  wing and two 
sets o f  f l a p  planforms on a cranked wing. Both wings had aspect r a t i o s  o f  
1.75 and were mounted on a generic fuselage as shown i n  the  photograph o f  
f i g u r e  22. A l l  leading-edge f l a p  geometries were e f f e c t i v e  i n  reducing the  
f l a t -w ing  drag; however, the  l a r g e s t  drag reduct ions were produced by the  
combination o f  f l a p  A on the  cranked wing. For  t h i s  wing- f lap combinations, 
experimental  values o f  the  drag-due-to-l i f t  f a c t o r  versus 1 i f t  c o e f f i c i e n t  are 
shown i n  the lower l e f t  p o r t i o n  o f  the  f i g u r e  f o r  f l a p  d e f l e c t i o n  angles o f  
0°, 5" and 10". The l i nea r i zed - theo ry  0-percent t h r u s t  and 100-percent t h r u s t  
boundaries are a1 so shown. These data i n d i c a t e  t h a t  the lowest  drag-due-to- 
1 i f t  i s  produced by schedul i n g  the f l a p  d e f l e c t i o n  angle w i t h  l i f t  
c o e f f i c i e n t .  As shown i n  the f i gu re ,  the proper schedule would be s f  = O0 f o r  
l i f t  c o e f f i c i e n t s  below Oel; 6 = 50 f o r  l i f t  c o e f f i c i e n t s  between 0.1 and 
0.4; and s f  - 10° f o r  l i f t  coe f f i c i e n t s  above 0.4. Th is  f l a p  schedule and the  
d rag -due - to - l i f t  data shown i n  f i g u r e  22 were used t o  develop the curve f o r  
t h e  performance summary represent ing convent ional a t tached- f l  ow l e a d i  ng-edge 
$1 apse  
A comparison o f  the aerodynamic performance o f  the vo r tex - f l ap  wing and 
t h e  attached-f low f l a p  wing can be made from the data which are summarized i n  
f i gu re  23. In  t h i s  Figure, the aerodynamic performance i s  expressed as a 
percent  o f  f u l l ,  t h e o r e t i c a l ,  leading-edge t h r u s t  and i s  presented as a 
f u n c t i o n  o f  l i f t  c o e f f i c i e n t .  
For  reference purposes, a p r a c t i c a l  -goal curve was establ  i shed from 
experimental data measured on several t w i s t e d  and cambered wings where each 
wing camber was opt imized f o r  a s p e c i f i c  l i f t  c o e f f i c i e n t .  For example, t he  
data used t o  generate the  p o r t i o n  o f  the  p rac t i ca l -goa l  curve f o r  l i ft 
c o e f f i c i e n t s  from 0.0 t o  0.2 were taken from the  c r u i s e  cambered-wing designs 
repor ted  i n  reference 41, and the data used t o  e s t a b l i s h  the  performance l e v e l  
f o r  the 0.4 value o f  l i f t  c o e f f i c i e n t  were'taken from the  h i g h - l i f t  wing 
designs repo r ted  i n  references 42 and 43. 
The i n fo rma t ion  contained i n  f i g u r e  23 represents the  s t a t e  o f  the  a r t  i n  
exper imenta l l y  measured supersonic aerodynamic performance. A t  low l e v e l s  o f  
1 i f t  (CL  = 0 1 ,  t he  r e s u l t s  i n d i c a t e  t h a t  the p r a c t i c a l  goal o f  near 100- 
percent  t h r u s t  has been obtained w i t h  both t r a d i t i o n a l  leading-edge f l a p s  and 
vor tex leading-edge f l aps .  However, a t  h i g h - l i f t  cond i t i ons  (CL = 0.4), t he  
p r a c t i c a l  goal, which i s  reduced t o  approximately 60 percent  t h rus t ,  has n o t  
been obta ined by e i t h e r  o f  the f l a p  concepts. A t  t h i s  h i g h - l i f t  condi t ion,  
the t r a d i t i o n a l  1 eadi ng-edge f l a p  produces l e s s  than 25-percent t h r u s t  and the  
data of reference 40 i n d i c a t e  t h a t  t h i s  i s  probably the  bes t  t h a t  can be 
o b t a i  ned us ing  the  attached-f low f l  ap concept. However, the conical  vor tex  
f l a p  produces approximately 40-percent t h r u s t  and i t  i s  an t i c i pa ted  t h a t  the  
use o f  o ther  nonconical f l a p  geometries a1 ong w i t h  e l  i m i  n a t i  ng the h i  nge-1 i ne 
separat ion would increase the performance considerably. 
CONCLUDING REMARKS 
This  paper presents an overview o f  a research program d i rec ted  a t  t he  
study o f  wing leading-edge vo r t i ces  a t  supersonic speeds. The s tud ies  inc lude 
both experimental  and theo re t i ca l  i n v e s t i g a t i o n s  and focus p r i m a r i l y  on deter-  
min ing planform, thickness and camber e f f e c t s  f o r  d e l t a  wings. The e f f e c t s  o f  
p l  anform and 1 eadi ng-edge camber have been experimental 1y determined, and an 
experimental study t o  i d e n t i f y  thickness e f f e c t s  has been i n i t i a t e d .  Theoret- 
i c a l  s tud ies  have shown t h a t  a mod i f ied  l i nea r i zed - theo ry  method, which was 
capable o f  p r e d i c t i n g  the  p l  anform e f f e c t s  f o r  f l a t  wings, was no t  adequate 
f o r  p red i  c t i  ng 1 eadi ng-edge camber e f f e c t s  . P r e l  im i  nary resu l  t s  ob ta i  ned w i t h  
an Euler  code have been shown t o  conta in  the c o r r e c t  pr imary-vor tex character-  
i s t i c s  f o r  d e l t a  wings o f  var ious planforms and w i t h  var ious amounts o f  
1 eadi ng-edge camber. 
In a summary of masured aerodynamt c performance for h igh- l  i f t  csndi tions, 
wings w l  t h  I eading-edge vor tex  f l  aps were shown t o  have a considerably h igher 
1 eve1 o f  performance (40-percent t h rus t )  than wings emp9 eying conventional 
attached-PI ow l eading-edge f l  aps ( 25-percent thrust). However, t he  
performance l e v e l  s achieved w i t h  vortex $1 aps were considerably less  than the  
performance 1 eve1 s exper i  menta l ly  e s t a b f i  shed as a p r a c t i c a l  goal i 60 percent 
t h r u s t ) .  
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Figure 1. Planforms of f l a t  delta-wing models. 
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Figure 7. Photograph of A = 75" conical  wing-flap model. 
Figure  8, Typical w i  ng-f f  ap Seeside flow charac te r i s t i c s .  
Figure 9. Elements o f  hinge-line study. 
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F i g u r e  18. Modi flied I .i near - theory  p r e d i c t i o n s  f o r  uncambered del ti\ wing. 
Figure 11. Modifed 1 i near-theory predictions for delta wing with 1 eading-edge 
flap. 
Figllre r2, Experimental and Euler code results for Plat delta wing a t  M = 
1.7, u = f2°, B = 0". 
Figure 13. Experimental and Euler code results for f l a t  delta wing a t  M = 
2.8, a = lZO, $ = 0'. 
Figure 14. Experimental and Euler code results for f l a t  delta wing a t  M = 
1,7, a = %2Q,  6 = 8'- 
Figure 15. Experimental and Eul er code resul ts for f l a t  delta wing at  M = 
2.8, a = 12O, $ = 8'. 
F igu re  16, I1 l u s t r a t i o n  o f  $he f o u r  wing f l a p  cond i t ions  subjected t o  Euler 
code anal y s i  s .  
Fi gure 17. Experimental and Eul er code resul t s  for wing  f l  ap a t  M = 1.7, 
a = 4 O ,  Sf  = 5'. 
Figure 18. Experimental and Eul  e r  code resul t s  for wing fl  ap a t  M - 1.7, 
a = 12'. 6 f  = 5'. 
Figure 19. Experimental and Euler code results for wing flap at  M = 1 . 7 ,  
a = 4', bf  = 15'. 
Ff  gure I t s  fo r  wing f l a p  a t  M =: 1.9,  
Figure 21. Experimental drag-due-to-1 i f t  f ac to r  for  conical w l  ng flap.  
Figure 22. Elements o f  conventional l eadi ng-edge P I  ap s t u d y  
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SUMMARY 
A water tunne l  flow v i s u a l i z a t i o n  test  on leading-edge vor tex  f l a p s  was con- 
ducted a t  t h e  flow v i sua l i za t ion  f a c i l i t y  of t h e  NASA A m e s  Research Center 's  Dryden 
F l i g h t  Research F a c i l i t y .  The purpose of t h e  t e s t  was t o  v i s u a l l y  examine t h e  vor- 
t e x  s t r u c t u r e s  caused by various leading-edge vortex f l a p s  on t h e  d e l t a  wing of an 
F-106 model. The vortex f l a p s  t e s t e d  w e r e  aesigned a n a l y t i c a l l y  and empirical ly a t  
t h e  NASA Langley Research Center. The t h r e e  f l a p  designs were designated a s  f u l l -  
span gothic  f l a p ,  ful l-span untapered f l a p ,  and part-span f l a p .  
The test  was conducted a t  a Reynolds number of 76,00O/m (25,00O/ft). This  low 
Reynolds number was used because of t h e  0.076-m/s (0.25-ft/s) t e s t  sec t ion  flow 
speed necessary f o r  high-quality flow v i sua l i za t ion .  However, t h i s  low Reynolds 
number may have influenced t h e  r e s u l t s .  
Of t h e  t h r e e  vortex f l a p s  t e s t e d ,  t h e  part-span f l a p  produced what appeared t o  
be t h e  s t ronges t  vortex s t r u c t u r e  over t h e  f l a p  area.  The fu l l -span gothic f l a p  
provided t h e  next bes t  performance. 
INTRODUCTION 
The vortex f l a p  concept was conceived under t h e  assumption t h a t  i f  t h e  f l a p  
can be designed through planform shaping and/or t w i s t  t o  promote vortex flow rea t -  
tachment along t h e  hinge l i n e  a t  design l i f t ,  pressure d i s t r i b u t i o n s  t h a t  reduce 
drag most e f f i c i e n t l y  per  u n i t  f l a p  a rea  w i l l  be e s t ab l i shed  on t h e  f l ap .  For a 
vortex f l a p  t o  perform optimally, it should capture t h e  e n t i r e  leading-edge vortex 
on i ts  upper surface  and provide flow reattachment on t h e  upper surface  leading 
edge a t  o r  near  t h e  hinge l i n e e 2  
To evaluate  t h i s  concept, four  vortex f l a p s  were designed f o r  t h e  F-106 model. 
Three of these  a r e  bolt-on types and one is  an i n t e g r a l  type. The bolt-on f l a p s  
extend from t h e  underside and ahead of t h e  wing leading edge; i n t e g r a l  f l a p s ,  when 
undeflected,  a r e  a p a r t  of t h e  wing planform. The t h r e e  bolt-on f l a p s ,  shown i n  
f igure  I , *  include an a n a l y t i c a l l y  desiqned ful l-span gothic  f l a p ,  an  untapered 
empirical  v a r i a t i o n  of t h e  ful l-span gothic f l a p ,  and an a n a l y t i c a l l y  designed 
* ~ o % o r ~ ~ ~ ~ t ~ o f  f igures  2, 5 , 6 ,  and 3 are avai lable  from the author ,  
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part-span flap. The bolt-on flaps were designed for a Mach number of 0.3 and 
30° downward deflection. The integral flap was designed for a Mach nlamber of 0.8 
and 40° downward deflection. 
n extensively tested in various wind tunnels on different 
scale models and at different Reynolds rimers. To better understand the vortex 
structure, Langley and Ames-Dryden jointly conducted a test on the three bolt-on 
flap configurations using an F-106A model. (An P-106A model was used instead of 
the F-506B model because of availability. Only slight geometric differences exist 
between the models, and these occur in locations that should not affect the flow 
field in the regions of interest.) 
EXPERIMENTAL METHODS 
Water Tunnel Facility 
Except for a few modifications, the Ames-Dryden flow visualization facility 
(FVF) is based on the design of the Northrop Corporation closed-return water tun- 
nel. Figure 2 shows a schematic of the FVF. The test section measures 0.41 m by 
0.61 m (16 in. by 24 in. and is 1.83 m (72 in. long. The test section is 
oriented vertically and is made entirely of 5.08-cm (2-in.) thick plexiglass, 
which allows for 360° viewing of the tests. There is a door on the side of the 
test section for convenient access to the model and the support mechanism. 
In general, the model angle of attack can be remotely varied +45O, and the 
sideslip angle can be varied '150 between runs. The velocity range of the FVF can 
be varied from 0.013 m/s (0.04 ft/s) to 0.335 m/s (1.1 ft/s). The flow velocity of 
the test section for this test was 0.076 m/s (0.25 ft/s), which is equivalent to a 
Reynolds number of 76,00O/m (23,00O/ft). This velocity is typically used because 
it allows excellent flow visualization. 
The visualization technique used in this test is the colored dye technique. 
With this technique, colored dyes are pumped into the flow field through dye lines 
to provide a three-dimensional view of the flow. 
Model Description 
The model tested was a modified 1/48-scale F-106A hobby model (figure 3). The 
modifications included the following: 
1. The landing gear was placed in the retracted position 
2. The inlets were made operational in order to simulate the proper mass flow 
ratio 
3. The ailerons were repositioned to a zero deflection; the model originally came 
with the ailerons in the down position 
4. Eight dye l i n e s  were i n s t a l l e d  ex te rna l ly  underneath t h e  wing with aluminum 
tape .  The e i g h t  dye p o r t s  were located  along t h e  leading edge of the  vortex 
f l a p  ( f i g u r e  2).  Dye p o r t  loca t ions  were determined by t r i a l  and e r ro r .  
5. Three d i f f e r e n t  vortex f l a p s  were i n s t a l l e d  on t h e  model. Each vortex f l a p  was 
t e s t e d  with various de f l ec t ion  angles  {see  t a b l e  2 1 .  The f l a p s  were formed 
from aluminum and bent t o  the  proper de f l ec t ion  angle,  and t h e i r  leading 
edges were sharpened. These f l a p s  were then a t tached t o  t h e  underside of t h e  
wing with double-sided tape  ( f i g u r e  41 - 
T e s t  Procedure 
Each conf igura t ion  was t e s t e d  a t  s i d e s l i p  8 = O 0  and a t  801 lo0 ,  12O, 14O, 16O, 
and 20° angles of a t t ack .  Some configurat ions w e r e  a l s o  t e s t e d  a t  a 6O angle of 
a t t ack .  I n  addi t ion ,  most of t h e  conf igura t ions  were t e s t e d  a t  = +50. 
The colored dye flow v i sua l i za t ion  technique was used because t h e  primary pur- 
pose of t h i s  experiment was t o  provide loca l i zed  three-dimensional views of any 
v o r t i c a l  a c t i v i t y  on o r  near t h e  vortex f l a p s .  This  technique allowed visual iza-  
t i o n  of t h e  vor tex  s t r u c t u r e  developed by t h e  vortex f l a p s .  
Data were recorded v i sua l ly  using both videotape and 35-mm s l i d e  film. S l i d e s  
were taken of both t h e  s i d e  view and t h e  p lan  view of t h e  model a t  s i d e s l i p  B = O O .  
A t  B = +5O, s l i d e s  were taken of only t h e  p lan  view. Videotape records were taken 
of only t h e  p lan  view. Notes on p e c u l i a r i t i e s ,  t rends ,  and onse t s  were recorded f o r  
each t e s t  run. 
RESULTS AND DISCUSSION 
This d iscuss ion is  l imi ted  t o  a few s e l e c t e d  cases. These cases i l l u s t r a t e  
general  t r ends  and a r e  representa t ive  of t h e  various conf igura t ions  t e s t e d .  
Performance C r i t e r i a  
I n  a water tunnel  flow v i sua l i za t ion  t e s t ,  one i s  usual ly  l imi ted  t o  a s t r i c t l y  
q u a l i t a t i v e  s e t  of da ta  recorded a t  a very low Reynolds number. This was con- 
s ide red  acceptable f o r  t h e  vortex f l a p  t e s t .  A s  a r e s u l t ,  performance c r i t e r i a  
were l imi ted  t o  
1. s t r eng th  of t h e  leading-edge vortex t h a t  develops on t h e  vortex f l a p  ( t h a t  is, 
vor tex  d e f i n i t i o n ,  r o t a t i o n  r a t e ,  length,  and s t a b i l i t y )  
2. leading-edge vortex pers is tence  ( t h a t  is ,  t h e  range of angle of a t t a c k  through 
which t h e  leading-edge vortex e x i s t s )  
General Introductory Coments f o r  A l l  Configurations 
B = 0". - I n  general ,  a l l  f l a p  configurat ions e x h i b i t  t h e  same behavior a t  
angles  of a t t a c k  a i n  t h e  range O0 < a < 8 " .  In  t h i s  range, t h e  flow on t h e  upper 
su r face  of t h e  f l a p  and t h e  wing i s  a t tached and laminar. A s  t h e  angle of a t t a c k  
increases  above a c e r t a i n  value (8O 6 a Q 14O, depending on t h e  conf igura t ion)  t h e  
flow on t h e  upper surface  of t h e  f l a p  begins t o  separa te .  A s  t h e  flow separa tes ,  
t h e  leading-edge vortex begins t o  develop. A s  t h e  angle  of a t t a c k  i s  increased,  
t h e  leading-edge vortex continues t o  grow i n  s t rength .  
With some configurat ions,  a s  t h e  leading-edge vor tex  develops t h e r e  is a con- 
t inuous  shedding of t h i s  vortex a t  a cons i s t en t  frequency. The leading-edge vortex 
i s  formed, then t h e  whole vortex sheds i t s e l f  from t h e  f l a p  and proceeds p a r a l l e l  
( f o r  t h e  most p a r t )  t o  t h e  f l a p  over t h e  upper wing surface .  A s  t h i s  is  t ak ing  
p lace  another  leading-edge vor tex  has developed on t h e  upper su r face  of t h e  vortex 
f l a p .  I n  addi t ion ,  a s  t h e  vortex gains s t r eng th ,  t h e  por t ion  of t h e  leading-edge 
vor tex  towards t h e  r e a r  of t h e  f l a p  s t a r t s  t o  l i f t  o f f  t h e  f l a p  surface ,  and 
separa ted  stagnant  backflow s t a r t s  t o  creep forward a long t h e  su r face  of t h e  vortex 
f l a p .  The ex ten t  of t h i s  type of flow var i e s  with each configurat ion.  
= +5O. - I n  general ,  t h e  same t r ends  noted f o r  t h e  B = 0° case  p e r t a i n  t o  t h e  
B = +5O case. The main d i f ference  is t h a t  t h e  onset  of any p a r t i c u l a r  flow con- 
d i t i o n  occurs a t  an angle of a t t a c k  approximately 2O lower on t h e  leeward f l a p  and 
approximately 2O higher on t h e  windward f l a p  than i n  t h e  = O 0  case.  
Full-Span Gothic Vortex Flap 
= 00. - With a l l  configurat ions t e s t e d ,  t h e  angle  of a t t a c k  a t  which t h e  
leading-edge vortex forms on t h e  surface  of t h e  vortex f l a p  is  a function of t h e  
f l a p  de f l ec t ion  angle. For t h e  fu l l -span gothic f l a p ,  approximate angles f o r  t h e  
onse t  of vor tex  development a r e  a s  follows: 
Flap de f l ec t ion  6, deq Angle of a t t ack  ci f o r  vor tex  formation, deg 
Resul ts  f o r  30° f l a p  def lec t ion ,  shown i n  f i g u r e  5, a r e  discussed here. A t  
ci = go ,  a leading-edge vortex develops t h a t  i s  immediately shed. A s  t h e  leading- 
edge vor tex  sheds from t h e  vortex f l a p  it t r a v e l s  p a s t  t h e  hinge l i n e  t o  merge with 
two v o r t i c e s  on t h e  wing surface.  The forward sec t ion  (approximately 30 t o  40 per- 
cen t  of t h e  leading-edge vor tex)  of t h e  shed vortex merges with a vortex t h a t  o r i g i -  
n a t e s  a t  t h e  forward wing/fuselage juncture (from t h i s  po in t  on, t h i s  vortex w i l l  be 
r e f e r r e d  t o  a s  t h e  juncture vor tex) .  The juncture vortex l i e s  f a r t h e r  inboard and 
i s  approximately p a r a l l e l  t o  t h e  fuselage.  The remainder of t h e  shed vortex t r a v e l s  
j u s t  p a s t  t h e  hinge l i n e  t o  merge with a vortex t h a t  l i e s  approximately p a r a l l e l  t o  
t h e  hinge l i n e  (from t h i s  point  on, t h i s  vortex w i l l  be r e f e r r e d  t o  a s  t h e  hinge l i n e  
vor tex ) .  A s  t h e  angle of a t t ack  increases  ( a  > 9")  t h e  leading-edge vor t i ces  pro- 
duced by t h e  vortex f l a p  increase i n  s t r eng th .  A s  t hese  vor t i ces  shed, they t end  
t o  increas ingly  feed  t h e  hinge l i n e  vortex,  making it s t ronger ,  u n t i l  it eventual ly 
overcomes and merges with t h e  juncture vortex,  becoming t h e  only vortex s t r u c t u r e  
seen on t h e  surface  of t h e  wing. This occurs a t  a Z 1 8 O -  A t  t h e  upper angle-of- 
a t t a c k  t e s t  l i m i t  of 20°, r e s u l t s  remain approximately the  same. 
fi = +5". - The r e s u l t s  noted previously i n  t h e  general introductory comments 
a l s o  apply t o  t h e  6 = +5O case. 
Performance. - Based on t h e  performance c r i t e r i a ,  t h e  ful l-span gothic f l a p  pro- 
duces a s t rong  leading-edge vortex. The leading-edge vortex ex i s t ed  from a go on 
up p a s t  20° a t  what was judged t o  be t h e  optimum f l a p  de f l ec t ion  ( 6  = 30°). 
Full-Span Untapered Vortex Flap 
B = 0°- - The r e s u l t s  f o r  t h e  ful l-span untapered f l a p  va r i ed  s i g n i f i c a n t l y  from 
those  of t h e  o ther  two f l a p s  t e s t ed .  
Again, t h e  angle of a t t ack  a t  which t h e  leading-edge vortex develops on t h e  
f l a p s  va r i e s  with t h e  def lec t ion  angle. For t h e  ful l-span untapered f l a p ,  t h e  
approximate onset  angles a r e  a s  follows: 
Flap de f l ec t ion  6, deq Angle of a t t ack  a f o r  vortex formation, deq 
0 8 
0 10 
aHinge gap f i l l e d  i n  with modeling clay. 
Results  f o r  t h e  50° f l a p  def lec t ion ,  shown i n  f i g u r e  6, a r e  discussed here. A t  
a = 1 2 O ,  a leading-edge vortex develops and is  shed immediately ( a s  described pre- 
viously i n  the  sec t ion  concerning comments f o r  a l l  conf igura t ions) .  The vortex is  
d i f f e r e n t  than those produced by the o ther  f l a p s  i n  t h a t  once the  vortex is  shed 
onto the  wing upper surface  it moves across and off  the  wing surface  a t  the  t r a i l -  
ing  edge of the wing. 
The ful l-span untapered f l a p  continues t o  develop leading-edge vor t i ces  a t  
angles of a t t a c k  up t o  20° (and grea ter  a t  some de f l ec t ions ) ;  however, a t  a =  20° 
t h e  s t r eng th  of t h e  juncture vortex overcomes everything e l s e  on t h e  upper surface  
of t h e  wing, and d e t a i l s  a r e  not well  v isual ized .  
It was thought t h a t  t h e  d iscont inui ty  of t h e  juncture between t h e  f l a p  surface  
and t h e  wing leading edge might be t h e  cause of t h e  vortex shedding. Therefore, 
modeling c lay  was appl ied  t o  smooth out  t h e  d iscont inui ty .  The modeling c lay  was 
appl ied  such t h a t  t h e  leading edge of t h e  f l a p  and t h e  leading edge of t h e  wing 
would form t h e  edges of a smooth plane. After  t h i s  modification, t h e  leading-edge 
vortex continued t o  shed, and performance change, i f  any, was negative. 
It was then hypothesized t h a t  t h e  vortex shedding might be a Reynolds number 
e f f e c t  ins t ead  of a configurat ion e f f e c t .  A t  a Reynolds number t h i s  low, one might 
expect flow reattachment f a i l u r e  a t  t h e  hinge l i n e e 3  This i n  tu rn  m y  be another 
explanation a s  t o  why t h e  Leading-edge vortex is shed ins tead  of remaining on t h e  
vor tex  f l a p .  
f3 = +5" .  - The r e s u l t s  noted previously i n  t h e  general introductory comments 
a l s o  apply t o  t h e  f3 =; -I-5" case. 
Performance. - The leading-edge vortex formed on t h e  ful l-span untapered f l a p  
appears t o  have good de f in i t ion .  However, it is not  a s  s t rong  as  t h a t  exhibi ted  by 
t h e  gothic  f l ap .  A f l a p  def lec t ion  of 50° was judged t o  be t h e  bes t  f o r  the  f u l l -  
span untapered vortex f l a p .  
Part-Span Untapered Vortex Flap 
6 = 0". - For t h e  part-span untapered f l a p ,  t h e  angles of a t t ack  a t  which t h e  
leading-edge vortex develops on t h e  surface  of t h e  vortex f l a p  a r e  a s  follows: 
Flap de f l ec t ion  6, deg Angle of a t t ack  a f o r  vor tex  formation, deg 
Resul ts  f o r  t h e  30° f l a p  def lec t ion ,  shown i n  f i g u r e  7, a r e  discussed here. A t  
a = 10°, a leading-edge vortex develops on t h e  f l a p  surface  and immediately sheds 
onto t h e  upper surface  of the  wing. A t  a r 12O, t h e  hinge l i n e  vortex ( s imi la r  t o  
t h e  one observed on t h e  Gothic f l a p )  appears and merges with t h e  shed leading-edge 
vor t i ces .  As t h e  angle of a t t ack  increases t o  14O, t h e  forward 30 t o  40 percent  of 
t h e  leading-edge vortex no longer sheds. It is  s t a t ionary  and very s t rong  on t h e  
upper surface  of the  f l ap .  A t  a 20°, t h e  r ea r  sec t ion  of t h e  leading-edge vortex 
s t o p s  shedding, and it no longer develops on the  f l a p  surface  but  r a t h e r  on t h e  wing. 
The leading-edge vortex s t a r t s  a t  t h e  forward end of t h e  f l a p  and t r a v e l s  along 
approximately 30 t o  40 percent  of t h e  f l a p  where it t u r n s  streamwise u n t i l  it goes 
of f  t h e  t r a i l i n g  edge of t h e  wing. 
A l l  t h e  part-span f l a p  configurat ions develop a leading-edge vortex beyond 
a = 200. 
Though not shown herein,  t h e  part-span f l a p  a t  60° de f l ec t ion  d id  not follow 
t h e  general  behavior of the  o ther  f l a p  configurat ions;  it never developed t h e  hinge 
l i n e  vortex l i k e  t h e  o thers  did. This configurat ion allowed a s t rong  juncture vortex 
t o  e x i s t  throughout a l l  angles of a t t ack  t e s t ed .  A t  a 2- 14O t h e  flow coming over t h e  
f l a p  su r face  separated,  and t h e  f l a p  began producing leading-edge vor t i ces  t h a t  
merged with t h e  juncture vortex. This t r e n d  continued a t  a > 20°. 
6 = +5O. - The r e s u l t s  noted previously i n  t h e  general  introductory comments 
a l s o  apply t o  t h e  6 = +5O case. 
Performance. - The part-span vortex f l a p  performed very well  (compared with t h e  
o the r  f l a p s )  with respect  t o  i t s  a b i l i t y  t o  hold a leading-edge vortex on t h e  sur- 
f a c e  of t h e  f l a p .  Although t h i s  f l a p  d id  not maintain a Leading-edge vortex along 
t h e  f u l l  length of t h e  f l a p ,  i ts  performance was b e t t e r  than t h a t  of t h e  o ther  
f l a p s .  The s t r eng th  and s t a b i l i t y  of t h e  leading-edge vortex produced by t h e  pa r t -  
span vortex f l a p  were judged t o  be the  s t ronges t  of those observed. A part-span 
vortex f l a p  de f l ec t ion  of 30° proved t o  be t h e  bes t  of the  part-span f l a p  eon- 
f igura t ions .  
CONCLUSIONS 
Of t h e  t h r e e  s e t s  of f l a p  configurat ions t e s t e d ,  t h e  part-span vortex f l a p  a t  30° 
de f l ec t ion  was judged t o  be t h e  most e f f e c t i v e  leading-edge vortex f l a p  based on t h e  
performance c r i t e r i a  used. The ful l-span gothic  vortex f l a p  a t  30° de f l ec t ion  was 
t h e  next most e f f e c t i v e .  
The low Reynolds number of 76,00O/m (25,00O/ft) may have been t h e  cause f o r  t h e  
flow f a i l i n g  t o  r e a t t a c h  a f t e r  having t r a v e l e d  over t h e  vortex s t r u c t u r e  on t h e  f l a p .  
This i n  t u r n  may have caused t h e  per iodic  shedding of t h e  leading-edge vortex. 
Each of t h e  t h r e e  sets of vortex f l a p  conf igura t ions  changed t h e  wing flow 
f i e l d  s i g n i f i c a n t l y .  
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G-EDGE VORTEX FLAP TEST CONDITIONS~ 
a ~ n g l e - o f - a t t a c k  range var ied  from 6" t o  20°. 
%3inge gap f i l l e d  i n  w i t h  modeling c lay .  
Dye orifice 
lacation 
Figure 1 .  Schematic o f  f l a p  planforms and dye  o r i f i c e  l o c a t i o n s .  
P iguse  2.  FJow visualization facility 
test section, 
Figure 3 .  Three-view drawing o f  2'-106A model with overall  dimensions. 
Figure 4 Typical cr~ss-sectb g edge a d  ii 
B o l  t-on %Jap 
F i g u r e  5 .  R e s u l t s  from t h e  f u l l - s p a n  g o t h i c  v o r t e x  f l a p  test  w i t h  f l a p  
d e f l e c t e d  30' ( t o p  v i e w ,  l e f t  w i n g ) .  
Figure 6, Results from the f u l l - s p a  untagered vortex flap test w i t h  %lap 
deflected 50" (tog view, left w i n g ) .  
flected 
- -  - (top v i e w ,  l e f t  w i n g )  
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